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SUMMARY
This study was conducted to provide a comprehensive description of the
phenomena affecting aerothermal heating of manned vehicles traveling
in the atmosphere at superorbital velocity. It has culminated with
the development of techniques for prediction of heating and for inter-
pretation of heat sensor measurements. This report presents a review
of the phenomenological studies and a discussion of analysis methods.
Application of the prediction techniques is also illustrated. The
results have direct application to the Apollo Command Module.
The problem of describing the aerothermal environment is a fomidable
one, involving consideration of many complex, interacting processes.
The phenomena governing the inviscid flow, radiative heat transfer,
and convective heat transfer have been investigated. Consideration is
given to the effects of non-equilibrium chemistry, radiative energy
transport, mass injection and flow asymmetry in analysis of the shock-
layer conditions. The influence on radiative heat transfer of energy
loss, spectral absorption, and flow contamination by ablation products
is examined. The dependence of convective heating on chemical-reaction
kinetics, shock generated vorticity, mass transpiration, heterogeneous
surface reactions_ boundary-layer transition, and flow separation is
assessed. The most important of these phenomena are identified and
prediction techniques accounting for their effects are formulated after
review of the existing theory and experimental results. A series of
computer programs which may be used for detailed calculations of the
aerothermal environment or for routine heating history computations are
presented.
The results obtained for Apollo reflect the importance of energy loss
and self-absorption on radiative heating. The influence of ablation
v
LOCKHEED MISSILES & SPACE COMPANY
product injection on radiative energy transport appears to be small, but
the effect on convective heating is major. Flow asymmetry and boundary-
layer transition also e:<ert large influence on the convective heating.
Verification of predictions by in-flight measurement of the actual heat
transfer is highly desirable. Ideally, this may be accomplished by
mounting calorimeters on the heat shield. In practice, sensor design
and data interpretation problems arise. Installation of a sensor in an
ablating heat shield disturbs the homogeneity of the surface conditions
and thus the heating sensed by the calorimeter differs from that to the
surrounding heat shield. Furthermore, sensor output is perturbed by
internal heat exchange.
The factors affecting heat transfer measurements are delineated in this
report. Procedures are presented for a first order estimate of the
effects on sensor heating due to the streamwise variations in surface
temperature and the discontinuities in surface mass injection and wall
chemical reactivity. The thermal performance characteristics of both
capacitance and as_nptotic type calorimeters are analyzed and theoretical
models for characterizing their response under transient, non-unifom
heating conditions are presented. Automated procedures for reduction
of data to be obtained in Apollo flight tests are given.
vi
LOCKHEED MISSILES & SPACE COMPANY
ACKNOWLEDGEMENTS
The authors wish to express their sincere appreciation for the many con-
tributions made by their associates in conduct of this study and in prep-
aration of the final report. Particular thanks are due to J. M. Lefferdo
for his aid in investigations of the inviscid flow field and convective
heat transfer; to W. D. Coleman for his work on theoretical modeling of
heat shield performance and heat sensor-environment interactions; and
to L. Gallagher for his effort in formulating and coding numerical schemes
for digital computer solution of the equations governing the aerothermal
environment. We are also grateful to P. J. Schneider for his support
and technical review of heat sensor performance analyses; to J. D. Weisner
and H. E. Goldstein for their respective work on absorption coefficients
and thermochemical properties; to W. E. Nicolet and A. C. Buckingham for
their work on non-equilibrium radiation; and to H. Hoshizaki for his
many helpful suggestions. Acknowledgement is given to C. J. Lambert and
D. W. Gillette for their support in performing the computations and pre-
paring illustrations.
vii
LOCKHEED MISSILES & SPACE COMPANY

CONTENTS
Section Page
FOREWORD
SUMMARY
ACKNOWLEDGEMENTS
ILLUSTRATIONS
TABLES
INTRODUCTION
i.i Study Objectives
1.2 Study Scope
1.3 Technical Approach
l.h Plan of Report
AEROTHERMAL ENVIRONMENT PREDICTION
2.1 Inviscid Flow
2.1.i Phenomenological Review
2,1.2 Prediction Techniques
2.1.3 Flow Field Results
2.2 Radiation Heat Transfer
2.2.1 Phenomenological Review
2.2.2 Prediction Techniques
2.2.3 Radiation Heating Results
2.3 Convective Heat Transfer
2.3.1 Phenomenological Review
2.3.2 Prediction Techniques
2.3.3 Convective Heating Results
2.h Afterbody Environment
2.h.l Phenomenological Review
2,h. 2 Prediction Techniques
iii
v
vii
xiii
xxi
i-i
1-2
1-2
I-3
l-h
2-1
2-2
2-2
2-8
2-33
2-_1
2-h2
2-h6
2-72
2-?8
2-?9
2-96
2-12h
2-128
2-128
2-132
ix
LOCKHEED MISSILES & SPACE COMPANY
2.5 Environmental Histories 2-138
2.5.1 Unified Calculation Procedure 2-139
2.5.2 Entry Heating 2-1hO
2.6 Summary 2-1hh
2.6.1 Conclusions 2-Ih%
2.6.2 Recommendations 2-ih8
References 2-151
Notation 2-172
Appendices
2A Spreading Coordinate 2A-I
2B Thermodynamics and Transport Properties 2B-I
2C Non-Equilibrium Effects 2C-I
2D Convective Heating with Three-Dimensional Flow 2D-I
2E Convective Heating with External Vorticity 2E-I
2F Empirical Criterion for Boundary Layer 2F-I
Transition
2G Performance Model for Heat Shield Material 2G-I
2H Mass Transpiration Effects on Convective Heat 2H-I
Transfer
2I Protuberance Effects on Convective Heat 2I-I
Transfer
AERODYNAMIC HEATING MEASUREMENT 3-1
3.I Calorimeter Environment 3-2
3.1.1 Phenomenological Review 3-2
3.1.2 Prediction Techniques 3-8
3.2 Calorimeter Performance 3-29
3.2.1 Slug Calorimeter 3-hl
3.2.2 Asymptotic Calorimeter 3-5_
3.3 Data Interpretation Techniques 3-6h
3.3.1 Prediction of Calorimeter Response 3-65
3.3.2 Prediction of Environment 3-69
3.3.3 Influence of Uncertainties 3-70
x
LOCKHEED MISSILES & SPACE COMPANY
3.h Summary
3.h.l Conclusions
3.h.2 Recommendations
References
Notation
.3-72
3-72
3-75
3-76
3-?9
xi
LOCKHEED MISSILES & SPACE COMPANY

ILLUSTRATIONS
Figure
I-I
1-2
1-3
l-h
2-1
2-2
2-3
2-2
2-5
2-6
2-7
2-8
2-9
2-10
2-11
2-12
General Configuration of Apollo Command Module
Apollo Trajectory I
Apollo Trajectory II
Apollo Trajectory III
Apollo Flow Field Characteristics
Influence of Non-Equilibrium on Thermodynamics State,
Trajectory IIl, Stagnation Point
Influence of Shock Density Ratio on Shock Layer
Thickness
Chemical History for Non-Equilibrium Flow, Altitude
200,000 Ft., Velocity 30,000 Ft./Sec.
Variation of Non-Equilibrium Zone Thickness with
Altitude
Boundary-Layer Displacement Thickness, Trajectory III,
Geometric Center
Ablation History of Heat Shield, Trajectory III,
Geometric Center
Mass-lnjection-Parameter History, Trajectory III,
Geometric Center
Geometry for Spreading Coordinate Calculation
Comparison of Surface Pressure Distribution Predictions
for a Hemisphere
Shock Layer Thickness and Surface Pressure Distribution
for Apollo, Ideal Gas Flow
Shock Layer Characteristics for a Spherically-Blunted
Body at 20 Deg. Angle-of-Attack
Page
1-8
1-9
i-I0
i-ii
2-179
2-180
2-181
2-182
2-183
2-18h
2-185
2-186
2-187
2-188
2-189
2-190
xiii
LOCKHEED MISSILES & SPACE COMPANY
2-13
2-14
2-15
2-16
2-17
2-18
2-19
2-20
2-21
2-22
2-23
2-24
2-25
2-26
2-27
2-28
2-29
2-30
2-31
2-32
2-33
2-34
2-35
2-36
2-37
2-38
Predicted Shock Layer Conditions for Apollo, Velocity
35,000 Ft./Sec., Altitude 200,000 FL.
Shook Configuration in Plane of Symmetry
Influence of Flight Condition on Shock Layer Flow
Profiles, Geometric Center of Apollo
Spreading Coordinate for Apollo, 25 Deg. Angle-of-Attack
Influence of Energy Losses on Shock Layer Conditions
Apollo, 25 Deg. Angle-of-Attack
Influence of Uncertainty in Stagnation Point Location
Influence of Spreading Coordinate
Radiation Regimes
Influence of Radiative Energy Loss on Shock Layer
Radiation
Absorption Coefficient of Heated Air
Equilibrium Composition of Boundary Layer
Apollo Boundary Layer Profile with Injection of Ablation
Products
Absorption Coefficient for the Contaminated Boundary
Layer
Stagnation Point Heat Flux
Spectral Stagnation Heat Fluxes
Stagnation Region Shock Layer Thicknesses
Stagnation Region Flow Profiles
Spectral Stagnation Heat Fluxes, Six-Band Model
Apollo Stagnation Point Radiation
Apollo Shock Layer Optical Thicknesses, Two Bands,
Stagnation Region
Apollo Radiation Loss Parameter
Apollo Radiation Loss Parameter
Apollo Stagnation Point Radiation
Apollo Configuration and Surface Pressure Distribution
Optical Thickness Distribution for Apollo, Two Bands
Total Heat Flux Distribution for Apollo, Two Bands
2-191
2-192
2-193
2-196
2-197
2-198
2-199
2-200
2-201
2-202
2-203
2-204
2-205
2-206
2-207
2-208
2-209
2-210
2-211
2-212
2-213
2-214
2-215
2-216
xiv
LOCKHEED MISSILES & SPACE COMPANY
2-39
2-40
2-41
2-42
2-43
2-44
2-45
2-46
2-47
2-48
2-49
2-50
2-51
2-52
2-53
2-54
2-55
2-56
2-57
2-58
2-59
2-60
High Frequency Heat Flux Distributions for Apollo, 2-217
Two Band Model
Low Frequency Heat Flux Distributions for Apollo, 2-218
Two Band Model
Temperature Profiles for Apollo, S/Rma x = 0.25 2-219
Temperature Profiles for Apollo, S/Rma x = 1.61 2-220
Effect of Altitude on Total Heat Flux for Apollo, 2-221
Two Band Model
Comparison of Two-Band and Six-Band Heat Fluxes, Apollo 2-222
Optical Thicknesses Distribution, Apollo, Six-Band Model 2-223
Effect of Pressure Distribution and Absorption Coeffic- 2-224
ients on Apollo Heat Flux
Outer-Edge Conditions for Apollo Boundary Layer 2-225
Inner-Edge Conditions for Apollo Boundary Layer 2-226
Influence of Flow Geometry on Apollo Convective Heating 2-227
Distribution
Characteristics of Protuberance - Boundary Layer 2-228
Interaction
Comparison of Vorticity Interaction Solutions 2-229
Influence of Shock-Generated Vorticity on Apollo Heating 2-230
Limiting Effects of Wall Catalycity on Apollo Heating 2-231
with Chemically Frozen Boundary Layer
Damkohler Numbers for Apollo Boundary Layer 2-232
Extent of Departure from Chemical Equilibrium 2-233
Influence of Non-Equilibrium on Apollo Heating with a 2-234
Highly Catalytic Wall
Ablation Product Injection History, Geometric Center, 2-235
Trajectory III
Influence of Mass Injection on Apollo Heating 2-236
Influence of Radiative Energy Loss on Convective Heating, 2-237
Neglecting Absorption Effects
Comparison of the Effects of Mass Injection and Radiative 2-238
Energy Loss in Apollo Heating
xv
LOCKHEED MISSILES & SPACE COMPANY
2-61
2-62
2-63
2-66
2-67
2-68
2-69
2-70
2-71
2-72
2-73
2-74
2-75
2-76
2-77
2-78
Influence of Non-Similar Wall Conditions on Apollo
Heating
Comparison of Laminar and Turbulent Transfer Rates for
Apollo
Turbulence Pattern for Several Assumed Transition
Reynolds Number
Influence of Transition Criterion on Total Heat Transfer
Variation of Transition Reynolds Number with Local
Mach Number
Transpiration Uncertainty
Correlating Functions for Foreign Gas Injection
Predicted Laminar Heating Distribution for Apollo at
Wind Tunnel Conditions
Influence of Flight Condition on Laminar Heat Transfer
Distribution
Influence of Shock-Generated Vorticity on the Heat
Transfer Distribution
Predicted Turbulent Heat Transfer Distribution for
Apollo at Wind Tunnel Conditions
Influence of Flight Conditions on Turbulent Heat
Transfer Distribution
Momentum Thickness Reynolds Number Distribution Factor
for Apollo
Transition Sensitivity to Altitude
Empirical Pressure Distribution for Afterbody, Windward
Side
Predicted Laminar Heat Transfer Distribution over
Apollo Afterbody
Influence of Free Stream Conditions on Convective Heat
Transfer Distribution over Apollo Afterbody
Turbulent Heat Transfer Distribution over Apollo
Afterbody, Windward Side
2-239
2-240
2-241
2-2_
2-245
2-246
2-247
2-248
2-249
2-250
2-251
2-252
2-253
2-254
2-255
2-256
xvi
LOCKHEED MISSILES & SPACE COMPANY
2-79
2-80
2-81
2-82
2-83
2-84.
2-85
2-86
2-87
2-88
2-89
2B-I
2B-2
2B-3
2B-h
2C-I
2C-2
2F-I
2F-2
2F-3
2F-4
2F-5
2G-I
2G-2
Computer Codes for Prediction of Environment 2-257
Influence of Entry Condition on Apollo Heating 2-258
Heat Transfer and Shield Ablation, Trajectory Ill, 2-259
Geometric Center
Heat Transfer and Shield Ablation, Trajectory IIl, 2-260
_/R N = 0.72
Heat Transfer and Shield Ablation, Trajectory llI, 2-261
= -0.93
Predicted Movement of Boundary Layer Transition, 2-262
Trajectory llI
Heat Transfer and Shield Ablation, Trajectory Ill, 2-263
Geometric Center, Laminar Flow
Predicted Total Heat Transfer for Apollo, Trajectory III 2-264.
Predicted Afterbody Heating Histories, Trajectory I 2-265
Influence of Mass Injection on Afterbody Heating 2-266
Heat Shield Response on Apollo Afterbody 2-267
Low-Frequency Air Absorption Coefficients 2B-12
High-Frequency Air Absorption Coefficients, Two Band Model 2B-13
N 2 Burge-Hopfield Band System Frequency-Dependent Factor 2B-14.
N Continuum Sprectral Absorption Coefficients, Six-Band 2B-15
Model
Location of Overshoot Region 2C-14.
Radiation Heating Data 2C-15
Comparison of Observed and Predicted Heat Rates, X-17 2F-5
Flight R-2
Apparent Boundary Layer Transition Times, RT_ X-17 2F-6
Vehicle, Flight R-26
Reynolds Number at Time of Boundary Layer Transition 2F-7
Influence of Roughness Ratio on Transition Reynolds Number 2F-8
Boundary Layer Conditions on Apollo Vehicle at Approxi- 2F-9
mate Time of Peak Heating
Specific Heat of a Typical Heat Shield Material and Char 2G-20
Enthalpy of a Typical Heat Shield Material and Char 2G-21
xvii
LOCKHEED MISSILES & SPACE COMPANY
2G-3
2G-h
2G-5
2G-6
2G-7
2G-8
2G-9
2G-IO
2H-1
2H-2
2H-3
2;{-4
2H-5
2H-6
2H-7
2H-8
2H-9
2H-10
2I-I
Thermal Conductivity of a Typical Heat Shield Material 2G-22
Enthalpy of a Typical Heat Shield Material Pyrolysis 2G-23
Gases
Specie Concentrations in a Typical Heat Shield Material 2G-24
Pyrolysis Gases
Heat of Decompe_tion of a Typical Heat Shield Material 2G-25
Experimental TGA Data for a Typical Heat Shield Material 2G-26
Arrhenius Correlation of TGA Rate Data for a Typical 2G-27
Heat Shield Material
TGA Data for a Typical Heat Shield Material 2G-28
Comparison of Air-Arc Test Data and Predictions 2G-29
Correlation of Foreign Gas Injection for Laminar Axi- 2H-18
symmetric Stagnation Point Flow
Comparison of Experimental and Theoretical Laminar Mass 2H-19
Transfer Cooling at the Axisymmetric Stagnation Point
Influence of Mass Injection and Its Distribution on 2H-20
Skin Friction
Influence of Pressure Gradient on Mass Transfer Cooling 2H-21
in the Laminar Boundary Layer
Correlation of Foreign Gas Injection 2H-22
Variation of Transformed Surface Coordinate for Apollo 2H-23
Vehicle in Plane of Symmetry
Effect of Air Injection on the Turbulent Stanton Number 2H-2h
and Recovery Factor
Influence of Pressure Gradient on the Mass Transfer Cool- 2H-25
ing in Turbulent Flow
Effect of Foreign Gas Injection on the Turbulent Stanton 2H-26
Number
Effect of Foreign Gas Injection on the Turbulent Heat 2H-27
Flux
Distribution of Interference Factors for a Protruding 2I-lO
Cylinder in Flat Plate Turbulent Flow
xviii
LOCKHEED MISSILES & SPACE COMPANY
2I-2
2I-3
3-1
3-2
3-3
3-2
3-5
3-8
3-9
3-10
3-11
3-12
3-13
3-1h
3-15
3-16
3-17
3-18
3-19
3-20
Correlation of Center Line Interference Factors for a 2I-ii
Protruding Cylinder in Flat Plate Turbulent Flow
Approximate Boundary Layer Characteristics on Apollo 21-12
Forebody
Calorimeter-Environment Interaction 3-83
Heat Transfer to Graphite Sensor 3-84
Decay of the Laminar Skin Friction Reduction Downstream 3-85
of the Transpiration Region
Decay of the Laminar Heat Transfer Reduction Downstream 3-86
of the Transpiration Region - Comparison with Exact
Solution
Influence of Upstream Injection on the Downstream Heat 3-87
Transfer
Influence of Upstream Injection on Non-Isothermal Effect 3-88
Qualitative Comparison of Actual and Approximate Com- 3-89
bustion Rates
Influence of Reaction Rate Discontinuity on Surface 3-90
Combustion
Calorimeter Characteristics 3-91
Ideal Aerothermal Heat Rate Sensors 3-92
Slug and Asymptotic Calorimeters 3-93
Temperature Measurement Disturbances 3-94
Corrected Heat-Flux History for Calorimeter Study Input 3-95
Calorimeter Geometry and Principle Temperature Calcula- 3-96
tion Points
Steady-State Effectiveness of Rhodium Shields 3-97
Instantaneous Calorimeter Surface Temperature Distribution 3-98
Instantaneous Temperature Distribution at @ = 60 Sec. 3-99
Sensor Data Reduction 3-100
Influence of Sensor Tabs on Temperature Response 3-101
Comparison of Approximate and Detailed Temperature 3-102
Solutions
xix
LOCKHEED MISSILES & SPACE COMPANY
3-21
3-22
3-23
3-24
3-25
3-26
3-27
3-28
3-29
3-30
3-31
Non-Isothermal Wall Effect on As_nptotic Calorimeter
Output
Non-Isothermal Wall Effect on the Heating Rate to an
Asymptotic Calorimeter
Non-Isothermal Wall Effect on the Temperature of an
Asymptotic Calorimeter
Heat Shield-Sensor Interactions
Calorimeter Temperature Response
Surface Erosion
Sensor Temperature Response
As_uptotic Calorimeter Response
Environment Prediction Uncertainty
Sensor Convective Heating Uncertainty
Sensor Temperature Uncertainty
3-103
3-10h
3-1o5
3-106
3-107
3-108
3-109
3-110
3-111
3-112
3-113
XX
LOCKHEED MISSILES & SPACE COMPANY
_B_S
Table
i-I
1-2
2-1
2-2
2-3
2B-I
2B-2
2C-I
2C-2
2G-I
2G-2
2H-I
3-1
Phenomena Affecting Aerothermal Environment
Phenomena Affecting Heat Transfer Measurement
Unit Conversion Factors
Radiation-Coupling Effect on Convection
Summary of Boundary Layer Investigations
Correlation Formula Coefficients, Air
Spectral Ranges and Absorption Processes for "Six-Band"
Model
Non-Equilibrium Characteristics of the Streamlines
Traced
Oscillator Strengths and Statistical Weights
Materials Properties
Comparison of Air-Arc Data - Surface Recession with
Prediction
Experimental Measurements of the Effects of Gas Injec-
tion on the Turbulent Heat Transfer
Assumed Calorimeter's Thermophysical Constants
Page
1-6
I-7
2-22
2-92
2-100
2B-IO
2B-6
2C-7
2C-I0
2G-18
2G-19
2H-17
J-82
xxi
LOCKHEED MISSILES & SPACE COMPANY

Section I
INTRODUCTION
The design of manned spacecraft for Earth return from lunar and planetary
missions is sensitively dependent upon the heating experienced during
atmospheric braking. Extreme heat loads may be experienced with resultant
high heat shielding weights. In order to insure design adequacy while
avoiding costly conservatism, procedures for realistic description of
the aerothermal environment are required. In addition, verification of
these procedures at simulated flight conditions or in actual flight
tests is necessary.
The flow about a vehicle traveling at superorbital velocity may be
influenced by a number of complex, interacting processes including
chemical-kinetic processes, radiative energy transport, and ablation
product injection. While extensive research has been performed on the
various phenomena, much of it has been highly specialized and as a
consequence the results cannot be easily adopted for engineering appli-
cations. On the other hand, the heat transfer prediction techniques
conventionally utilized in design analysis have neglected interacting
effects which may be of importance.
Experimental corroboration of heat transfer predictions cannot at present
be completely achieved in ground tests because of facility limitations.
Thus some reliance must be placed on flight measurements. The sensing
instruments must be carefully designed to afford credible data. Further-
more, daha interpretation procedures accurately accounting for any local
environmental perturbations must be formulated. These tasks are diffi-
cult when the sensor is mounted in an ablative surface.
i-i
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i •i STUDY OBJECTIVES
Two major objectives were pursued during this study. The first objective
was to conduct a detailed investigation of the aerothermal environment
experienced by manned spacecraft during atmospheric entry. Phenomena
not previously considered and problem areas lacking reliable analysis tech-
niques were to be studied. Results of theoretical and experimental
research were to be adapted for design analysis application. The second
major objective was to formulate techniques for reduction of flight-
test heat-sensor data. A comprehensive analysis of the interactions
between heat-flux sensors, the surrounding heat shield material, and
the aerothermal environment was to be performed.
1.2 STUDY SCOPE
The scope of this study and guidelines for its conduct were established
by the NASA Manned Spacecraft Center. Study results were to be
oriented toward the Apollo Command Module. The intent was to obtain
realistic representations of the inviscid flow field, the convective
heat transfer, and the radiative heat transfer for Apollo. Also, the
performance characteristics of heat sensors which will be used on
Apollo test vehicles were to be described.
The general configuration of the Apollo Command Module is shown in
Fig. i-i. Angle-of-attack of the vehicle during atmospheric entry was
prescribed as 25 deg. Three trajectories, which are illustrated in
Figs. 1-2 to 1-4, were provided for use in the study. Trajectory I
is representative of early development-test flights and is character-
ized by relatively low entry velocity. Trajectories II and III, res_
pectively, correspond approximately to the undershoot and overshoot
extremes anticipated upon lunar return. The flight paths are quali-
tatively the same for the three trajectories, but the velocity-altltude
conditions differ substantially. In subsequent discussions of these
1-2
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trajectories, the time from initial atmospheric entry to the point of
maximum altitude will be referred to as the pullout period and the
remaining time period will be termed the final descent phase. Primary
attention will be given to conditions existing during the pullout period
since most of the heating is accomplished during that phase of flight.
Two distinct calorimeter designs were provided for analysis. One is of
the slug or capacitance type and will be used on the forebody where
heating is relatively high. The other is an asymptotic calorimeter
intended for afterbody heating measurement. These calorimeters are
subsequently described in detail.
The various effects which have been investigated in study of the aero-
thermal environment are summarized in Table i.i. These include most of the
known phenomena which might be of consequence at flight conditions where
heating is significant. The interactions treated in evaluation of heat
sensor performance and in formulation of data interpretation procedures
are listed in Table 1-2.
i. 3 TECHNICAL APPROACH
The prediction of vehicle heating at superorbital speeds is a formidable
task involving many disciplines. A rigorous accounting for the effects
of all active phenomena is precluded at present by deficiencies in the
relevant theory and fundamental data. However, it should be possible to
obtain an adequate description of the environment by considering only
the more important phenomena and by introducing suitable approximations.
With this philosoph_ initial effort in study of the aerothermal environ-
ment was made to delineate the important flight regimes. Then, a
critical assessment of the influence of each of the phenomena was made
using theoretical estimation techniques and existing experimental data.
1-3
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Upon selection of the phenomena warranting attention in heating predic-
tions, a comprehensive review of available research work was conducted
to determine the utility of existing information and methods. While all
important phenomena have been subjected to some theoretical or experi-
mental study, a unified procedure for calculating the flow field and
wall heating has not yet been approached. Means of accounting for
the various effects were selected from the available work for direct
application or adaptation where possible. Where this was not
expeditious_ or where this would require neglect of significant inter-
actions, new techniques were formulated. The choice of methods was
guided by the considerations of reliability and computational ease.
The adopted prediction techniques were sufficiently complex so as to
require a high degree of automation in their application. To this end,
all major computations were coded for digital computer solution. The
resulting programs were validated by comparison of predictions with
experimental data and/or specialized theoretical solutions when such
information was available. Finally, the prediction techniques were
exercised for representative Apollo entry trajectories to demonstrate
their use.
The investigation of the heat-transfer measurement problem followed
along parallel lines. First, the various interactions influencing
sensor heating were delineated and procedures were developed to account
for the important effects. The performance characteristics of specific
sensor designs were then analyzed in detail to establish measurement
error sources. Based upon these results_ design modifications intended
to minimize interactions and improve data quality were recommended. An
uncertainty analysis was conducted to determine the approximate accuracy
to which heat flux could be determined. Having tentatively established
the feasibility of obtaining useful information, automated techniques
for interpreting flight data were developed. Application of these
methods was illustrated for reoresentative heating conditions.
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I.L PLAN OF REPORT
The major results of the study are given in two sections, one dealing
with prediction of the environment and the other with measurement of
heating. Each is essentially self-supporting and contains final con-
clusions and recommendations in the subject area as well as a discussion
of analysis procedures. The computer programs which have been developed
are described in a separate volume.
1-5
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Section 2
AEROTHERMALENVIRONMENTPREDICTION
The problem of predicting the heating experienced by mannedspacecraft
during atmospheric entry at superorbitalvelocity is examined in this
section. The phenomenainfluencing heat transfer are identified and their
relative importance is assessed. Analysis procedures accounting for the
major effects are developed and then applied for representative reentry
situations to indicate the character of the aerothermal environment.
Considered first is the inviscid, shock-layer flow since its description
is prerequisite to evaluation of heat transfer. Perturbations to the flow
resulting from non-equilibrium flow chemistry, radiative energy transport,
and massinjection are examined. An approximate, numerical procedure
for solution of the flow field about a vehicle at angle-of-attack is devel-
oped and qualified by comparison of results with existing data.
Radiative heat transfer is discussed next. Various regimes are delineated
according to the importance of non-equilibrium, radiative energy loss,
and self-absorption effects. The effects of injection of ablation products
are quantitatively assessed. Theoretical meansfor computation of the
radiative heat transfer with non-adiabatic flow of non-grey, absorbing
gases are formulated. Semi-empirical procedures for determining the non-
equilibrium contribution are presented.
Consideration is then given to convective heating and its dependenceon
shock-induced vorticity, mass transpiration, transition, surface chemical
reactions, and surface contour irregularities. Both experimental and
theoretical results are reviewed in selection of suitable procedures for
predicting the convective heat rate.
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Afterbody heating is treated separately since the influencing phenomena
are in part distinct from those of the forebody. Flow separation is con-
sidered in analysis of base region convective heating and contaminated
wakes are considered for base radiation.
The environmental investigations and the results presented are directed
specifically toward the Apollo Command Module application. The fundamental
analysis techniques have a relatively wide range of application, but in
some instances the computational procedures have been specialized for the
Apollo. The results presented are sensitively dependent upon the coupled
ablation behaviour of the heat shield material. A theoretical performance
model and properties data for the assumed heat shield material, which is
considered representative of that for Apollo, are presented in Appendix 2G.
2.1 INVISCID FLOW
The characteristics of the shock layer enveloping a vehicle entering the
atmosphere at superorbital speed are dependent upon a complex of interact-
ing physico-chemical processes. This section examines the relative influ-
ence of the governing phenomena and develops an approximate technique for
prediction of the inviscid flow field. Results are presented which typify
conditions existing during Apollo reentry. Consideration is given to flow
geometry and the effects of chemical non-equilibrium, radiative energy
transport, and mass injection.
2.1.1 Phenomenological Review
A number of environmental regimes are experienced during the course of
Apollo reentry. In the initial descent, non-continuum conditions will at
first prevail. When a bow shock forms, the inflowing air will attain
energies sufficient to cause dissociation and ionization. The extent and
rate of these reactions will vary with altitude and velocity. As the
vehicle penetrates to the less tenuous regions of the atmosphere, radia-
tive energy transport will significantly affect the flow. Mass injection
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from the ablating surface of the vehicle may further perturb the flow field.
For the present considerations, attention may be restricted to the continuum
flow situation, but an assessment of the effects of finite rate chemistry,
radiation, and mass injection must be made.
General Characteristics
It is of interest first to examine the general characteristics of the
Apollo flow field. Because the vehicle operates at relatively large
angle-of-attack in order to attain the desired lifting characteristics,
the shock-layer flow field is highly asymmetric. Experimental obser-
vations of the flow show the characteristics schematically presented in
Fig. 2-1. The detached shock wave, together with the body surface, bounds
the region of interest. Asymmetries in the bow shock, streamline pattern,
and flow separation position are particularly notable. Flow over the
forebody is largely subsonic as indicated by the sonic line positions.
The stagnation point is not located at the Newtonian position. On the
lee side, flow separation occurs in the corner expansion whereas the flow
remains attached along the top surface resulting in a complex base flow
geometry. The separating streamlines enclose a recirculating flow in
which both velocity and pressure are low. A free shear layer divides
this recirculation region from the external inviscid flow. The wake is
formed where the free shear layer coalesces.
It is necessary, in principle, to describe local gas state and flow velocity
throughout the complete region in accomplishing the flow field solution.
In practice, a number of approximations can generally be introduced.
Here, emphasis will be given to the forebody region, and the possibility
of treating the shock layer as an inviscid flow in chemical equilibrium
will be examined.
Non-Equilibrium Effects
For high flow energies, appreciable change in air composition may occur
in compression or expansion processes. If the flow times are not large
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with respect to the times required for chemical reaction the gas mixture
will deviate from an equilibrium composition. Examples of the effects for
blunt-body flows are given in Refs. 2.1 - 2.3. Non-equilibrium may occur
as a result of the sudden compression at the bow shock or as a consequence
of the rapid expansion around the body shoulder. The sudden compression
is of primary concern in considering flow over the Apollo forebody.
The detached shock wave may be considered for the altitudes of interest
to be a surface where flow conditions change discontinuously. The Rankine-
Hugonoit equations together with appropriate thermodynamic state relations
enable evaluation of this change. In examining non-equilibrium effects,
it may be assumed that immediately behind the shock front only molecular
oxygen and nitrogen will be present. Subsequent collisions between parti-
cles will cause dissociation, ionization, and other chemical processes as
the gas tends to approach an equilibrium composition. At Apollo velocities,
this chemical equilibrium composition will be markedly different from the
initial molecular mixture. Figure 2-2 compares two of the state conditions,
density and kinetic temperature, for the molecular and chemical equilibrium
compositions. These data were computed for the stagnation streamline and
are presented as a function of time in Trajectory III. Temperatures for
the non-equilibrium mixture of molecular oxygen and nitrogen exceed the
equilibirum temperature by a factor of about 3 whereas the density is
somewhat less than the equilibrium value. Clearly, the influence of non-
equilibrium on local state conditions is very significant.
Non-equilibrium may also influence the streamline pattern and shock stand-
off distance. The shock layer thickness depends almost linearly on the
ratio of free stream density to the average shock layer density. The
relation is graphically shown for a hemisphere in Fig. 2-3. Thus, if the
flow remains far out of equilibrium for appreciable distances behind the
shock wave, it can be expected that the shock layer will be thickened
significantly. At very high altitudes, the approach to equilibrium will
be slow and the flow may be considered to be frozen at its initial composition.
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At lower altitudes, the collisions between particles become more frequent
and the chemical equilibrium composition may be reached. Flight velocity
also affects the rate of equilibration. The non-equilibrium distance will
decrease with increasing velocity as discussed in Section 2.2. Figure 2-h
shows the actual variation of the composition along a streamline entering
the shock-layer near the geometric center of the vehicle. The results
are for an altitude of 200,000 ft and were obtained from Refs. 2.2 and 2.h.
They show that equilibrium is approached in a relatively short distance,
about 0.i ft, at this altitude.* Noting that the streamline obliquely
intersects the shock wave, the local thickness of the non-equilibrium zone
is determined to be about 0.03 ft. This compares with a total shock thick-
ness of ab_it 0.8 ft and thus the non-equilibrium zone composes a rela-
tively small portion of the shock. This result may be used to infer condi-
tions at other altitudes as well. The time required for equilibration
is, to a first approximation, linearly dependent on the collision rate.
Since this rate is proportional to the density, the non-equilibrium thick-
ness should vary inversely with the free stream density. The variation
is shown in Fig. 2-5. For alb_tudes below 200,000, where most of the re-
entry heating is experienced, the non-equilibrium thickness will be rela-
tively small. Flow chemistry will differ significantly from equilibrium
only in a narrow region immediately behind the shock-layer.
It is concluded that for the flight regime of primary interest the effects
of non-equilibrium on the gross characteristics of the shock layer may
be neglected. Surface pressure distribution, shock configuration, and
shock-layer velocity profiles may be determined assumingequilibrium chem-
istry. Then, for the remainder of the flow-field discussion, the flow
will be assumed to be in chemical equilibrium. Although the shock layer
flow pattern will be well represented under this assumption, it should
* Since the equilibrium composition is approached asymptotically, a precise
definition of the non-equilibrium zone is not possible. Here, the non-
equilibri_n zone is considered to be that region where the concentration
of the major constituents (e.g., atomic nitrogen and oxygen and nitrogen
ions) differs by more than a factor of two from the equilibrium value.
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be noted that the results may not suffice for such purposes as evaluation
of radiation or electro-magnetic signal attenuation. For example, even
when the non-equilibrium zone is relatively thin, the extremely high tem-
peratures in this zone may promote significant increases in radiation.
This aspect of non-equilibriumwill be examined in Section 2.2.
Viscous Effects and Mass In_ection
The velocity and temperature field in the immediate vicinity of the body
surface will be significantly perturbed by viscous effects. These pertur-
bations will in turn cause some degree of warping, or displacement, of the
external flow. If the displacement is small, shock-layer conditions out-
side the viscous layer may be evaluated considering the complete flow to
be inviscid.
Elementary boundary layer theory indicates that the displacement thickness
will be dependent on theReynolds number, local pressure gradient, wall
cooling ratio, and flow Mach number. For the relatively high Reynolds
numbers, favorable pressure gradients, and strong wall cooling existing
for Apollo during the period of interest, relatively thin boundary layers
would be expected. This is borne out in Fig. 2-6 where the computed dis-
placement thickness for the geometric center is shown. These results
neglect any influence of mass injection, however, and Kaattari has experi-
mentally shown in Ref. 2.5 that gaseous products of heat shield ablation
can have significant effects on the shock layer.
A predicted mass injection history for the geometric center location is
shown in Fig. 2-7. In this case, which corresponds to Trajectory III,
the mass injection history roughly follows the radiation heat transfer
history. Mass injection rates are sufficiently high so that the thermal
boundary layer is "blown-off" the surface at the early times. During
this period the primary means of accelerating the injected gas around the
body is pressure gradient rather than viscous forces. Under these condi-
tions, Kaattari's results indicate that the displacement thickness when
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ratioed to the unperturbed shock layer.thickness varies in almost linear
fashion with the parameter_/_-_. The magnitude and variation
of this parameter during Apollo reentry is described in Fig. 2-8. In order
to place the results in proper perspective, they are plotted as a function
of the instantaneous heat rate rather than the time. The parameter is
maximum at low heat rates (early times) when the surface strata of the
heat shield begins to decompose. The shock layer thickness would be
increased by as much as lO0 percent at these times according to the results
of Kaattari. During the important period of high heating the value of the
parameter is much smaller and relatively minor effects of mass injection
would be expected. While the exact magnitude of the thickness increase
is uncertain, it can be concluded from the experimental correlation that
the perturbation is sufficiently small to neglect.
In summary, an examination of viscous effects including mass injection
indicates that the shock layer flow may be treated as inviscid for the
important time period.
Radiation Effects
At high velocities, radiative emission may result in appreciable loss
of energy from the shock-heated air flowing over the body. Temperature
of the shock layer is thereby reduced with consequent alteration of the
density and velocity fields. These effects have been examined by a number
of investigators. It has been shown that the shock detachment distance
may be significantly decreased by energy losses. Conversely, pressure
distribution is little affected.
The radiative heat transfer for Apollo is discussed in detail in Section
2.2. Energy loss is determined to be appreciable and therefore an account-
ing for the aforementioned effects is desirable in description of the
flow field.
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2.1.2 Prediction Techniques
An adequate description of the Apollo shock layer will require a three-
dimensional flow field solution. The foregoing review indicates that
non-equilibrium and viscous effects may be neglected for the important
altitude-velocity regime. Radiative energy loss effects should be
accounted for, however.
The relations governing the flow are stated in this section. Alternative
techniques of solution are examined and an approximate computation pro-
cedure is described.
State-of-the-Art
The conservation equations for the flow about blunt bodies at angle-of-
attack are simply stated. However, their solution is a formidable task
due to number of independent variables involved and to the form of the
boundary conditions. Until recently, no rigorous numerical formulations
of the problem were available. Semi-empirical techniques have therefore
been relied upon to a great extent.
A relatively simple procedure for estimating the shock configuration and
stagnation point location for spherically-blunted bodies has been devised
by Kaattari (Ref. 2.6). In this technique, the normal shock density ratio
and a simple angle-of-attack function are used as parameters in an empiri-
cal correlation. The method yields results in good agreement with experi-
mental data for low velocity flows. Considering the approximations involved,
the technique works very well. It apparently may be used to obtain a
reasonable first approximation on shock shape and surface pressure distri-
bution. The procedure affords little information on velocity and density
fields, however.
Swigart (Ref. 2.7) has extended an inverse method for application to asym-
metric flows over blunt configurations. Flow variables are expanded in
power series about the shock wave axis of symmetry and about zero angle-
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of-attack. Swigart's work indicates that the maximum entropy streamline
will in general not wet the surface. Instead, the stagnation streamline
will emanate from the oblique portion of the shock. His procedure is
valid only for relatively small angles-of-attack since the shock is assumed
symmetric and since only first order terms in angle-of-attack are retained.
A genuine three-dimensional formulation of the indirect method has more
recently been accomplished by Webb and Dresser (Ref. 2.8). The numerical
procedure has been successfully applied for several distinct asymmetric
flow configurations with real gas properties being used.
The method of integral relations has been applied to the blunt body at
angle-of-attack by Waldman (Ref. 2.9). A single strip is used to represent
the shock layer and the solution is restricted to the plane-of-symmetry.
Difficulty is encountered where discontinuity in surface curvature occurs.
A numerical scheme for direct solution of the transient flow equations
has been developed by Bohachevsky (Ref. 2.10). The quasi-steady flow
field for a three-dimensional body is obtained in the limit as time
increases. The technique provides a powerful tool for evaluation of a
wide variety of flows. It has been exercised for a configuration simulat-
ing that of the Apollo, but only for low velocity conditions.
Of these various methods, the inverse technique of Webb and Dresser and
the direct, time dependent solution of Bohachevsky appear superior. They
both afford means for determining in detail the complete three-dimensional
flow field. However, they require large computation times even with fairly
coarse space grids and they are subject to truncation errors.
Analysis Approach
A means for efficiently obtaining realistic representations of the shock-
layer - flow field was sought in this study. In particular, a technique
which would rapidly yield data sufficient to describe quantitatively the
dependence of convective and radiative heat transfer was desired. The
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procedure must then account for angle-of-attack effects and should account
for radiative energy loss effects.
Evolution of a technique for calculation of the complete, three-dimensional
field was beyond the scope of this study. Consideration has therefore
been given to the plane of symmetry where problem complexity is reduced.
A streamtube calculational procedure was adopted since it lends itself
to evaluation of radiation effects while providing detailed flow profiles.
An additional consideration in this selection was the existence of a
rudimentary streamtube code which could be modified to incorporate the
desired capabilities.
To obtain a tractable solution for the plane of symmetry and to increase
computational efficiency, approximations have been introduced in the
problem formulation. These approximations are subsequently identified
and the influence of the more important are examined.
The conservation equations are first written in an orthogonal, curvilinear
co-ordinate system. They are then specialized for the case of negligible
cross flow. At this point attention is focussed on the plane of symmetry
and the streamline pattern in that vicinity is examined. Next the stream-
tube calculation procedure is described. Finallz approximate integral
solutions for the stagnation region, which cannot be adequately treated
by the streamtube method, are obtained.
Flow Field Equations
The differential equations expressing conservation of mass, momentum,
and energy are written in an orthogonal system of curvilinear co-ordinates
(s, n, y) with the surface y = 0 coincident with the body surface. The
element of length,_, is related to the co-ordinates by
The shock layer is assumed physically thin (thickness small with respect
to local body radius of curvature) so that the length parameters h, and
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h 2 are functions of s and n only. The velocity components in the s, n,
and y direction, respectively, are u, w, and v. The normal velocity v is
assumed small so that the conservation equations are
(2.1)
/ 9 _z_/J -- / aP
4-/;_ a/Z _ (2._)
_, -_+,T_ ÷_ : (2.5')
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where the last term in the energy equation, 4/_ represents the
- p '
local rate of radiative emission per unit mass. For solution of these
equations, a simple boundary condition, v = 0, is available at the body
surface. The remaiuing boundary conditions are provided at the shock wave
surface by the Hugonoit relations and free stream conditions. It is the
unknown location of the shock surface which causes difficulty in the flow
field solution. The system of equations and boundary conditions can be
solved, but only with great effort for the asymmetric flow field.
The problem complexity is reduced if the assumption of negligible cross-
flow is introduced. (This assumption implies that all streamlines passing
directly above any body station are aligned when projected onto the local
body-surface tangent plane.) With this assumption the conservation relations
are simplified by choosing the s co-ordinate to correspond with the stream-
line direction. A particular streamline may be followed by letting the
orthogonal co-ordinate, n, remain constant. For this situation the length
parameter hl, has a value of unity and the conservation equations become*
(see Ref. 2.11, for example)
o (2.6)
U a u" +/,b,..__ 1 / aPf = - _ S
(2.7)
_, arm +_m.a___ _ x..u_= '
(2.8)
a/¢ _ (2.9)
Because of the prior assumption of small nounal velocity, the term K uv
conventionally appearing in the tangential momentum e_ation is not
contained. This term is of relative order_ (where _ is the shock
wave density ratio,_/_ ) and thus its omission does not lead to
significant error.
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The equations are in exactly the form for axially symmetric flow except that
the length element h 2 replaces the radial co-ordinate. This length element
is simply a measure of the streamline divergence (i.e., distance between
streamlines). It will be termed the spreading co-ordinate in this discus-
sion. The means for its evaluation are developed in Appendix 2A. A brief
review of the pertinent relations is given here.
In order to accomplish a solution of the foregoing equations an auxiliary
expression for the spreading co-ordinate must be supplied, and for this
purpose the pressure gradient in the direction tranverse to the streamlines
must be estimated. Attention is directed to the plane of symmetry where a
tractable solution may be obtained. Noting that the Apollo consists of a
spherical segment as indicated in Fig. 2-9, it will be assumed that along
any line formed by the intersection of the body surface and a meridianal
plane the pressure varies as the cosine squared of the angle between the
local surface normal and the free stream velocity vector.
(2.10)
: C°Sz _ Z-'O
This assumption is justified by the available experimental data. The
streamline path may then be determined by solution of the familiar normal
pressure gradient relation
(2.ll)
where R is the radius of curvature of the streamline in the plane of the
s
_P
surface and _ is the pressure gradient in the plane of the surface
normal to the streamline direction. For streamlines close to the plane
+d-L
of symmetry
(2,12)
where z is the distance from the plane of symmetry and Ec is the surface
radius of curvature.
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where _ is the angle in the plane of the surface between the streamline
and the meridianal plane (see Fig. 2.9). For small Z , this angle is
The pressure gradient in the meridianal direction is from the assumption
of Eq. (2.10)
where eB is the local surface inclination at the plane of symmetry and
Pt is the stagnation pressure. Thus, from Eqs. (2.11) through (2.15),
- COS_g-I- (2.16)
The co-ordinate _ is equivalent to the spreading co-ordinate for stream-
lines close to the plane of symmetry.
(Equation (2.16) and the conservation equations are linear in the Z or
h co-ordinate and hence the magnitude of this co-ordinate is arbitrary
insofar as the flow field solution is concerned.) Therefore Eq. (2.16)
is the auxiliary relation for the spreading co-ordinate required in solu-
tion of the conservation equations. It will be evaluated by integrating
along the surface streamline.
It is convenient to solve the mass, tangential momentum, and energy conser-
vation equations using a streamline co-ordinate system. The transformation
to this system is accomplished by first defining a stream function, _ ,
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which satisfies the continuity equation. It may be seen from inspection
of Eq. (2.6) that such a function is, in terms of its derivatives
= (2.17)
Thus, the stream function at any location within the shock layer is simply
Q
(2.18)
and at the shock surface the function is*
(2.l?)
where ri is the radial distance from the stagnation point. The stream
function is constant along any streamline and thus it serves to identify
the particular streamline. Equating (2.18) and (2.19) then yields a rela-
tion for the y position at any surface station of the streamline entering
the shock layer at radial position r..
1
0 0
(2.20)
This is the continuity equation to be used in the streamtube calculation.
* This result is obtained in integration of Eq. (2.17) by noting that for
constant y immediately ahead of the shock wave, _y_d_:zf_dr.
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The desired form of the tangential momentum and energy equations is obtained
by introducing the substantial derivative defined below
D
This derivative expresses the rate of change of a flow parameter with
time as the fluid moves along a streamline. Alternatively, it can be
considered for the present steady flow situation as the rate of change
of the flow parameter with distance
along a streamline. In the substantial
derivative _ is the total velocity and
is the distance traversed along the
streamline. The relation between the
streamline and body-oriented quantities
is depicted in the sketch.. It may be
seen that
Or -
J
and thus the substantial derivative may be alternatively expressed in the
body-oriented co-ordinate system as
(2.21)
The subscripts are used to distinguish the direction in which change is
to be measured. Thus, on the right hand side of the equation the partial
with respect to s denotes rate of change with surface distance at constant
y. In the center, the partial with respect to s denotes the rate of change
with surface distance at constant _ (or rate of change along a streamline
per unit surface distance). The required tangential momentum and energy
equations are obtained by substituting the substantial derivative of
Eq. (2.21) in Eqs. (2.7) and (2.9). The results are:
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u-_y- p _s
(2,22)
(2.23)
The normal momentum equation is unchanged from the form of Eq. (2.8),
except that the lead term is omitted to simplify integration. (No signif-
icant error is incurred by this approximation since the neglected term,
_-_--_-is of relative order C.) The differential relation is
aS
.','--@-)® .o' _afZ/" _ KMz= _F (2.2_)
Equations (2.21) through (2.24), together with Eq. (2.16) for the spread-
ing co-ordinate, suffice for solution of the shock layer flow when they
are supplemented by the following boundary conditions and an equation of
state.
At the shock surface*
_.= ,..,,,,,..,,",,.,,,,_ _ (,,.,,-e) *¢
(,,-c),4c:.,.-,,,.,-
Because the local shock angle is not initially defined, these boundary
conditions are ill-posed and a non-iterative solution of the conservation
_ The thin shock layer approximation is used for the normal velocity, v.
i
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equation becomes impossible. The following subsection develops a succes-
sive approximation technique for solution of the direct problem.
Streamtube Flow Field Calculation
The foregoing differential conservation equations have been expressed in
finite difference form and incorporated in a digital computer code for
numerical calculation of the shock layer flow field. Operation of the
code, which is designated as STREAMTUEE, is discussed in Volume II.
Formulation of the difference equations is described here.
The shock layer is represented by a network composed of streamlines and
lines normal to the body surface, as indicated in the sketch below.
The normal lines are spaced at even intervals along the body surface.
A stream line enters the shock layer at each location where a normal line
intersects the shock surface. The surface normals are numbered in order
l, 2, 3, ..... K, proceeding from the stagnation region. The stream
lines are also numbered in order l, 2, 3, 4, ..... j. The first
2-18
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normal is removed a small distance from the stagnation point in order to
avoid singularities in the solution. The relative coarseness of the grid
in the stagnation region will introduce local inaccuracy in results. For
this reason, an approximate integral solution which will subsequently
be discussed is used to provide shock layer data in this region.
As indicated previously, a non-iterative solution of the conservation
equations cannot be obtained since application of the boundary conditions
requires knowledge of the shock configuration. This information is not
initially available and hence the calculation must proceed in an iterative
manner. In essence, the procedure is to calculate repeatedly the flow
field, each time using improved estimates of the boundary conditions,
until finally a solution of satisfactory accuracy is achieved. Each
calculation provides a new shock configuration. Provided that the cal-
culations are convergent, each new calculated shock configuration enables
refinement of the boundary conditions for the next shock layer calculation.
The procedure in which the calculations are performed in the streamtube
program is briefly outlined here before giving the detail of each step.
The order is:
(i) Estimate shock angle, pressure distribution and spreading
co-ordinate variation along the surface
(2) Calculate velocity and static enthalpy variations along
individual streamlines
(3) Calculate streamline pattern
(h) Iterate on shock angle
(5) Iterate on pressure
(6) Iterate on spreading co-ordinate.
After each iteration is completed, a return is made to step (2). The
iteration of step (h) is not initiated until shock angle convergence has
been obtained. Similarly, the iteration of step (6) begins only after
convergence in steps (h) and (5) is achieved.
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In the first phase of the calculation, the momentum and energy equations
are solved along each streamline. From Eqs. (2.22) and (2.23)
.$
5
where the subscript i refers to (initial) conditions immediately behind
the shook. In evaluation of the tangential velocity, u, the slight depend-
ence of the tangential pressure gradient on distance above the surface
is neglected. The surface pressure gradient is used. Equations (2.25)
and (2.26) may be rewritten as*
4,, Z (2.27)
/] (2.28)
where R is a characteristic body dimension. In order to solve the above
equations, the following approximate fits for thermodynamic and radiative
properties are introduced:
* The indexing convention for summations is defined in the Notation
Section.
(2.29)
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= (2.30)
(The power law exponent, 3, appearing in Eq. (2.29) should not be confused
with the familiar isentropic exponent.) With these substitutions, Eqs.
(2.27) and (2.28) become in finite difference form
(2.3l)
(2.32)
After the velocity and enthalpy are determined at every (j, k) point in
the co-ordinate grid, the streamline pattern and shock layer thickness
may be determined using the continuity relation of Eq. (2.21). This expres-
sion may be written as
(2.33)
It is placed in a finite difference form in a procedure similar to that
for Eqs. (2.25) and (2.26). It is assumed that over any small interval
in r, the spreading co-ordinate varies linearly with r. Further, it is
assumed that between streamlines p_ varies linearly with distance. The
result is
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(2.3h)
This relation provides the space co-ordinate of each point in the stream-
line grid. Furthermore, it yields the shock layer thickness since
_ =_._ =A A
Having established the velocity and enthalpy fields to a first order approx-
imation, the iterative process for refinement of the boundary conditions
is initiated. The shock layer thickness results enable calculation of a
new shock angle, es, since
The derivative is evaluated by a central difference method in the subsonic
region and a forward difference method in the supersonic region. The
equations are, respectively:
" A_ z -Zh_ _z
_/_ __- Zh_-_.
(2.36)
The shock angle used for the next calculation is an average of the newly
@J
computed value, s' and the value used for the last calculation, 8o
s
Iteration is continued until the used and computed values differ by less
than 0.25 degree at each (k) location.
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When shock angle has converged, a new surface pressure distribution is
computed using the finite difference form of Eq. (2.24). In particular,
the local body surface pressure is related to the shock surface pressure
by
Employing the boundary conditions at the shock and introducing the approx-
imation that
this becomes
A
(2.37)
where Pt is the hypersonic approximation for the stagnation point pressure
(2.38)
Equation (2.37) has the finite difference equivalent
-- / - _//Y_
/2
/ R
/
/-T@
(2.39)
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This expression enables calculation of new surface pressures which are used
to select values for the next iteration. Proper selection of the values is
critical to convergence of the solution and hence several different pro-
cedures are used in the numerical calculation depending on the circum-
Generally, the values are computed by
,__I ,_>/ _ ,D /n 0 ,_-Io p/ o __ p
P =
12-/ .7 ,"2-/ O r)I / 0
p -P --p _-p
stances.
l
pO
where the superscripts on and In represent the used and computed values,
respectively, for the nth iteration.
After convergence has been obtained in the shock angle and pressure itera-
tions, the spreading co-ordinate iteration is initiated. The finite dif-
ference analogy to Eq. (2.16) for the spreading co-ordinate is
4- _'&=( (2.)J,O)
with
"" g/2 £
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The value computed from these equations is used directly for the next flow
field computation. Upon convergence of the spreading co-ordinate itera-
tion, the flow field solution is complete.
The finite-difference, streamtube calculation is inaccurate within the
immediate neighborhood of the stagnation point for two reasons. First,
the stagnation point, itself, cannot be included because of singularities
and thus starting conditions for the calculation are not well defined.
Second, the streamline grid is coarse in the stagnation region. These
deficiencies do not appreciably affect results a small distance away (at
positions removed a distance S/R c greater than _-_ 0.I), but they do induce
error in the local velocity gradient and shock layer thickness. In order
to circumvent these problems, an approximate integral solution for the
stagnation region is patched to the streamtube calculation. The integral
solution is developed next.
Stagnation Region Calculation
Treatment of the stagnation region problem for the angle-of-attack situa-
tion requires consideration of some special problems. It has been demon-
strated by Swigart (Ref. 2.7) and others that the maximum entropy stream-
line (the streamline passing through the normal point of the shock) will
not wet the surface. Thus, the stagnation streamline cannot be simply
identified even when the shock configuration is known. Reference is made
to the sketch below in examination of this problem.
®
® ' r
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Streamline (I) is the maximum entropy streamline and streamline (3) is a
hypothetical streamline which enters the shock obliquely and follows a
straight trajectory intersecting the body normally. The shock entry posi-
tions of these two streamlines are respectively
(2.b,2)
where the latter result is obtained from the oblique shock relations and
the hypothetical streamline geometry. Noting that the body surface pres-
sure gradient at the stagnation point must be zero, it can be shown through
use of Eq. (2.37) and the shock boundary conditions that the stagnation
streamline will lie between streamlines (1) and (3). The stagnation stream-
line, identified as (2) in the sketch, will curve away from the maximum
entropy streamline and intersect the surface normally. Curvature of the
stagnation streamline indicates the existence of crossflow in the region.
In order to describe rigorously the stagnation region flow it is then
necessary to identify the stagnation streamline and account for its curva-
ture. Fortunately, the possible range of shock entry location as given
by the two limiting angles above is small, being about 0.3 deg for repre-
sentative flight conditions.* Thus it may suffice to estimate the entry
location or use one of the limiting entry positions. In order to retain
the orthogonal, body-oriented co-ordinate system previously introduced,
the stagnation streamline will be assumed to follow a straight trajectory
* The angle, eB - es, is about 5 deg and the density ratio, _, is about
0.06 at velocities and altitudes of primary interest.
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normal to the surface with entry position given by Eq. (2.23) (corres-
ponding to streamline (3) of the sketch). The integral solution will
be developed for a normal shock stagnation streamline, however, and then
extended for application to the oblique entry situation assumed.
The major assumption in the integral solution is that the tangential
velocity varies linearly across the shock layer. This approximation is
justified by the results of both theory and numerical calculations for
rotationally symmetric flows. It becomes less accurate for two-dimensional
flows. The density is assumed constant through the shock layer in develop-
ment of the basic relations. This assumption is reasonable except when
radiative energy losses become significant. A correction is therefore
introduced to account for the energy loss effects. Throughout the devel-
opment, advantage is taken of the relations
cc2.c cc 'o8 /
which are exact in the limit at the stagnation point.
In the immediate vicinity of the stagnation point, the tangential veloc-
ities at the body surface and immediately behind the shock, respectively,
can be represented by
(2._)
(2.45)
where from the streamwise momentum equation and the shock boundary condi-
tions
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(2.46)
/g_= d4,,- (2.47)
Thus, in accordance with the aforementioned assumption, the local velocity
is
_
Substitution of this relation in Eq. (2.37) provides an expression for the
local pressure
(2.49)
Equation (2.49) may, upon differentiation, be combined with Eq. (2.46)
to obtain the velocity gradient parameter. The result is
(2.5o)
where
s = (,--e)r
/ -_/(_- KA
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It may be noted that this yields the modified Newtonian velocity_ ...,/,gradient'.
it should, when shock layer thickness approaches zero _ __ _{/- _Z-CI[_.
The spreading co-ordinate may be calculated from Eq. (2.16). The equation
is first rewritten, using the streamwise momentum equation, to obtain a
more convenient form
By specializing for the stagnation region where density may be considered
constant this can be alternatively expressed as
Equation (2,52) has the solution for small s of
/
_ _/._ ( 2 _2)
5 _G
(2.53)
where_ is simply the surface velocity gradient in the direction normal
to the plane of symmetry. Noting that for small s the radial and surface
distances are equivalent, it may be seen that for rotationally symmetric
¢ /
flow
_/_--/I the s_reading co-ordinate reduces to the radial co-ordin-
ate as it should.
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Application of Eqs. (2.48) and (2.53) enables integration of Eq. (2.21)
for the shock layer thickness. The result is*
It is of interest to compare the equation with more rigorous solutions.
For this purpose, rotationally symmetric and two-dimensional flows can be
considered. Noting that the velocity gradient parameter,/_s/Rc, is just
equal to the reciprocal of the shock radius, Eq. (2.52) reduces for small
G to
,
(2.55)
(2.56)
These solutions have been compared with the constant density solutions
given by Hayes and Probstein (Ref. 2.12) and were found to be in good
agreement for the small shock-density ratios of interest.
Equation (2.52), together with Eqs. (2.27), (2.50), and (2.53) constitute
the complete set required for description of shock layer conditions within
the stagnation region. Although developed for normal entry of the stag-
nation streamline into the shock layer, they are directly applied for
* Equation (2.52) was developed neglecting the effects of energy losses.
A correction for thes_effects is made by introducing the multiplying
factorj /-_ , where l$ is the energy loss parameter discussed in Sec-
tion 2.3. The factor is derived from the work of Ref. 2.]3.
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the oblique entry situation. While this is not mathematically correct,
it is considered physically reasonable. Application of the relations
requires specification of the shock curvature at the stagnation point
I _/O_ _. This can be accomplished by matching the similarity solution
I
_r -s/h_oC_klayer thickness with downstream results obtained by the stream-
tube calculational procedure.
The dependence of shock layer thickness on location is assumed to be repre-
sented near the stagnation point by a third degree equation
,'_ = _ + _s ÷ cJ-'+ d,s "_ (2.57)
where a portion of the coefficients are to be determined by satisfying
necessary conditions at the stagnation point and the remainder are to
be determined from the streamtube calculation results. The shock wave
curvature at the stagnation point may then be determined from
or
I -_Rcg
(2._8)
In selecting the coefficients, two conditions must be satisfied at the
stagnation point
(2.59)
(2.60)
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The two undefined coefficients are obtained by fitting streamtube-calcula-
tion results for shock layer thickness at the k = 3 and k = 5 stations.
The results are
(2.61)
and
d= -Ao /-C (2.62)
Equations (2.58) and (2.61) provide the shock layer curvature. They must
be solved simultaneously with Eqs. (2.27), (2.50), (2.53), and (2.52) to
obtain the stagnation point shock layer conditions. In the numerical
calculations of the STREAMTUBE program, _he simultaneous solution is
obtained by iterating on the stagnation point shock layer thickness.
The solution yields the variation with location (near the stagnation point)
of shock-layer thickness, surface pressure, and spreading co-ordinate.
The stagnation region calculation is repeated each time a new downstream
streamline pattern is computed. Thus it provides starting conditions
for the next streamtube calculation in the iterative process previously
described for determining the flow field.
In the present formulation of the flow field calculation procedure, the
location of the stagnation point on the body must be specified to initiate
the solution. The position is estimated using the approximate procedure
developed by Kaattari (Ref. 2.6). It would be possible to refine the
estimate through an iterative procedure. In particular, development of
the shock layer along the plane of symmetry can be computed in opposite
directions away from the stagnation point. There will be one unique stag-
nation point location where results for the stagnation point thickness,
as computed for shock layer development in the two directions, agree
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exactly. By iterating the assumed stagnation point location, the unique
solution may be found. This feature has not been incorporated in the
digital computer code since it is believed that the shock configuration
can be estimated with sufficient accuracy by the method of Kaattari to
locate satisfactorily the stagnation point.
2.1.3 Flow Field Results
The foregoing section presented an approximate procedure for solving the
flow field about blunt bodies at angle-of-attack. Results obtained in
application of the technique are given in this section. Validity of the
technique is first examined by comparing current results with previously
available data. The range of these comparisons is necessarily limited.
Next, results relevant to the prediction of Apollo heat transfer are dis-
cussed. Particular consideration is given to identification of differ-
ences in the flow field for flight conditions and wind tunnel test condi-
tions. Finally, the influence of uncertainties and approximations in
the calculation procedure is quantitatively assessed. In this process
all major assumptions are delineated and means for improvement of the
computational technique are indicated.
Validating Results
The flow field calculation procedure has been developed for the specific
purpose of predicting conditions within the Apollo shock-layer during
reentry at lunar return speeds. Ideally, the procedure would be validated
by comparing prediction with data obtained either theoretically or experi-
mentally for these conditions. Such information is not available and
therefore other comparisons must be made. For a first simple test case,
a hemisphere has been considered. This case affords a check on the accur-
acy of the basic method. A more interesting case is the second, wherein
the Apollo shape is treated for wind-tunnel-test conditions. For the
final test case, a spherically blunted body at angle-of-attack is examined.
In all cases, the flow is assumed to be adiabatic.
2-33
LOCKHEED MISSILES & SPACE COMPANY
The hemisphere calculations were made for hypervelocity conditions repre-
sentative of Apollo reentry. In particular, the altitude and velocity
were 160,000 ft and 30,000 ft/sec, respectively. These conditions were
selected to enable direct comparison with the results obtained by Inouya
(Ref. 2.1h) by the indirect method. Pressure distribution calculations
are compared in Fig. 2-10. (Inouya's calculations do not extend appreci-
ably beyond the sonic line and thus the comparison is discontinued at
this point.) Very favorable agreement is obtained. The computed stagna-
tion point velocity gradieqt is also in good agreemsnt with Inouya's result;
the two values obtained for the parameter/_ o are respectively 1.14 and
1.12. Similarly, the computed stagnation point shock layer thickness of
/k/R = .047 compares well with the result /k/R = .049 obtained by the
indirect method. It is concluded that the streamtube calculation yields
results of good accuracy, at least for axisymmetric flows.
The Apollo calculations were performed for an angle-of-attack of 25 deg.
Hypersonic flow of an ideal gas with isentropic exponent of 1.4 was con-
sidered to simulate the conditions of the wind tunnel tests reported in
Ref. 2.15. For these tests, air behaves almost ideally. The density ratio
across the shock, _ , is O.170. Numerical calculations involving the
full iteration process of the STREAMTUHE program were limited to the large-
radius sector of the body since the thin-shock-layer assumptions incor-
porated in the program become poor on the small-radius, toroidal corner
sections.* For these latter regions, the pressure distribution was pro-
vided as an input for the STREAMTUBE calculations. The pressure over the
subsonic portion of the windward corner was determined in hand calculations
by using an average streamline curvature. Over the leeward corner and the
supersonic portion of the windward corner, a Prandtl-Meyer expansion was
assumed to approximate the surface pressure distribution. Results obtained
by the STREAMTUBE program for the shock-layer thickness and surface pres-
sure distribution are presented in Fig. 2.11. The pressure predictions
* This limitation is fully discussed in a subsequent review of the compu-
tation method.
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may be compared with the experimental data of Ref. 2.15. Schlieren photo-
graphs, from which shock-layer thickness may be measured, are presented
in Ref. 2.16. The experimental data provide corroboration of the theoret-
ical prediction technique. Over the spherical sector predicted shock
layer thicknesses do not deviate by more than 6 percent from the exper-
imental results. Predicted pressures are within 0.03 Po of the measured
pressures. Surprisingly good agreement is maintained even on the corner
section where the predictions are of a more approximate nature.
The last test case was selected to enable comparison of the streamtube
calculational procedure with the time dependent technique of Bohachevsky
(Ref. 2.10). Flow of an ideal gas with isentropic exponent of 1.4 over a
spherical segment having an included angl, of 70 deg is considered. The
angle-of-attack is 20 deg and the stagnation point is located 15 deg from
the axis of symmetry. Results for the leeward side of the vehicle are com-
pared in Fig. 2-12. The agreement is good consLdering the truncation errors
which exist in the numerical solution of the transient problem. The spher-
ical segment geometry roughly simulates that of the Apollo and hence experi-
mental data obtained with the Apollo configuration may be examined in
further comparison of the two theoretical prediction techniques. The exper-
imental data of Ref. 2.15 are for the most part bracketed by the two pre-
dictions. In general, they agree more closely with the STRE_MTUBE results.
The comparisons which have been made indicate that the STREAMTCBE program
yields realistic results. Accuracy of the technique has been demonstrated
in the results obtained for a hemisphere. The ideal gas calculations
made for the Apollo and spherical segment configurations substantiate
its validity for asymmetric flows. It is concluded that the procedure
may be reliably extended for prediction of shock layer conditions exist-
ing for Apollo at superorbital velocity.
Flight Conditions
Conditions existing within the shock layer of an Apollo vehicle are described
here for representative flight situations. The conditions are compared
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with those for conventional wind tunnel tests to delineate the significant
differences. The influence of radiative energy loss is also discussed.
Refined predictions are presented only for the spherical segment of the
Apollo. As previously indicated, results obtained for the toroidal corners
employ estimated surface pressure distributions.
Characteristics of the shock layer are primarily dependent upon the shock
density ratio, C" This parameter does not vary markedly during the period
of high heating and thus a single set of results may be considered as repre-
sentative. Shock layer thickness and surface pressure distribution predic-
tions are shown in Fig. 2-13 for a velocity of 35,000 ft/sec and an alti-
tude of 200,000 ft. These data were obtained assuming adiabatic flow.
The shock density ratio is 0.063. In discussion of these results, it is
instructive to compare them with predictions for the wind-tunnel shock
density ratio of 0.170.
Figure 2-12, which is to scale, compares shock configurations for the two
density ratios. It may be seen that with decreasing density ratio, the
shock wave wraps more tightly about the body as would be expected. As a
consequence the stagnation point shifts out further toward the corner.
(It approaches the Newtonian location as the shock density ratio decreases.)
The leeward sonic line moves closer to the center. This is due both to
increased shock inclination and to differences in the equation of state.
The quantitative differences are better seen by comparison of Figs. 2-11
and 2-13. Shock layer thickness is reduced by a factor slightly in excess
of two. Pressure ratio is somewhat lower over the lee side.
Velocity and density distributions through the shock-layer at the geometric
center of the vehicle are compared for the two different shock density ratios
in Fig. 2-15. The characteristics of these distributions are similar.
That is, the velocity increases almost linearly with distance away from
the surface. Density increas_monotonically away from the surface. Vor-
ticity of the flow is significantly greater for the hypervelocity case.
Similarly, density gradients are larger. At other locations on the surface
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the results are qualitatively the same. The normalized velocity distri-
butions (U/Us) vary only slightly with position whereas the density gradient
increases in expansion of the flow around the body.
It is of interest next to examine the spreading co-ordinate which is essen-
tially a measure of the divergence of adjacent streamlines. Figure 2-16
shows the spreading co-ordinate as a function of distance from the stag-
nation point for the two cases.* Also included in the figure for compar-
ative purposes are the radial distances from the stagnation point and from
a fictitious axis of symmetry. (If the flow were rotationally symmetric,
the spreading co-ordinate would vary as the radial distance from the stag-
nation point.) Considering first the spreading co-ordinate behaviour on
the windward side, it is seen from Fig. 2-16 that the flow tends toward
two-dimensional. The streamlines (or spreading co-ordinate) curve moving
away from the stagnation point and become nearly parallel to the plane of
symmetry. This is due to the relatively rapid acceleration around the
corner. On the leeward side, the flow tends toward rotationally symmetric
away from the stagnation point. The streamlines curve and approach the
paths that would be followed in a rotationally symmetric flow from the
fictitious axis of symmetry. This is because the pressure distribution
on the lee side is little different than for a hemisphere. Pressure
gradients are therefore such as to accelerate the fluid in a direction
coincident with the local ray from the effective axis of symmetry.
A J
The velocity gradient ratios,_y_o , for the wind tunnel and flight
conditions are .59 and .58 respectively. The stagnation region flow thus
differs substantially from rotational symmetry in both cases. The results
of Fig. 2-16 suggest that for the flight case the leeward streamline pat-
tern might be reasonably approximated by assuming the flow to be goverened
The magnitude of the spreading co-ordinate is arbitrary. It is the
variation with distance of this parameter which is important. For
the purpose of comparison, the computed values are multiplied by a
factor.
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by the rotationally symmetric equations with the radial co-ordinate measured
from the effective axis of symmetry rather than from the stagnation point.
Advantage of this fact is taken in radiation heat transfer calculations.
The influence of radiative energy losses on shock layer conditions is now
examined by comparing adiabatic and non-adiabatic flow solutions for the
aforementioned flight situation. The energy loss parameter has a value
of 0.07 for this situation. This is near the maximum experienced during
Apollo reentry and hence the results are indicative of the greatest effects
of energy loss. Figure 2-17 compares the adiabatic and non-adiabatic solu-
tions for surface pressure distribution and shock layer thickness. The
influence of energy losses on surface pressure is seen to be negligible
in agreement with the predictions of Wilson and Hoshizaki (Ref. 2.17).
Shock layer thickness is reduced somewhat, particularly near the stagna-
tion point where energy losses are maximum. Thickness in this region varies
approximately as the factor 1 - Fs for Fs_-_=l. The velocity and density
profile perturbations arising from energy loss are quantitatively discussed
in Section 2.2. Density and velocity are slightly altered near the body
surface but are essentially unchanged at the shock surface since the gas
just entering the shock layer has not had time to radiate. The spreading
co-ordinate is not significantly affected.
Review of Method
At this point it is beneficial to review the prediction technique summar-
izing the important assumptions and identifying its deficiencies. The
major assumptions which have been made are:
• the gas flowing through the shock layer is in thermochemical
equilibrium
• viscous effects are unimportant
• the shock layer is physically thin as compared to the local
radius of curvature of the body surface
• cross flow is small
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• the stagnation point location may be estimated with satisfactory
accuracy
• pressure variation in the plane transverse to the axis of sym-
metry is approximated by Newtonian theory
• self-absorption of radiation is unimportant
It was shown in the section on flow phenomenology that the first two assump-
tions are valid for the altitude-velocity conditions of primary interest
in Apollo reentry.
The assumption of a thin shock layer is seen from the shock layer thick-
ness results to be well satisfied on the spherical sector of the Apollo
vehicle. The thickness-radius ratio is about O.i for wind tunnel conditions.
The assumption is poor on the toroidal corners, however. The assumption
introduces error primarily in the surface pressure calculation since the
normal pressure gradient arising from centrifugal forces is sensitive to
the local streamline radius of curvature which in this region may differ
substantially from the surface radius. The pressure calculation is further
upset by the discontinuous change in radius of curvature. It is therefore
inadvisable to use the STREAMTUBE program in its present form for calcu-
lation of pressure distribution over the toroidal corners. The computa-
tional procedure could be modified to enable calculation of the flow for
this region. The modification would entail computation of streamline radius
of curvature for use in normal pressure gradient determination and compu-
tation of the spreading co-ordinate variation with distance from the surface
for use in the continuity solution.
The last assumption concerning the influence of self-absorption appears
valid insofar as the gross characteristics of the shock layer are concerned.
It was seen that radiative energy losses do not significantly affect the
pressure distribution and only slightly affect the shock layer thickness.
Since the affect of self-absorption on radiation transport is to reduce
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energy loss from the shock layer, it can be concluded that self-absorption
will have but second order influence on shock configuration.
The validity of the remaining assumptions is substantiated by the compari-
sons which were given of ideal gas solutions with experiment and distinct
theory. Nevertheless, it is of interest to examine the influence of these
assumptions on the solution. For this purpose extreme errors in stagnation
point placement and streamline pattern have been considered. Computations
were performed for the flight situation. Figures 2-18 and 2-19 present
the results obtained together with a description of the limit errors assumed.
The assumed stagnation point was shifted 0.i_ from the nominal location
to reflect what is considered to be a maximum possible error. Pressures
are affected, but only in the vicinity of the stagnation point. Shock layer
thickness is reduced by shifting the assumed stagnation point toward the
geometric center, as would be expected. In consideration of the spreading
co-ordinate the limit assumption of rotationally symmetric flow was treated
together with the assumption of a displaced, effective axis of symmetry.*
Surface pressures are not much affected by the streamline divergence.
The shock layer thickness is appreciably reduced by assumption of rotation-
ally symmetric flow. When axi-symmetric flow with a displaced radial co-
ordinate is assumed, a reasonably good representation of the shock layer
thickness is obtained. It is concluded from these comparisons that rather
large errors in the assumed conditions maybe made without introducing
serious error in the prediction of gross shock layer characteristics.
Summary
The characteristics of the Apollo inviscid flow field have been examined
in detail. The phenomena affecting shock layer conditions have been ident-
ified and a numerical procedure for computation of the flow field has been
The uncertainty in pressure gradient transverse to the plane of
symmetry is not sufficient to induce such large errors in the
spreading co-ordinate, but these were convenient and interesting
cases to consider.
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developed. Predictions of the shock layer structure for Apollo have been
presented for subsequent application in evaluation of heat transfer.
Consideration was given to the influence of non-equilibrium chemistry,
viscous and mass injection effects, radiation transport, and configuration
asymmetries. For the conditions during the period of peak heating, non-
equilibrium and viscous effects are not important. Radiative energy losses
perturb the flow field slightly. Vehicle angle-of-attack has major influence.
The numerical procedure developed for solution of the flow field uses a
streamline co-ordinate system and incorporates an approximate similarity
solution for the stagnation point. The technique is limited in applica-
tion to the plane of symmetry. It accounts for radiative energy loss and
angle-of-attack effects. The major approximations and assumptions involved
in the method have been delineated and the influence of uncertainties in
the assumptions has been described. The accuracy of the method has been
demonstrated by comparing results with experimental data and alternate
numerical solutions.
2.2 RADIATION HEAT TRANSFER
At the superorbital entry speeds associated with lunar return, radiation
is a dominant mode of heat transfer to the vehicle surface. The radiation
phenomena are reviewed first in this section. Consideration is given to
the effects of non-equilibrium chemistry, self-absorption, and energy losses.
The influence of ablation products is also examined. Then techniques for
prediction of the radiative flux are discussed. Numerical computation
techniques accounting for the coupled effects of energy loss and self-
absorption are formulated. Finally, the results of radiative calculations
are presented.
In general, flow field predictions are prerequisite to the calculation of
radiative heating of the vehicle. The material presented in Section 2.1
is therefore complimentary to the discussion here. The surface pressure
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distribution and shock configuration results of Section 2.1 are used through-
out the radiation calculations. The numerical computation schemes are
restricted in application to two-dimensional and rotationally-symmetric
geometries. Therefore, certain artifices have been introduced in treating
the blunt body at angle-of-attack. The influence of flow asymmetry on
radiative heat transfer distribution about the Apollo vehicle is approximated
by displacing the radial co-ordiante origin in a rotationally symmetric
solution. This approximation was shown to be reasonable in Section 2.1.3.
(See Fig. 2-19 and associated text.) The stagnation region flow for Apollo
is simulated by using a fictitious surface radius of curvature in a rota-
tionally symmetric calculation.
Throughout the radiative heat transfer discussion, the metric systemis
used in displaying magnitudes. This system is convenient since the data
fundamental to the calculations are generally presented in such units.
In order to relate results to the remainder of the discussion of this report,
Table 2.1 is provided for useful conversion factors.
Length
Velocity
Heat Flux
Enthalpy
Temperature
Frequency
Wavelength
Table 2.1 UNIT CONVERSION FACTORS
0.03281 ft/cm ; 104 micron/cm
3.281 (Kft/sec)/(Km/sec)
0.881 (Btu/ft2sec)/(watts/cm 2)
hsa t = 12,484 Btu/Ib m
I160%.7°K/I ev
8067._ cm-i/ev
1.8°R/°K
-I
0.8067.4 micron /ev
; 108_/cm
2.2.1 Phenomenological Review
The radiative heat transfer to the vehicle surface is dependent upon the
temperature field and the distribution of molecular species within the shock
layer. Once these are established, the computation of the radiative flux
is straight forward in concept. Unfortunately, the temperature and particle
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concentration distributions are influenced to some degree by radiative
energy transport, thus complicating the situation.
Early calculations of shock layer radiation were made assuming inviscid,
adiabatic flow of a transparent gas in chemical equilibrium. Under some
circumstances, these simplifying assumptions may lead to appreciable error.
At low altitudes the shock layer may be opti_ally thick in some regions of
the spectrum. At high altitudes where chemical change processes occur
slowly, radiation levels may be markedly affected by non-equilibrium chem-
istry. At high velocities, radiative emission rates may be sufficient
to cause appreciable cooling of the gas as it flows over the surface.
The relatively cool viscous boundary layer on the body surface may substan-
tially alter the radiative flux to the surface, particularly if the boundary
layer is contaminated by ablation products.
In order to illustrate the various radiation regimes and to identify the
phenomena of importance, Fig. 2-20 shows the radiative heat flux to the
stagnation region of a 29_ cm nose radius body (simulating the Apollo stag-
nation region) as a function of altitude at two flight velocities. The
solid lines represent the actual heat transfer whereas the broken lines
represent various limits or contributions as defined by the alphabetical
symbols.
Energy Loss Effects
The upper set of limiting lines in Fig. 2-20 arises as a consequence of the
fact that the gas cannot emit energy in excess of the free stream total
energy. Since one-half of the emitted energy is directed toward the body
surface and the other half is directed out to space, the limiting radiative
fluxes as shown in Fig. 2-20 are equal to one-half of the ambient stream
total energy flux (/0 _ /_).
The ratio of the radiative heat transfer to this limiting flux provides
a measure of the influence of radiative energy losses. When this ratio,
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which is termed the radiative energy loss parameter p, is very much less
than unity the shock layer may be treated as adiabatic. For values of the
parameter approaching O.1, radiative cooling of the gas as it flows away
from the shock wave is appreciable and consequently the radiative flux to
the body surface is diminished below that for an adiabatic shock layer.
Figure 2-21, which is taken from the results of Ref. 2.13, quantitatively
describes the dependence of radiative flux level on the energy loss parameter.
It may be determined from the data of Fig. 2-20 that for the Apollo vehicle
at altitudes of primary interest (150,000 ft and above), the radiative energy
loss parameter will have values of the order of lO -3 and lO-1, respectively,
for flight velocities of 27,500 ft/sec and 35,000 ft/sec. Thus, at the
lower velocity, the shock layer will be essentially adiabatic. However,
the influence of energy losses will become significant as velocity is
increased to 35,000 ft/sec. For Pa = O.1, Fig. 2-21 shows that the actual
radiation transfer is roughly 25% less than the adiabatic shock layer value.
Self-Absorption Effects
At low altitudes, the radiative flux to the body surface approaches the
black body limit, which is shown in Fig. 2-20 as the line A-B. In this
limit the monochromatic absorption coefficient is large over the complete
spectrum, hence the Planck-mean emissivity of the shock layer approaches
one and the shock layer radiates as a black body. Little of the radiation
emitted in the central and outer portions of the shock layer reaches the
vehicle surface because of the strong self-absorption.
As the altitude increases, the influence of self-absorption decreases.
For the altitudes of primary interest, the radiative flux is far below
the black body limit. If air were considered to be a grey gas, it would
be concluded that the shock-layer is optically thin and that self-absorption
could be neglected. However, the absorption coefficient of air varies
markedly over the spectrum. For example, radiative property calculations
indicate that oxygen and nitrogen atom deionization processes lead to emis-
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sion over the relatively narrow wave length region up to about 1300_, which
can account for almost 90 percent of the total emission. Figure 2-22 shows
the spectral variation of the absorption coefficient of heated air at a
representative temperature-pressure condition. In the visible region,
the absorption coefficient is very small being about 10 -4 cm -I, whereas
--1 .
it reaches values in excess of I cm mn the vacuum-ultraviolet region.
The optical thickness of the shock layer will thus be large in this region
of the spectrum and significant self-absorption can be expected. Meaningful
predictions of the radiative heating must then account for absorption and
its spectral dependence.
Non-Equilibrium Effects
Temperatures in the non-equilibrium zone immediately behind the shock wave
are significantly above equilibrium values as was shown in Fig. 2-2. Thus,
emission from this zone may contribute appreciably to the total radiation
received by the body surface. As a result of the binary nature of the
chemical and excitation processes (changes induced by two-body collisions)
the thickness of the non-equilibrium zone varies inversely with the density
and the emission per unit volume varies directly with the density. Thus
the total radiation from the non-equilibrium zone is practically independent
of altitude. Figure 2-20 shows the constant non-equilibrium contribution
as line C-H. As the altitude is increased, the non-equilibrium contribution
becomes increasingly important. In the vicinity of 200,000 ft altitude,
the non-equilibrium emissions dominate and the total radiation reaches a
plateau.
At altitude F in Fig. 2-20, the whole shock layer is essentially out of
equilibrium. Further increase in altitude causes truncation of the non-
equilibrium radiation profile and the radiative flux is limited by the
line F-G. At these very high altitudes, the frequency of particle colli-
sions is not sufficient to maintain the population of the excited states
for radiative emission. This "collision limiting" effect further reduces
the radiation, causing the drop-off indicated in Fig. 2-20 by line D-E.
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Influence of Ablation Products
At flight conditions where appreciable heating occurs, ablation of the heat
shield will cause contamination of the air boundary layer. Foreign species
such as carbon monoxide, hydrogen, and cyano may be found in abundance
near the wall. For example, Fig. 2-23 shows predicted particle concentra-
tion distributions through the Apollo boundary layer at a representative
flight condition. Certain of these foreign species have much larger absorp-
tion cross sections than do air molecular. As a consequence, the attenua-
tion of radiation from the external inviscid shock-layer is increased by
the presence of ablation products in the boundary layer. Emission from
the boundary layer is also increased.
2.2.2 Prediction Techniques
From the foregoing review, it is evident that the radiation phenomena are
complex. For the flight conditions where radiative heating is large, both
energy losses and self-absorption will significantly affect the radiative
heat transfer. Non-equilibrium emission will contribute appreciably to the
total radiative load. The boundary layer may assume an important role due
to the presence of strongly absorbing ablation products.
Existing theories and data generally concern only one or two of the many
radiation mechanisms. Large uncertainties exist in the results of different
investigators. Much research has yet to be carried out to resolve these
uncertainties and to generate a unified procedure for calculating the flow
field and wall heating for the general flight situation.
During this study, major effort in the radiation area was placed upon develop-
ment of methods accounting for the spectral nature of the emission and
absorption on the radiative heat transfer to arbitrary two-dimensional and
axisymmetric bodies. The detailed results have been given by Chin (Refs.
2.18 and 2.19) recently and are summarized here. First, however, radiative
properties of air are briefly discussed. An examination of the influence
of ablation products is also given and means for prediction of the non-
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equilibrium radiation are reviewed prior to describing the radiation coupled
flow field with self-absorption. The section is concluded with a discussion
of the application of results.
Radiation Properties
For early calculations of shock-layer radiation wherein the air was assumed
to be in equilibrium and transparent, Planck-mean absorption coefficients
such as those given by Kivel and Bailey (Ref. 2.20) and by Meyerott, et al
(Ref. 2.21), were useful. Later publications on equilibrium air radiative
properties include those by Armstrong, et al (Ref. 2.22), Nardone, et al
(Ref. 2.23), Churchill, et al (Ref. 2.2k), Gilmore (Ref. 2.25), Armstrong,
et al (Ref. 2.26), Hahne (Ref. 2.27), Allen (Ref. 2.28), and Churchill,
et al (Ref. 2.29). Differences among results of the different investigators
exist. These differences are due to the different models and approximations
used in the calculation, to the different values of oscillator strengths
or cross sections employed, and to the number of radiative processes consid-
ered. For estimate of the effects of the different radiative phenomena,
a consistent set of radiative properties must be selected. In this study,
the data of Gilmore (Ref. 2.2_) and Hahne (Ref. 2.27) have been used for
the most part. Appendix 2B describes in detail the alternate models which
have been employed.
Non-Equilibrium Radiation
Non-equilibrium profiles in the flow field have been discussed in Section 2.1.
The study of non-equilibrium phenomena in shock waves has been the subject
of many published works (e.g., Refs. 2.30 and 2.31). Investigations of
non-equilibrium air radiation have also been reported by a number of authors
(e.g., Refs. 2.32, 2.33 and 2.3_). Theoretically, the calculation of his-
tories of species concentrations, temperature and density is required for
the calculation of non-equilibrium radiation. These histories may be calcu-
lated by integrating the conservation equations with consideration of the
pertinent kinetics, both chemical and excitational rate processes. However,
large uncertainties in the rate constants exist; the rate constant value
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can differ by several orders of magnitude depending on the source (Ref. 2.2).
Theoretical computation of the non-equilibrium radiation was attempted in
this study. The procedure and results are reported in Appendix 2C. While
the analysis is instructional, the results are highly uncertain. The pre-
dicted positional variation of radiation is, in fact, in conflict with the
expectations from binary collision theory. Because empirical data of non-
equilibrium radiation exist for the velocities of interest (to 35,000 ft/sec),
these data are used in the present study in favor of the more sophisticated
theoretical calculations.
The non-equilibrium radiation data of Allen et al (Refs. 2.32 and 2.34)
may be represented by the following correlation:
where u_ is in ft/sec and qrn in watts/cm 2. The extent of the non-equil-
ibrium region, or the non-equilibrium distance_n , may be represented by
(2.64)
where u_ is in ft/sec and/_ n in cm. Equation (2.64) is obtained by correl-
ating the results of Allen (Ref. 2.32). When the non-equilibrium distance
is greater than the shock standoff, truncation of the radiation profile
occurs and J_ is reduced from that given by Eq. (2.63). The effects
of truncation may be estimated approximately if the following simplified
radiation profile is used:
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The radiation intensity is assumed to rise linearly to a peak and then
decrease linearly to the equilibrium value. The distance to the radiation
peak, /_p, may be calculated by the following equation:
-/
(2.65')
where gg_ is in ft/sec and Ap in cm. Equation (2.6_) is also obtained
by correlating the result of Allen (Ref. 2.32). The expressions for the
total radiation,_, for the three different situations are given also
in the above sketches.
The non-equilibrium radiation may be further reduced by collision limiting
(Ref. 2.3/4), by energy loss effects, and by self-absorption. The latter
two effects cannot be treated except in detailed theoretical calculations
of the non-equilibrium phenomena. Qualitatively, collision limiting reduces
the heat flux by a factor, FC.L. , given by
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/
2_CL. --
,+I___ ](.psL) ¢ (266)
where (2°_ /f_z _ is a critical density ratio (Ref. 2.35) at which the
/
time of de-excitation of excited states by radiative emission equals that
by collision. A value of (_/_z)c --/O-_was used in Fig. 2-20. As
/
data on collision limiting are limited, this calculation must be considered
preliminary.
Ablation Products Radiation
Ablation of the heat shield results in high concentrations of foreign species
in the boundary layer, as was indicated by the results of Fig. 2-23. Because
some of the ablation product species exhibit vastly different absorption
characteristics than do air molecules, radiation transport through the
boundary layer may be appreciably perturbed. Thus, quantitative examina-
tion of ablation products is warranted.
Rigorous description of the boundary layer conditions with ablation and
radiative coupling is very complex, unfortunately. In solution of the energy
equation, for example, conduction, diffusion, and radiative transport must
be accounted for. Species conservation equations must be introduced and
reaction kinetics must be considered. A myriad of basic properties data,
including molecular transport, chemical kinetic, radiative, and thermody-
namic, must be accumulated.
The intent of this analysis has been to assess the order of magnitude of
the radiative heat transfer perturbation induced by the presence of ablation
products. In keeping with this goal, many simplifying approximations have
been introduced. The major assumptions relating to the description of
the boundary layer profiles are as follows:
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I) Thermochemical equilibrium exists.
2) Lewis and Prandtl numbers are one.
3) Density-viscosity product is constant through the boundary layer.
2) Pressure gradient influence on velocity profile is negligible.
5) Mass injection distribution is similar.
6) Radiation influence on enthalpy profile is negligible.
With these several assumptions, the momentum equation may be transformed
to the incompressible, flat-plate form. In particular, with (cf. Lees,
Ref. 2.36)
aT: J (2.67)
then
;))) J)+ /'/" .--_ (2.68)
where the prime denotes differentiation with respect to the transformed
co-ordinate _ defined below
(2.69)
s %
0
(2.70)
The solution to this equation for the conventional boundary conditions is
tabulated for a range of mass injection rates (_) by Emmons and Leigh
(Ref. 2.37). With the foregoing assumptions, the total enthalpy and ele-
mental mass concentration distributions are similar to the velocity distri-
bution (cf. Lees, Ref. 2.38)
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In utilizing these relations, the outer boundary conditions, denoted by
the subscript e, are known as is the wall enthalpy, Hw. The wall concen-
tration of the i elements may be determined from the known mass injection
conditions and ablator composition according to the relations of Ref. 2.38.
where _, represents the mass fraction of element i in the gases being
injected into the boundary layer and 8_ is a mass transfer parameter defined
by
Thus, the tabulated results of Ref. 2.37 may be used to obtain elemental
concentration and enthalpy, as well as local tangential velocity, in terms
of the transformed normal co-ordinate, _ . With this information (enthalpy
and elemental mass fractions) and the local static pressure, the concentra-
tion of individual species may be computed from chemical equilibrium theory.
A computer code is used to solve for the chemical equilibrium composition.
It yields temperature and density together with molecular concentrations.
The results are sufficient to determine from Eq. (2.69) the physical co-
ordinate,_,u as a function of T . Thus, the thermodynamic state and
compositi6n of the gas may be described as a function of distance from
the wall.
This approximate procedure for determination of boundary layer conditions
has been applied for one select case. Conditions existing at the geometric
center of Apollo at the approximate time of peak radiative heating in
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Trajectory III (_0 seconds time) were selected as representative of the
extreme situation with regard to boundary layer contamination. (The
ablation rate is near maximum at the time of peak radiative heating in
this trajectory.) These conditions are:
: O.31 _e : 5800 ft/sec
_ = -1.05 Pe = 0.39 atm
ff_= _00 Btu/lb m He = 23,_00 Btu/lb
= .2v .56
= .07 %: .os
The velocity, temperature, and density profiles computed for this situation
are shown in Fig. 2-2_. The corresponding distribution of molecular species
has been shown in Fig. 2-23. Because of the high mass injection rate, the
velocity gradient is small near the wall and the boundary layer is relatively
thick, being somewhat in excess of 2 cm. The gas near the wall is predom-
inantly composed of diatomic and polyatomic ablation product species.
However, these ablation product species are almost completely dissociated
at a distance of less than one cm from the wall and at greater distances
they are largely diluted by the air atoms.
With the temperature and particle concentration distributions through the
boundary layer established, the radiation transport problem may be considered.
For this purpose, the spectral absorption coefficient within the boundary
layer must be defined. The absorption cross section data presented by
Weisner (Ref. 2.39) are used here. His results, while not exhaustive,
include detailed data for the most prominent band systems of the diatomic
species of interest. Figure 2-25 describes the absorption coefficient
at a location 0.6 cm from the wall. The dashed line in the figure presents
for comparitive purposes the absorption coefficient of air at the same
pressure-temperature condition. The minimum value shown for the absorption
h
-I
coefficients is I0 -_ cm Many of the relatively well known absorption
bands (e.g. CN red, CO Asundi)lie for the most part below the cut-off
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value. Similarly, the air absorption coefficient lies below i0 -h cm -I for
o
wave lengths above about 300OA. The location for which data are presented
in Fig. 2-25 is a representative one. Nearer the wall, the absorption
coefficients are somewhat greater in accordance with the increased concen-
tration of ablation products. Further from the wall, the absorption coef-
ficient falls off rapidly since the molecules disappear. (Atomic carbon
and hydrogen have absorption coefficients similar to nitrogen and oxygen
atoms. The atomic absorption coefficients are low relative to the molecular
absorption coefficients in the visible region of the spectrum. See Fig. 2-22,
for example.)
Figure 2-25 shows that absorption coefficients for the contaminated boundary
layer are much larger than for an air boundary layer. However, the optical
thicknesses of the contaminated boundary layer are still small everywhere
through the visible region of the spectrum. The peak value of the optical
thickness in the visible occurs at 3850_ and is about 0.08. Thus absorption
of visible radiation from the inviscid, air shock layer will not be signifi-
cant. In the ultraviolet region of the spectrum, the optical thicknesses
are somewhat larger. The peaks of the optical thicknesses due to H2
photoionization, H2 Lyman and the CO 4th positive systems are about 0.64,
0.32, and 0.36 respectively. The H 2 Lyman and CO 4 th positive bands lie
largely in a spectral region where the incident spectral flux from the air
shock layer is small and thus they are not of great importance. (The
dominant emission from the shock layer - that due to ion electron recombin-
O
ations - occurs below ll3OA.) The H 2 photoionization process lies in the
important vacuum ultraviolet radiation region, but at the low wavelength
end where again the incident spectral flux is not large.
Although absorption coefficients are large in portions of the ultraviolet
due to the presence of CO and H2, little emission from the boundary layer
results since the Planck radiation function is very small at the low wave-
lengths. (At 5000°K less than O.1 percent of the black body radiation is
O
emitted at wavelenths less than 2000A.) The CN violet and C 2 Swan bands,
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which lie in a region where the Planck function is larger, result in increases
in radiative flux to the surface of about 6.5 and 2.5 watts/cm 2, respectively.
These increases are not very significant in comparison with the unperturbed
radiation from the inviscid shock layer, which is approximately 150 watts/cm 2
The present assessment has not accounted for many of the radiative absorption
processes due largely to a lack of absorption coefficient data. Most of the
photoionization processes and all polyatomic absorption bands have been
neglected. However, the results are considered indicative. The tentative
conclusion is that ablation products will have second-order influence for
the Apollo flight conditions. Emission from the boundary layer is small.
Optical thicknesses of the boundary layer are small except in narrow regions
of the ultraviolet." These conclusions are reinforced by the work of
Ref. 2.20 wherein the coupled radiation-convection problem was treated with
injection of a single contaminant, CO. The results of Ref. 2.20 indicated
that presence of the CO has a very minor influence on radiative transfer
to the wall.
Equilibrium Radiation
Previous investigators have shown that energy loss and self-absorption can
lead to large reductions in the radiation from air shock layers. Yoshikawa
and Chapman (Ref. 2.21) studied the problem of emission, absorption, and
radiant energy loss behind a one-dimensional shock wave. Studies of non-
adiabatic effects on the radiation transfer to blunt bodies have been
reported in Refs. 2.13, 2.17, 2._2-2._7. A variety of restrictive assump-
tions and approximations appear in these works. One potentially important
effect which has been commonly neglected concerns spectral effects and
self-absorption. The aforementioned studies employ the grey gas approxima-
tion which is valid only when the absorption coefficient is independent of
_ Further and more detailed study of absorption in the ultraviolet is desir-
able. Inclusion of additional absorption processes may indicate significant
influence of contaminants. Certainly absorption will become significant
for conditions only slightly more severe than considered here. Therefore,
predictions which neglect ablation products will be conservative.
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wave length or when the radiating layer is optically thin for all wave
lengths. These conditions generally are not satisfied as was indicated
in consideration of the data of Fig. 2-22.
For isothermal layers, the effects of spectral self-absorption may be
integrated to yield the total radiation intensity or wall heat flux (Refs.
2.23, 2.28). For non-isothermal layers with known distributions of thermo-
dynamic properties, spectral integrations may be similarly performed to
obtain the self-absorption effect. Since the spectral characteristics of
emission and absorption are different, the results obtained by integration
with practical spectral representations are subjected to large uncertainties.
When the distribtuions of thermodynamic properties must be calculated by
coupling with the radiative transport calculations, the spectral representa-
tion must be gross in order to reduce the time required for numerical
calculations.
The present work has been directed toward the development of methods account-
ing for the spectral nature of the emission and absorption on inviscid,
non-adiabatic flows around arbitrary two-dimensional and axi-symmetric
bodies. Numerical techniques for solution of the radiation coupled flow
field have been formulated for two separate regions - the stagnation region
and the non-stagnation region. The mathematical models are incorporated
in two computer programs -- I. STAGRADS (STAGnation-point, RADiation-
coupled, with External _ource, and II. STRADS (STreamtube, RADiation-
coupled with External Source).
Problem Formulation
The problem is formulated for two separate regions -- the stagnation region
and the non-stagnation region. Several approximations are introduced in
order to make the mathematical model more tractable and to minimize the
computation time. Some of the approximations apply to both body regions;
they will be mentioned first. Others are employed only for a single region
and they will be discussed under the appropriate body regions.
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The following approximations applicable to both the stagnation and non-
stagnation regions are introduced:
I. The shock layer is physically thin compared to the local body
radius. This is a generally-made hypersonic assumption when
the density ratio across the shock is small compared with one.
2. The shock layer gas is inviscid and in complete thermodynamic
equilibirum. Precursor effects due to the outward radiation
from the shock layer are not considered.
3. The shock layer is considered_ for radiative transport calcula-
tions, locally as a semi-infinite plane-parallel slab with the
local distribution of properties. This approximation simplifies
the mathematical derivation and numerical calculation greatly.
There are two sources of error in this approximation. First,
the geometry simplification and neglect of streamwise radiation
gradient induce error in the integration over solid angle to
obtain the wall heat flux. The magnitude of this error has been
examined for spherical geometries by several investigators
(e.g., Eefs. 2.32, 2.h3, and 2.h8) and has been found to be small;
the radiation is overestimated by about IO percent. For small-
radius, expansion corner regions the magnitude of the error
increases, however. The second source of error concerns the
neglect of streamwise radiation variation in solution of the
energy conservation equation. The error is small provided that
the net rate of strea_ise radiative energy transport is small
relative to the convective rate of energy transport. This ratio
can be shown to be small for the conditions of interest.
Furthermore, a refinement of this model is at present premature
since it does not correspond to the accuracy with which the opti-
cal properties of the shock layer gases are known.
h. The body surface is black and the shockwave reflectivity is small.
The spectral properties of heat shield surfaces at high tempera-
tures are not very well known. Neglecting reflections by sur-
faces bounding the shock layer simplifies the transport calculations.
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5J The spectral absorption coefficients do not fluctuate rapidly
with frequency. In other words, the contributions due to indi-
vidual discrete lines are not considered, although it has been
shown that several strong lines in an air plasma contribute sig-
nificantly to the total emission (Refs. 2.28, 2._9). Weak lines
may be assumed smeared and treated integrally. The results
obtained have been based on a "two-band" model and a "six-band"
model of the spectral absorption coefficient, which will be
discussed in Appendix 2B. There is no difficulty, other than
the increase of computing time, to increase the number of "bands".
The problem of individual lines, however, must be left for future
study.
The following approximations are applicable to the stagnation region:
I. It is assumed that the region considered is within a distance
from the stagnation point of the order of the shock standoff.
2. The pressure gradient in the direction normal to the body is
negligible. The justification of this approximation is discussed
by Howe and Viegas (Ref. 2.44).
3. The shockwave is concentric with the body.
h. The kinetic energy may be neglected so that the total enthalpy
may be approximated by the static enthalpy. This is a good
approximation for hypersonic speeds in the vicinity of the stag-
nation point.
5. It is assumed that similarity exists.
The following approximations are applicable to the non-stagnation region:
I. The normal pressure variation across the shock layer is small.
2. The surface pressure distribution is given by the adiabatic flow
solution. The justification given by Bird (Ref. 2.50) may be
cited.
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Governing Ezuations
The governing equations for the two body regions will be described separately.
Stagnation Region
- 1
f
f
8ODY
In the above sketch, the velocity components u,v at the point s,y are
parallel and normal to the body surface, respectively. The distance along
the body surface from the stagnation point is s. In the region s/A_l
and with/_/R _I, the conservation equations for inviscid flow (here
C
implying non-conducting and non-diffusing as well) may be written as
follows (see Ref. 2.[_ for analogous equations for a viscous shock layer):
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,,<,<<_v+,,,:,,,j_/U z @_
_-- =-,4' -_
(2.76)
(2.77)
where
= radiative power gain per unit volume,
(2.78)
(2.7£)
(2.80)
to be discussed later.
The boundary conditions are given below.
At the shock wave, y =A,
U= us= U_ s (2.81)
_ =,_a = -ga,,,,( / (2.82)
p=_=_C {,-_)(,--- (2.83)
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where
At the body surface, y = O,
density ratio across shock wave.
v =o (2.85)
For an inviscid flow, the wall conditions for u and H cannot be specified;
they are part of the solution to be obtained.
With the assumption of a negligible y pressure gradient, the y momentum
equation may be eliminated. The other three conservation equations may
be simplified by introducing the following transformation similar to the
Lees-Dorodnitsyn transformation for compressible laminar boundary layers:
2L
o
• F_L r_ L
(2.87)
-- as (2.88)
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(2.89)
(2.90)
With s/R _ I and /_/R _ I, A may be approximated by unity, although
c c
the gradient of A may not be neglected. From Eqs. (2.78), (2.79), (2.86),
(2.87), (2.88) and (2.89)
(2.91)
The transformed momentum and energy equations are:
(2.92)
(2.93)
If similarity is assumed so that all dependent variables are functions
of _alone, Eqs. (2.92) and (2.93) reduce to
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(2.9L)
(2.95)
The transformation and simplification also yield the following relations:
,__p_,</.of,,) (2.96)
(2.97)
1%°÷/) a'a, (2.98)
where _ is the value of _ at the shock wave.
The boundary conditions in the transformed co-ordinates are:
at 7 -- 0 _ J: ---_0
(2.99)
at
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Since there are more known boun,Jary conditions at the shock wave than at
the body surface, it will be more convenient to have a further change in
variables by letting:
P_ P
I
(2.1oo)
4a_
where
z = A- y , distance beyond shock wave
Then, Eqs. (2.94) and (2.100) become
= -zg -
(2.103)
* For an isothermal shock layer, Eq. (2.103) may be integrated analytically.
The expressions for the shock standoff may be shown to be
&__ g /0," Z--- /
-- 1 4-a_
,,1 ,,/o*" Z=O
where
=[-.c(,-c)]"
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(2.io_]
Another form of Eq. (2.1Oh) more useful for later numerical analysis is
(2.10_)
The boundary condition now becomes
d/_ =:- /
where :_is the value of : at the body surface.
be determined from the solution.
(2.lO6)
(2.io7)
The value of _ must
The assumption of similarity and plane layer permits the approximation
that_ depends only on :.
With appropriate state equations and optical properties for the shock layer
gases, Eqs. (2.103) and (2.102) with boundary conditions given by Eqs. (2.106)
and (2.107) may be integrated by any of the numerical schemes for ordinary
differential equations. Because of the last term in Eq. (2.103), the momentum
equation is coupled to the energy equation. An iterative procedure must
be used to obtain the solution. The following enthalpy distribution (Ref.
2.13) is used for the first trial:
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where
io8)
= low frequency (visible) absorption coefficient, see
Appendix 2B.
Non Stagnation Region
The governing equations for the streamtube formulation have been given in
Section 2.1 and are not repeated here.
Radiative Terms
The radiative terms in Eq. (2.7_for the stagnation region and the corres-
ponding ones for the non-stagnation region may be written as:
with
A
(2.109)
(2.iiO)
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where
: radiation frequency
: spectral absorption coefficient at
- C_ (e - I , Planck distribution function
_(_) -- exponential integrals of first and second orders,
_(_) respectively
J
f
= spectral heat flux from external source as parallel
beam at angle _ to body normal; subscript O omitted
for isotropic volume source
= normal distance from body surface
c_ o
, for oblique parallel beam at angle
, for isotropic voluem source
The succeeding terms on the right-hand side of Eq. (2.110) can be recognized
as (I) radiative loss, (2) absorption of radiation from body surface attenu-
ated by streamlines between the body and the local streamline, (3) absorption
of radiation from external sources attenuated by streamlines between the
shock wave and the local streamline, and (h) absorption of radiation emitted
by other streamlines. A derivation of Eq. (2.110) is given in Ref. (2.19).
The heat flux to the wall is given by
(2.111)
with
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where
A
( .112)
_'/cos Q
e- case, for oblique parallel beam at angle@
for isotropic volume source
In the stagnation reglon, the integration is from the shockwave to the
body. The substitution of a normal distance _ =/k--_ may be made in
Eqs. (2.110) and (2.112) for this case.
For the present study, external radiation sources are not present so that
_o= O in Eqs. (2.110) and (2.112).
J
Method of Solution
For the stagnation region, the velocity and enthalpy profiles are very
approximately linear near the shockwave. A simple forward finite-difference
scheme is therefore used to integrate Eqs. (2.103) and (2.105). The finite-
difference form for Eq. (2.105) used is given by
(2.113)
where
_)=0 -- ,
(2.11)4)
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_=/
with
(2.115)
(2.116)
(2.117)
_0 = _I-/, (2.118)
_" = layer index
_q = total number of layers
2-69
LOCKHEED MISSILES & SPACE COMPANY
Since the velocity field is only weakly coupled to the enthalpy field,
according to Eq. (2.103), the following approximation may be made:
(2.114)
In deriving Eq. (2.115), constant properties are assumed across the width
of the individual layers, but radiation traversing through is attenuated
by each of the differential widths within /k_x'.
Equation (2.103) is first integrated with an initial enthalpy profile given
by Eq. (2.108). Then Eq. (2.113) is used to obtain _. The resulting
is used for the next integration of the momentum equations if the difference
between the calculated and the assumed values of _ exceeds the specified
U
limit.
For the non-stagnation region, conservation equations (2.17), (2.22) and
(2.23) (but including self-absorption effects) are first integrated across
the width /k_--_, 6+/- _. of the streamtube. As with the stagnation
gl
region, constant properties are assumed across the width of the streamtube,
but radiation traversing through is attenuated by each of the differential
widths within /_. The conservation equations with theappropriate
initial conditions are integrated with a fourth-order Runge-Kutta integra-
tion scheme. The body surface pressure distribution, the spectral frequency
divisions, the source description, the body station locations, the character-
istic vehicle dimension (i e., nose radius) and body shape, and other envi-
ronmental conditions (e.g. ambient pressure, velocity, etc.) are input to
the program. The details of the numerical approaches may be found in
Ref. (2.19).
The computation techniques have been formulated for arbitrary two-dimensional
and rotationally-symmetric flows. Thus, they are not directly applicable
to Apollo at angle-of-attack. However, by artificially modifying the problem
conditions, an approximate account for the flow asymmetry effects on
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radiation can be made. Flow asymmetry affects shock layer thickness and
velocity profiles. The radiative heat transfer depends almost linearly on
the shock-layer thickness, but is weakly dependent on velocity profile.
Thus, radiative heating from a three-dimensional flow can be closely approx-
imated if the shock layer thickness is closely matched. It was demonstrated
in Section 2.1 that the Apollo shock configuration was adequately given by
an axi-symmetric flow solution if the radial co-ordiante was measured from
the "virtual axis of symmetry" rather than from the stagnation point.
Accordingly, the radial co-ordinate origin is displaced in application of
the STRADS program to Apollo. In use of the STAGRADS program, an effective
body radius of curvature is introduced in place of the actual body radius
of curvature. For an isothermal stagnation region flow, the conservation
equations used by STAG-RADS may be integrated to obtain the following
result for the shock layer thickness
, c)]'"- (2.120)
The shock layer thickness for the blunt body at angle of attack is from
Eq. (2._L) of Section 2.1
Thus, the effective radius of curvature for which the rotationally symmetric
solution yields the three-dimensional results is
,,
_:_c (2.121)
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For the Apollo vehicle at 25 deg angle of attack, the streamtube program
yields the following results with C = 0.061
= o.59 , As= 1.26 , o.59
These yield upon substitution into the above equation
,_'m _r" = 0.82 A='c
or
Re elf = 385 cm
The STAGRADS calculations which are subsequently discussed were made using
a preliminary value of 295 cm for _fc_ffcm. Thus they underestimate the
shock layer standoff and the stagnation point radiation to some extent.
2.2.3 Radiation Heating Results
As discussed previously in Sections 2.2.1 and 2.2.2, many radiation phenomena
are encountered by vehicles during reentry at super-satellite velocities.
Depending upon the velocity-altitude-body configuration conditions, the
determination of the radiation heating level requires the consideration
of one or more of the following effects: spectral self-absorption, energy
loss, contamination by ablation species, and non-equilibrium including
truncation and collision limiting. For conditions where the radiative
heating level is relatively high (say, iOO watts/cm 2 and higher), the shock
layer is generally in equilibirum for lunar reentry velocities. Results
calculated for equilibrium shock layer with spectral self-absorption and
energy loss are therefore presented first. The influences of other effects
are then discussed. The results for the stagnation region and the non-stag-
nation region are presented separately.
Stagnation Region
Stagnation point results as calculated by STAGRADS for the inviscid, equil-
ibrium-air shock layer are given in Figs. 2-26 to 2-35. Figures 2-26 to
2-30 are for conditions more severe than for Apollo lunar reentry. They
are included to show the effects of the parameters (such as the nose radius)
and the effects of the assumptions (adiabatic, self-absorption).
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Figure 2-26 shows the total stagnation heat flux versus nose radius. Most
of the calculated points are based on the two-band model. The six-band
results are indicated by the arrow-head tips. The curves are for a flight
velocity of 15.2h Km/sec and ambient to sea-level density ratio of 1.8 x I0 -h
(210,000 ft altitude). The top curve is calculated for an isothermal shock
layer with a transparent gas assumption. The middle curve is calculated
allowing absorption to attenuate the heat flux given by the top curve.
If both energy loss and absorption are considered, the heat flux is further
reduced, as shown by the bottom curve. It is apparent that both energy
loss and absorption are important in determining the wall heat flux. The
effects of varying velocity and altitude are also depicted by symbolized
calculated points in Fig. 2-26. The differences between the two-band and
six-band results are seen to be small.
Figure 2-27 shows the heat fluxes computed for the two spectral bands.
The spectral and non-adiabatic nature is evident. It is interesting to
note that for the non-adiabatic-absorbing case the low-frequency heat flux
"catches up" with the high-frequency heat flux as the nose radius increases.
Figure 2-28 shows the fact that energy loss reduces the shock standoff.
Figure 2-29 shows the velocity and enthalpy distributions across the shock
layer. The velocity fields are perturbed by energy loss and absorption
only slightly, whereas the temperature and enthalpy distributions are changed
appreciably. The six-band model yields a slightly warmer layer and hence
a slightly larger shock standoff than the two-band model.
Figure 2-30 shows the six-band spectral heat fluxes. With the discrete-
band approximation, the intensity within each band is assumed uniform and
represents an average although in reality intensity variations within each
band exist.
Figure 2-31 shows the total stagnation point heat fluxes for Apollo at
several velocity-altitude conditions of interest, calculated using the
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two-band model. An effective nose radius of 295 cm is employed. Both the
Planck-mean absorption coefficient data of Gilmore-Hahne (Refs. 2.25, 2.27;
see Appendix 2A) and of Churchill (Ref. 2.29), excluding the far ultra-
violet contributions, are used in the calculation. A single point calculated
using the six-band model is also shown in Fig. 2-31. The two-band model
with the Churchill coefficients is also used for the equilibrium results
given in Fig. 2-20.
Figure 2-32 shows the two-band Apollo stagnation optical thicknesses. The
far ultra-violet optical thickness is of the order of unity or larger for
altitudes below 230 Kft; therefore, self-absorption effects must be considered
for the far UV under most conditions. For altitudes below lOO Kft, the
black body limiting flux is approached and self-absorption effects in the
longer wavelength region become important. It is noted that the black-body
limiting regime, the low-frequency absorption coefficients used in the two-
band and six-band modelsbecome inadequate. More refined spectral resolu-
tions or more bands must be used. On the other hand, at the high heating
levels near the black-body limiting regime, the effects of ablation species
contamination are expected to over-shadow the inaccuracy of the two-band
model.
The effects of energy loss are determined by the value of the radiation
loss parameter _6b according to Ref. 2.13, where F_-_ is defined as the
ratio of the transparent, adiabatic shock layer emission to the limiting
radiation flux. Since the far UV is generally not transparent, the use of
a Planck-mean absorption coefficient over the whole spectral region will
yield a _ overpredicting the energy loss effects. For lunar reentry
velocities, less than about two percent of the black-body radiation is in
the spectral region with 2<0.113/_. The use of the low-frequency
(2 > O.113/x?) absorption coefficients in defining the radiation loss param-
eter may be more appropriate. Figure 2.33 shows the radiation loss param-
eter calculated according to the above basis.
2-?h
LOCKHEED MISSILES & SPACE COMPANY
Still a better definition of a radiation loss parameter is defined as the
ratio of the total wall heat flux divided by the limiting radiative flux,
including the effects of self-absorption, energy loss and non-equilibrium.
This effective parameter, _e ' is shown in Fig. 2-32. Unfortunately, _e
may be calculated only after a solution of the problem is obtained. When
both energy loss and spectral absorption are important, a simple correlation
in terms of a certain energy loss parameter alone may not be feasible.
Figure 2-35 summarizes the Apollo stagnation heat flux at various velocity-
altitude conditions. The equilibrium calculation is based on a two-band
model using the low-frequency absorption coefficients of Churchill. The
correction for non-equilibrium effects must be considered very approximate
at present.
Non-stagnation Region
Radiative heat transfer distributions as calculated by STRADS for an invis-
cid, equilibrium shock layer are given in Figs. 2-36 to 2-26. The results
are for the Apollo flying at a 25° angle of attack. In order to simulate
the actual attitude by an axisymmetric configuration, the effective axis
of symmetry is put at a distance R ° from the stagnation point, as shown
in Fig. 2-36. The spectral coefficients are based on the "two-band" model
with the Gilmore-Hahne coefficients. The surface pressure distribution
used for Figs. 2-37 to 2-25 is given by the solid curve in Fig. 2-36.
(Note that this pressure distribution is subsequently correcte_, as given
by the broken curve in Fig. 2-36. The effect is shown in Fig. 2-26.)
The environmental conditions for Figs. 2-36 to 2-22 correspond to a flight
velocity of 10.37 Km/sec and ambient to sea-level density ratio of 2.56 x 10 -2 .
Figure 2-37 shows the optical thickness for the two "bands". It is seen
that the longer wavelength region is transparent (g-_ i) and the shorter
wavelength region is not transparent (_ _ i). The effects of energy loss
and absorption on the optical thickness are indicated.
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Figure 2-38 shows the total wall heat flux as a function of surface loca-
tion. It is seen that both energy loss and absorption have very significant
effects. The curves for small values of S/Rma x are dotted to indicate that
the results there are not to be accepted. The approximations used in the
streamtube formulation are inaccurate near the stagnation region.
Figure 2-39 shows the wall heat flux within the ultra-violet region
o
(200 - ll30A) and Fig. 2-20 shows that for the longer wavelength region.
It is of interest to note that for the non-adiabatic cases absorption
increases the wall heat flux in the longer wavelength region but decreases
that in the shorter wavelength region. This is because absorption main-
tains a higher temperature in the shock layer than for the case without
absorption. Since the optical thickness in the longer wavelength region
is small, the increase in wall heat flux in this spectral region is due to
the increase in temperature. On the otherhand, the optical thickness in
the shorter wavelength region is large; therefore, the attenuation effect
of absorption decreases the wall heat flux in this spectral region.
Figures 2-21 and 2-22 show the shock layer temperature profiles at two
surface locations. It is seen that both energy loss and absorption modify
the temperature distribution.
Figure 2-h3 shows the effects of altitude on the total wall heat fluxes.
The differences between the adiabatic-non-absorbing and non-adiabatic-
absorbing cases decrease as the altitude increases.
The effects of spectral absorption coefficient models on the total wall
heat flux to Apollo are indicated in Fig. 2-22. The six-band model yields
a slightly smaller total heat flux. The six-band optical thicknesses are
given in Fig. 2-25.
After the results given in Figs. 2-37 to 2-25 were obtained, an improved
Apollo pressure distribution was calculated using the STREAMTUBE Code.
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This improved pressure distribution is given by the dotted curve in Fig. 2-36.
Figure 2-h6 shows the effects of the pressure distribution on the Apollo
heat flux distribution. The effects of using a different set of absorption
coefficient for_ >0.I13/_ are also shown in Fig. 2-h6.
Application of Results
For a single point (fixed altitude and velocity) description of the wall
heat flux, detailed computations of the flow field and radiative energy
transport are desirable. However, when radiative heating histories must
be determined for several trajectories, the use of more expeditious tech-
niques is warranted.
According to the results presented in Fig. 2-h3, the heat flux distributions
when normalized to the maximum or to the stagnation point value are approx-
imately similar. Thus, the distribution may be assumed frozen as an engin-
eering approximation and the local heat flux may be calculated using the
stagnation heat function and the normalized distribution. To obtain the
stagnation heat flux, data such as presented in Fig. 2-31 suffice if small
interpolation errors are admitted.
At the higher altitudes where non-equilibrium radiation is significant the
heat flux computed in the above manner must be corrected. The local non-
equilibirum flux and non-equilibirum distances are assumed dependent on
the local free-stream velocity component normal to the shock wave. (This
assumption is strictly valid when the thickness of the non-equilibrium zone
is small compared with the shock layer thickness. It becomes approximate
when the normal and tangential velocities vary appreciably through the
local non-equilibrium zone.) With this assumption, the non-equilibirum flux
and zone thickness may be estimated from the normal shock formulae (Eqs.
2. 63 - 2.66) by replacing the free stream velocity with the normal compon-
ent of velocity. Then the total radiation is given approximately by
/_ Z_ (2.122)
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 z=/rn (2.123)
where_e is the radiation from a shock layer in complete equilibrium
and_ is the non-equilibrium radiation computed via Eqs. (2.63 - 2.66).
This method is considered satisfactory for the trajectories of interest
since the high radiative heating generally occurs when equilibrium radia-
tion predominates.
The foregoing calculation procedures are embodied in the ENVIRONMENT pro-
gram s which is used to generate rapidly histories of the aerothermal envi-
ronment. The program is described in Volume II.
2.3 CONVECTIVE HEAT 'IRANSFER
The problem of predicting convective heat transfer to blunt vehicles travel-
ling at hypersonic speeds has received wide attention. The effects of
dissociation and ionization, non-equilibrium, mass injection, pressure
gradient, and other influencing factors have been determined by rigorous
numerical solution of the boundary layer equations. While the numerous
investigations have produced a good understanding of the phenomena influ-
encing boundary layer development, the prediction of convective heating
involves application of many simplifying assumptions and approximations.
Most theoretical studies have treated only one or two of the many phenomena
important in an actual flight situation. The turbulent boundary layer
has not been well characterized because of uncertainties in the turbulent
transport mechanism. For these reasons, approximate correlation formulae
and semi-empirical relations are generally used in computation of the
convective heating experienced by an entering vehicle. The purpose of this
work has been to select methods enabling a realistic accounting for the
interactions important during superorbital entry. Development of efficient
means for solution of the complete boundary layer equations wasbeyond the
study scope. Hence, existing theoretical developments and experimental
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results have been used for the most part. This section first examines
the dependence of convective heating on the various influencing factors.
The literature is then reviewed in selection of suitable computation tech-
niques. Finally, results obtained in application of the adopted procedures
are presented. Subsidiary analyses and data correlations are given in the
appendices.
2.3.1 Phenomenological Review
As the reentering vehicle descends through the atmosphere, a number of
convective regimes will be encountered. Hayes and Probstein (Ref. 2.12)
identify seven separate classes ranging between the free molecule flow
and boundary layer regimes. Because convective heating rates are very
small in the rarefied gas flows, only the vorticity interaction and
boundary layer regimes are examined. In this latter regim3 consideration
must be given to both laminar and turbulent flows.
It has been shown in the previous sections that non-equilibrium and radi-
ative energy transport influence the flow to some degree. The effects on
convective heating of these phenomena, together with mass injectio_surface
reactions, and shock generated vorticity, are examined in the following
paragraphs. Also treated is the influence of non-similar wall conditions.
General Flow Conditions
The magnitude and spatial variation of some of the fundamental parameters
affecting boundary layer development on Apollo are presented here for
future reference. Figure 2-h7 depicts conditions at the outer edge of
the boundary layer for the approximate flight conditions of peak convec-
tive heating. Temperature, Mach number, and pressure gradient parameter
are shown as a function of normalized distance from the stagnation point.
At the indicated temperature level, the air is almost completely dissoci-
ated but the degree of ionization is very slight. The pressure gradient
parameter does not vary appreciably over the spherical sector, but increases
abruptly on the toroidal corners, reflecting the rapid expansion. Mach
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number becomes sufficiently large so as to make viscous dissipation impor-
tant. Figure 2-h8 shows the inner boundary conditions of wall temperature
and normalized injection velocity.* Both quantities vary significantly
along the surface thus destroying similarity. The surface will be highly
reactive for the temperature shown. Gas composition at the surface will
be strongly influenced by ablation products at the indicated injection
velocity. By comparison of the results of Figs. 2-h7 and 2-h8, it can
be inferred that the wall enthalpy ratio, _///e ,is much
less than
unity.
Flow Geometr Z
It was shown in Section 2.1 that a three-dimensional, inviscid-flow pattern
is [nduced by vehicle angle-of-attack. As a consequence, rotational sym-
metry cannot be assumed in description of boundary layer development.
The nature and techniques for analysis of three-dimensional boundary layers
have been reviewed by Cooke and Hall (Ref. 2.11). Boundary layer thick-
ness and temperature gradients are affected by the rate of divergence of
adjacent streamlines. Cross flow within the boundary layer results from
pressure gradients normal to the streamwise direction Beckwith (Ref. 2.72)
has examined the influence of cross flow and found it to be small, partic-
ularly for strong wall cooling and moderate, favorable pressure gradients
such as those of interest here. With the assumption of small cross flow,
the three-dimensional boundary layer equations are directly analagous to
those for rotationally symmetric flow. The usual radial coordinate appear-
ing in the axi-symmetric equations is simply replaced by the spreading
coordinate, h2, which was introduced in Section 2.1. Thus the influence
of flow pattern is simply determined using solutions derived for axi-sym-
metric flow.
These conditions were computed assuming laminar boundary layer flow.
With turbulent flo_, both the wall temperature and injection rate are
increased.
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Figure 2-h9 shows the convective heating distribution for Apollo at 25 deg
angle-of-attack as computed by the methods outlined in Section 2.3.2. To
illustrate the effect of flow geometry, results obtained assuming rotation-
ally symmetric flow and two-di_ensional flow are compared with those obtained
using the spreading coordinate of Fig. 2-16. (All results in the figure
are normalized by dividing the local convection coefficient by the convec-
tion coefficient which would exist at the zero-angle-of-attack stagnation
point with a Newtonian velocity gradient.) It may be observed that the
convective heating level is not well approximated by either of the two
limit predictions. At the stagnation point, the heating is somewhat less
than for rotationally symmetric flow. The trends away from the stagnation
point reflect the streamline pattern. On the lee side, the heating tends
toward the rotationally symmetric level. On the windward corner, the flow
tends toward two-dimensional. It is apparent from the results of Fig. 2-h9
that flow geometry should be properly accounted for in prediction of the
convective heating.
Surface Protrusions
Irregularities in surface contour may also be of concern in establishing
local heating level. The smooth Apollo surface is interrupted by launch
load-bearing pads and other protruding equipment. It has been demonstrated
in numerous experimental investigations that such projections can cause
significant changes in magnitude of heating. As depicted in Fig. 2-50,
the flow pattern in the vicinity of the protuberance may be greatly altered.
Pressure increase with attendant flow separation occurs upstream of the
protuberance. A dead air region, reattachment point, and wake occur down-
stream of the protuberance. The extent of the interference region and
degree of heat transfer coefficient perturbation are dependent on local
Mach number, Reynolds number, pressure gradient, wall cooling, mass injec-
tion, protuberance shape, and protuberance size. Interference factors
(ratio of local heat transfer coefficient to undisturbed heat transfer
coefficient) of greater than two have been measured in wind-tunnel testing
of scale models of the Apollo configuration. Thus an accounting for pro-
tuberances is of first-order importance in design heating predictions.
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Shock Generated Vorticity
Curvature of the bow-shock wave enveloping a blunt body induces an entropy
gradient in the flow which is manifested by velocity and density variations
normal to the wall. The vortical character of the inviscid flow was described
in Fig. 2-15 where it was shown that velocity increases rapidly in the direc-
tion away from the body surface. The shock-generated vorticity interacts
with the boundary layer to cause an increase in heating level. The extent
of the interaction is dependent on the magnitude of the inviscid flow
velocity gradient relative to the viscous boundary-layer velocity gradient.
Thus, it would not be expected that external vorticity would appreciably
affect the development of a very thin boundary layer. In such a situation
the boundary layer may be described by application of classical boundary
layer theory with the boundary-layer edge conditions taken from the inviscid
solution for the surface streamline. However, it is apparent that for very
thick boundary layers the shock generated vorticity will significantly
alter the edge conditions. In this case, the edge velocity is increased
and the edge velocity gradient can no longer be considered negligible.
The application of second-order boundary layer theory is required to obtain
a solution for a viscous flow region which merges smoothly into the external
rotational flow field.
Solutions which have the desired characteristics have been obtained by
several different techniques. Results showing the influence of the vorticity
interaction at a rotationally s_nmetric stagnation point are shown in Fig.
2-51. The different investigators have obtained widely varying results.
Van Dyke (Ref. 2.73) and Maslen (Ref. 2.7h) employed inner and outer expan-
sion techniques. Ho and Probstein (Ref. 2.75), Herring (Ref. 2.76), and
Cheng (Ref. 2.77)carried out viscous shock layer analyses. An approximate
matching method was utilized by Ferri, Zakkay, and Ting (Ref. 2.78). The
latter workers present experimental data substantiating their theoretical
results. However, the solutions by Van Dyke and Maslen are the most rigor-
ous and hence should yield the correct results. While the various results
differ somewhat in level, the predicted trends are generally the same. The
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vorticity effect is greatest at high altitude and flight speed. This is
in agreement with expectation since inviscid flow velocity gradients are
increased by increasing flight speed (or decreasing shock density ratio)
as indicated by the results of Fig. 2-15 and viscous flow velocity gradients
are decreased by increasing altitude (or decreasing Reynolds number).
The influence of vorticity on Apollo heating is indicated in Fig. 2-52 by
co%oarison of predictions with and without the vorticity interaction correc-
tion. The non-blowing heat transfer history at the stagnation point shown
in this figure is for Trajectory II. This trajectory was selected for the
comparison since it yields the maximum vorticity interaction. The extent
of the vorticity interaction was predicted by the approximate method described
in Appendix 2E. This technique yields results in essential agreement with
the rigorous solutions of Van Dyke and Maslen and hence the results are
considered realistic. It may be seen from Fig. 2-52 that shock-generated
vorticity _rlll have small influence on Apollo convective heat transfer.
During the period of peak heating, the heat rate is increased by only
about h percent. It is concluded that an accounting for vorticity in
prediction of heat transfer is desirable, but not of first-order importance.
It is noted that radiative energy loss from the shock layer will also induce
vorticity in the flow. This problem is subsequently considered in discus-
sion of radiation-convection coupling.
Non-Equilibrium
At lunar return velocity, a substantial fraction of the shock-heated-air
energy is invested in chemical modes, i.e., dissociation and ionization.
Hence energy transport through the boundary layer depends not only on
molecular conduction, but also on the diffusional flux of atoms and ions.
The local chemical state and therefore the concentration gradients giving
rise to diffusion are dependent in part upon kinetically-controlled reac-
tion processes. The sensitivity of convective heat transfer to finite-
rate chemical kinetics is examined here. Consideration is given to the
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effects of (I) the chemical state at the boundary-layer outer edge,
(2) the rate of homogeneous reactions within the boundary layer, and
(3) the rate of heterogeneous and wall-catalyzed reactions at the boundary-
layer inner edge.
Relaxation rates in the inviscid flow govern the chemical state at the
boundary-layer outer edge. In the stagnation region, dissociation and
ionization may be incomplete so that molecular species concentrations and
kinetic temperature are somewhat greater than at equilibrium. The air,
in expanding away from the stagnation point, may tend to chemically freeze
resulting in local atom and ion concentrations that are greater than for
equilibrium air. For this situation, the temperature is below the equil-
ibrium value. Thus, inviscid-flo_ chemical kinetics may act to perturb
edge conditions in either direction away from e_lilibirum. In addition
to the composition and temperature perturbations, there will be attendant
velocity and density perturbations.
Within the boundary layer, the flow may be in e_ilibrium, partly out of
equilibrium, or frozen. For the latter cases, concentration gradients
will depend sensitively on the catalytic efficiency of the wall. For
certain materials, such as metals, recombination on the surface is promoted
and a near-equilibrium condition prevails at the wall. For other materials,
no recombination occurs or reaction between the surface elements and air
takes place.
Numerous investigations of the non-equilibrium, dissociated boundary layer
have been conducted. The non-equilibrium, ionized boundary layer has also
been investigated, but to a lesser extent. The results of these studies
may be used to infer the importance of non-equilibrium chemistry on Apollo
heating. At early times during Apollo entry the air is almost completely
dissociated whereas the degree of ionization is slight. This is indicated
by the inset in Fig. 2-53 where the equilibrium composition at the inviscid,
stagnation point is shown as a function of time. At time of peak heating,
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ion concentration is less than 0.06.
assume overwhelming importance.
Thus, ionization effects do not
For the non-equilibrium dissociated boundary layer, it has been demonstrated
by Fay and Riddell (Ref. 2.?9), Goulard (Ref. 2.80), and others that the
convective heat transfer is to a good first approximation linearly dependent
on the enthalpy potential across the boundary layer. With a frozen boundary-
layer and non-catalytic surface, the heat transfer is reduced in proportion
to the ratio of chemical enthalpy to total enthalpy. With a catalytic sur-
face, the chemical energy released at the wall by atom recombination brings
the total heat flux up very close to the value for an equilibrium boundary
layer. This results because the Lewis number, which is a measure of the
relative conduction and diffusion resistances, is near unity and because
transport properties do not strongly depend on the composition. From this
observation, the approximate limiting values of convective heat transfer
to Apollo may be simply predicted. Figure 2-53 compares the lower limit
on heat flux, corresponding to a frozen boundary-layer and non-catalytic
surface, with the approximate upper limit, corresponding to an equilibrium
boundary layer. The results neglect mass injection effects and are for
Trajectory II, which will be most influenced by non-equilibrium. It may
be seen that the two limits are widely different and thus the proper
boundary-layer regime must be established.
First, the boundary-layer-edge conditions are considered. It was previously
indicated in Section 2.1 that the non-equilibrium zone in the invi_cid
shock layer would be confined to a small region immediately adjacent to
the shock layer for the period of peak heating. At the relatively high
altitudes where heating rates are low, the inviscid flow at the boundary-
layer edge may be out of equilibrium. Non-equilibrium will not alter
the total energy, but only its division among the different modes. Thus,
from the aforementioned dependence of heat transfer on the enthalpy poten-
tial, it would not be expected that non-equilibrium edge conditions would
appreciably affect heat transfer if equilibrium is attained at the wall.
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This has been borne out in several calculations for the dissociated boundary
layer (e.g., Clutter and Smith, Ref. 2.81). Rose and Stankevics (Ref. 2.82)
note that heat transfer from an ionized boundary layer is also essentially
independent of the degree of equilibration at the boundary-layer edge.
Anticipating that an equilibrium surface condition will exist for Apollo,
it is concluded that inviscid-flow chemical Kinetics will not be important
in evaluation of con_ective heat transfer.
The reaction rate regime within the boundary layer may be characterized
by a Damkohler number, which is the ratio of characteristic flow time to
characteristic reaction time (Refs. 2.79 and 2.80).
D "- _-Z_IFF
For large values of the Damkohler number, the boundary layer is considered
to be in equilibrium whereas for small values it is considered frozen.
The characteristic flow time has conventionally been taken equal to the
inverse of the stagnation point velocity gradient. For dissociated boundary
layers, the rate of oxygen recombination is generally used to define the
characteristic reaction time since nitrogen recombination occurs more
rapidly. For the present purpose, Damkohler numbers for deionization,
nitrogen recombination and oxygen recombination are defined. Following
Fay and Riddell, but taking an improved estimate of recombination rate
consbant from Ref. 2.83, the Damkohler number for oxygen recombination is
2._-- 2
;. s- d/__-/_
Similarly, using the rate constant for nitrogen from Ref. 2.83,
(2.12h)
d,s
For electrons, the dominant recombination process is assuraad to be colli-
sional-radiative with rate constant obtained from Ref. 2.8/4
(2.125)
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Figure 2-54 describes the variation of these Damkohler numbers for Trajec-
tory II. The instantaneous values are plotted as functions of the non-
blowing convective heat rate. It may be seen that nitrogen recombination
and deionization will occur at relatively rapid rate, at least during the
period of high heating. Thus, the boundary layer cannot be considered out
of equilibrium.
Goodwin and Chung (Ref. 2.85) have shown that the heat transfer from a non-
equilibrium boundary layer to a non-catalytic surface can be correlated
in terms of a parameter involving the Damkohler number, the ratio of edge
chemical enthalpy to total enthalpy, and the edge atom concentration.
The correlation has been extended by Inger (Ref. 2.86) to include the
influence of wall temperatures. Figure 2-55 presents the correlation and
shows the magnitude of the correlating parameter for Apollo. It appears
from these results that for the period of high heating the heat flux will
be close to that for an equilibrium boundary layer. In this regard, it is
noted that the correlation is based on calculations using the slower oxygen
recombination rate for both oxygen and nitrogen recombination. Thus the
correlation exaggerates the departure from the equilibrium heating level.
For the lower heating rate phases of flight where the results of Fig. 2-55
show the boundary layer to be far out of equilibrium, the wall catalycity
will greatly affect Apollo convective heating. As was indicated in Fig. 2-53
the heat flux may vary between wide limits depending on the nature of the
wall and its ability to catalyze recombination reactions. Goulard (Ref. 2.80)
has quantitatively established the dependence of the convective heat flux
on the catalytic recombination rate constant. He shows that pyrex walls
may be considered non-catalytic, that metal surfaces can be treated as
having essentially infinite catalycity, and that oxides must be considered
as having finite recombination efficiency. The Apollo heat shield will
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be charred very early after heating begins and thus the surface presented
to the boundary layer will consist of carbon intermixed with ceramic fibers
(e.g., silica). This material configuration results in a system of wall
reactions distinct from those considered in previous non-equilibrium bound-
ary analyses since the possibility of heterogeneous reactions (carbon mon-
oxide and cyano formation) must now be admitted. (The ceramics are only
mildly catalytic and their effects will be largely masked by the carbon.)
The reaction behavior of carbon and atomic oxygen has been studied by Rosner
and Allendorf (Ref. 2.87). They found that almost all oxygen atoms hitting
a carbon surface will react to form carbon monoxide. Goldstein (Ref. 2.88)
and Zinman (Ref. 2.89) examined atomic nitrogen reactions with carbon and
determined that kinetics of the cyano formation reaction are very slow.
Their results suggest that the competing nitrogen recombination reaction
is predominant for temperatures below about hOOO°F. The Apollo surface
will thus act as a highly catalytic wall in depleting atom concentration
near the surface, but oxygen atom depletion will be accomplished by hetero-
geneous surface reaction rather than by catalytic recombination. Although
the reaction system is different from that treated in previous non-equil-
ibrium analyses, the existing solutions for highly catalytic walls may be
employed in prediction of Apollo convective heating. To enable this, the
concept of a two-step reaction is introduced. It is assumed that the oxy-
gen atoms first recombine on the surface, liberating the dissociation energy,
and subsequently react forming carbon monoxide, yielding an additional
quantity of heat. (The assumed reaction path does not affect the total
heat liberated.) The non-equilibrium solution for heat transfer is thus
perturbed simply by accounting for the additional heat release. The man-
ipulation is identical to that subsequently discussed for the analogous
equilibrium boundary layer reaction.
Thus far the general non-equilibrium boundary-layer phenomena have been
discussed, it has been shown that the Apollo boundary layer will be par-
tially out of equilibrium, and it has been established that the wall may
be considered highly catalytic. For these conditions, the ionized-boundary-
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layer solutions of Fay and Kemp (Ref. 2.90) and Fenster (Ref. 2.91) may be
used to estimate the non-equilibrium influence. Figure 2-56 compares their
solutions for the limit situations of equilibrium and frozen boundary-layer
flows. The results of Fay and Kemp indicate the non-equilibrium effect to
be very small for Apollo entry. The heat flux is increased sensibly by
non-equilibrium effects only at the early times when the velocity is above
30,000 ft/sec. Fenster's more recent calculations suggest a larger effect
which persists down to much lower velocity. The maximum difference between
frozen and equilibrium boundary layer heating is about 75 percent. Refer-
ring to the previously discussed results of Figs. 2-5h and 2-55, it appears
probable that the actual heating will lie closer to the equilibrium pre-
diction than to the frozen prediction. It is then tentatively concluded
that the non-equilibrium effects will perturb the convective heating by
an amount of the order of I0 percent at most.
Consideration has not been given to the influence of foreign specie injec-
tion on the non-equilibrium boundary layer. Chemical kinetics and trans-
port properties within the boundary layer may be markedly changed by the
introduction of typical ablation products. A conclusion as to foreign specie
effects must await detailed solution of the multi-component boundary layer
equations for the situations of interest.
Mass Injection
It is well recognized that convective heating is very sensitive to mass
injection. The boundary layer is thickened with consequent reduction of
wall enthalpy gradient. Figure 2.7 was previously introduced to describe
the mass injection history at the geometric center position for a repre-
sentative lunar return trajectory. Those results are recast in Fig. 2-57
where the transformed injection velocity, -2_=_°_2_v , is presented.
The effect of the mass injection on convective heat transfer may be quali-
tatively determined by examining boundary layer solutions for the problem
of air injection into air. The inset of Fig. 2-57 shows results obtained
by Libby (Ref. 2.92) for injection at the stagnation point into an undis-
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sociated boundary layer. The convection coefficient, when ratioed to the
non-blowing convection coefficient, is almost a unique function of the
transformed injection velocity. Similar results have been obtained for
dissociated and ionized boundary layers by Pallone and Van Tassel (Ref. 2.93).
The correlation obtained by Libby is applied in Fig. 2-58 to show the heat
transfer reduction resulting from mass injection for the conditions depicted
in Fig. 2-57. These results demonstrate that mass injection has first-
order effect on the convective heating for Apollo. In fact, they indicate
that at the extreme conditions mass injection may cause boundary-layer
blow-off and cessation of convective heating.
It is then clear that special attention must be given to description of the
mass injection effect. The available theoretical and experimental results
show that pressure gradient and injectant composition may appreciably influ-
ence the convective shielding afforded by mass injection. Also, the boundary
layer regime is important. Transpiration is much less effective for turbu-
lent boundary layer flows. These factors must all be considered in selec-
tion of procedures for prediction of the convective heating.
Radiation Couplin$
It was shown in Section 2.2 that radiative energy transport is of sufficient
magnitude for some Apollo flight conditions to appreciably affect local
state conditions within the inviscid flow field. Under these circumstances
the structure of the viscous boundary layer is altered and convective heat
transfer may be changed. The interaction of radiation on convection is
two-fold. First, conditions at the outer edge of the boundary layer are
changed due to radiative cooling of the inviscid flow. Second, radiation
competes with conduction and diffusion as a mechanism of energy transfer
within the boundary layer.
Referring to the results of Fig. 2-20, it may be recalled that both the
temperature and velocity of the inviscid flow near the wall are reduced
by radiative energy loss. The temperature perturbation reduces the
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potential for heat transfer and the velocity reduction increases the con-
vective resistance. Clearly then, radiative energy loss acts to reduce the
convective heat flux. Due to the total enthalpy gradient, the effect will
be maximum for thin boundary layers. (Thin boundary layers will entrain
air which has experienced the greatest energy loss.)
Emission and absorption within the boundary layer was discussed in Section
2.2.2. Near the wall where temperature is relatively low, absorption will
generally exceed emission. Thus, radiative transport tends to increase
fluid temperature in the inner portion of the boundary layer (or tempera-
ture gradient at the wall) and convective heat transfer is accordingly
increased. The magnitude of the effect is dependent on the opacity of the
boundary layer gas. The direction of the effect is to compensate for radi-
ative energy loss effects.
A rigorous accounting for radiation effects on convective heat flux is com-
plex and therefore few solutions to the problem have been obtained. In
the general case, radiative transport terms must be included in the viscous
flow energy equation. The inviscid-flow temperature and velocity gradients
must be accounted for in formulation of the outer boundary conditions.
Burgraff (Ref. 2.9h) has developed a second-order solution for the case of
a transparent gas. He applies the method of inner and outer expansions to
couple the inviscid and viscous layers. Because of the transparency assump-
tion, his technique should yield the maximum reduction in convective heat
transfer. It has been applied to determine the limit effect of radiation
on Apollo stagnation point convective heating. Computations were performed
for Trajectory III since the conditions prevailing in this trajectory (high
Reynolds number and high values of the radiation energy loss parameter)
are such as to maximize the coupling between radiation and convection.
The results are shown in Fig. 2-59. The maximum reduction in convective
heating occurs at the approximate time of peak radiation and is I0
percent.
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A more realistic situation involving radiation absorption and injection
of a single foreign species has been treated by Hoshizaki and Wilson
(Ref. 2.95). They have obtained radiation-coupled solutions by means of
a combined integral-finite difference scheme wherein the complete shock
layer is assumed viscous. While the conditions for which they have per-
formed numerical calculations do not duplicate those of Apollo, their results
provide insight as to the magnitude of radiation effects on convective
heating. The results are reproduced in Table 2.2 . The first column of
Table 2.2
RADIATION-COUPLING EFFECT ON CONVECTION
FLIGHT CONDITION CONVECTIVE HEAT RATE
Nose
Velocity Altitude Radius
(ft/secxlO -3) (ftxlO -5) (ft)
Carbon Monoxide Radiation
Injection Uncoupled Coupled
Rate
(pv/_ u_ ) (Btu/ft2sec) (Btu/ft2sec)
r 0 2210 2000
5.0 2.0 2.0 0.05 728 750
_0 1390 1320h.1 1.8 1.O 0.053 17h 211
3.7 2.3 h.O O 200 193
results presents convective heat transfer rates in the absence of radiation
effects. The second column gives the heat flux accounting for energy loss
and absorption. The influence of carbon monoxide injection is shown for
two of the flight conditions. (Carbon monoxide was selected by Hoshizaki
as representative of ablation products. This molecule is a dominant absorber
as previously indicated in discussion of Fig. 2-25.) For all cases with
zero mass injection the convective heat transfer is reduced slightly by
radiation effects. In these cases, energy loss effects dominate over
absorption effects. The reverse is true with mass injection. Thickness
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and hence opacity of the low temperature portion of the boundary layer is
increased by mass injection. Thus absorption assumes greater importance.
For the relatively high blowing rates considered, absorption overcompen-
sates for energy loss effects and the net effect of radiation coupling is
a small increase in the convective heat flux.
The results of Table 2. indicate that the convective heat transfer is
influenced to a much greater extent by mass injection than by radiation
coupling. This point is emphasized in Fig. 2-60 by comparison of the blow-
ing and limit radiative corrections to Apollo heating. Of further interest
is the fact that when the radiation correction to convective heating is
maximum, radiative heating dominates over convective heating.
It is concluded from the available results that radiation coupling will be
of minor significance for Apollo flight predictions. For engineering pre-
diction of the convective heating, this coupling may be neglected.
Surface Temperature and Mass Transfer Parameter Variations
The assumption of boundary-layer similarity is frequently invoked in pre-
diction of convective heat transfer even though the necessary conditions
are rarely satisfied. The attendant simplifications are great and excel-
lent results are often obtained.
Streamwise variation of boundary layer edge and wall conditions, finite-
rate chemical kinetics, and radiative energy transport will all tend to
destroy similarity of the Apollo boundary layer. However, it has previously
been shown that non-equilibrium and radiation effects on convective heat-
ing are small. Furthermore, it is well known that application of the local
similarity principle enables an adequate accounting for edge condition
variations. Thus, an assessment of the influence of wall conditions assumes
importance.
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Similarity requires that the wall temperature and transformed injection
velocity,-fw, be constant. The qualitative influence of a departure from
these conditions is immediately determined from consideration of the depend-
ence of local boundary layer profiles on the upstream wall conditions.
Lower upstream wall temperatures would cause greater cooling of the fluid
adjacent to the wall and hence local heat transfer would be reduced.
Greater upstream mass injection would result in a thicker boundary layer
with reduced temperature gradient and thus heat transfer would again be
reduced.
Representative mass transfer and surface temperature distributions for
Apollo were shown in Fig. 2-28. Both the wall temperature and injection
parameter vary appreciably along the surface. Figure 2-61 shows the influ-
ence of these non-similar distributions by comparing the "actual" heat
transfer with that obtained assuming local similarity.* The effects of
wall temperature and injection velocity variation, when evaluated separately
or in combination, are small. At worst, the local heat transfer deviates
lO percent from that predicted assuming similarity. The perturbation is
considered sufficiently small to neglect.
It is well recognized that convective heat transfer levels differ markedly
for laminar and turbulent boundary layers. The difference, which is depend-
ent primarily upon Reynolds number, is quantitatively described as a func-
tion of time in Fig. 2-62 for the geometric center position of the Apollo
entry vehicle. The results shown are for Trajectory I. During the period
of peak heating, the levels differ by a factor of almost three. In this
regard, it is noted that the results represent the heating to a cold, non-
ablating wall. With mass injection accounted for, the difference would
become even greater. It is obvious, then, that an accurate knowledge of
the transition time is vital to design of a minimum weight heat shield design.
The methods used for predicting the non-similar effects are given in
Appendix 2_ The solution incorporates several approximations. Since
the approximations were applied consistently for the "actual" and similar
predictions, the magnitude of the non-similar effects should be accurately
represented.
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Various transition criteria have been proposed. Of these, the Reynolds
number based on momentum thickness is often used. The boundary layer is
assumed to transit when Re@ exceeds some critical value. This value is
not well defined and, in fact, should depend on the particular circumstances.
For example, it is known that edge Mach number, pressure gradient, surface
roughness, mass injection, and wall cooling may exert significant influence.
A value in the neighborhood of 200 is generally used to predict the occur-
rence of transition. (For the configuration of interest, the value of 200
corresponds to a Reynolds number value based on wetted surface distance of
approximately 300,000.) The location of the transition position on the
Apollo vehicle, assuming a critical Re@ value of 200, is shown as a function
of time in Fig. 2-63. During the initial descent, the transition position
moves forward to a position about 6 ft from the stagnation point. As the
vehicle pulls-out and ascends to higher altitudes, the transition location
moves aft. In the final descent phase of the trajectory, the transition
position again moves forward. Also shown on the figure are transition-
position histories predicted by perturbing the assumed Re e value. With
the more conservative criterion, Re@ = I00_ a turbulent boundary layer
is predicted over a greater portion of the surface and for a much longer
period of time. With the optimistic criterion, laminar flow prevails over
the complete surface during the period of peak heating. It is only at
late times that turbulence creeps forward.
The variation in total heat transfer (cold-wall, non-blowing values) with
position is described in Fig. 2-6h with the transition Reynolds number as
a parameter. Although the Reynolds number range considered is not large,
it is seen that total heat transfer differs markedly between the extremes.
With Re@ = bOO, turbulence does not contribute significantly to the total
heat transfer. However, with Re e = I00, the heat transfer over half of
the surface is predominantly by the turbulent mechanism. Unfortunately
the trajectory followed by the Apollo vehicle is such as to maximize the
influence of transition uncertainty on total heat transfer. Thus, reduc-
tion of the uncertainty in the occurrence of transition is of particular
importance in the Apollo application.
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2.3.2 Prediction Techniques
The foregoing review has served to identify the phenomena exerting greatest
influence on Apollo convective heating. It is apparent that mass injection
and boundary layer transition are of major significance. Also important
is the asymmetry of the flow. The influence of shock-generated vorticity
is not appreciable except at high altitudes where convective heating is
low. The combined effect of radiative energy loss and absorption on con-
vective heating is small. Non-equilibrium and non-similar wall boundary
conditions have only second-order effect.
Prediction techniques which account approximately for the more important
effects are set forth in this section. First the general boundary layer
equations are presented and available solutions are briefly reviewed.
Then the relations recommended for prediction of laminar and turbulent heat
transfer are given together with an empirical transition criterion. Sub-
sidiary developments and data correlations are contained in the appendices.
Governin$ Equations
The radiating, chemically reacting boundary layer is governed by the follow-
ing system of conservation equations.
Mass
ap= + =0 (2.127)
Species
128)
Tangential Momentum
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Energy
(2.13o)
Incorporated in these equations are several simplifying assumptions. In
particular, the boundary layer is assumed thin and cross flow, normal pres-
sure gradient, and pressure diffusion are neglected. The spreading coor-
dinate, h2, appearing in the continuity equation accounts for the three-
dimensional flow pattern. Its application is discussed in Ref. 2.11 and
means for its evaluation are presented in Section 2.1. Radiative energy
transport is accounted for in the energy equation by the term, qr' which
is the net volumetric rate of radiative energy absorption. The chemical
source term, wj, in the continuity equation for the jth specie is equal
to the net creation rate of the specie due to chemical reactions. Auxil-
iary relations must be provided for both qr and wj. The net radiative
energy absorption is given by Eq. (2.109). The chemical source terms are
given by equations of the form
:<"
where kf and kr are the forward and reverse reaction-rate constants, and
o_f,/_j, and _k are the stoichiometric coefficients for the R reactions
involving specie j
2-97
LOCKHEED MISSILES & SPACE COMPANY
(2.132)
An equation of state and relations for the transport properties of the
mixture must also be provided. The conservation equations may be applied
to the turbulent boundary layer as well as the laminar boundary layer if
time-mean flow properties are used and if the molecular transport properties
are replaced by the analogous terms accounting for turbulent transport.*
In the presence of an ablating surface the wall boundary conditions required
for solution of the conservation equations are
U-----O
r-- _ (2.133a)
I =
where the injection rates of the various molecular species, p/_j., and
the wall temperature are obtained by coupled solution for the ablative
material response. At the outer edge, boundary conditions on the velocity,
total enthalpy, and molecular specie concentrations may be specified from
the results of the inviscid flow solution. It should be noted that for the
general case with radiative energy loss and shock-generated vorticity the
outer-edge boundary conditions must be posed so as to obtain a smooth merg-
ing of the viscous flow into an external flow having total enthalpy, velocity,
and molecular specie gradients.
expressed as
---- Lfe
H We
The conditions to be satisfied may be
),'- s" (2.133b)
* Ness and Lew (Ref. 2.96) present in detail the differential equations
for the chemically-reacting turbulent boundary layer.
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where Kje , Ue, and H e are the flow quantities obtained from an inviscid
solution as a function of y, and is the boundary-layer displacement.
It should be understood from these conditions that as y becomes large
both the magnitude and gradient must be matched. All of the outer-edge
and wall boundary conditions may vary with streamwise distance with the
exception of the tangential wall velocity which is assumed to be zero.
Available Solutions
The foregoing system of equations has not been solved for the general
situation involving ablation product injection, finite reaction kinetics,
and radiative coupling. However, solutions have been obtained for a
variety of special cases. Some of the more important contributions are
summarized in Table 2.3.
The stagnation-point boundary layer has received relatively wide attention
since it may be treated with least difficulty. Symmetry permits reduction
of the boundary-layer equations to a set of ordinary differential equa-
tions at this point alone. Several numerical solutions for dissociated
and ionized air boundary layers have been carried out. The majority
have treated the limiting conditions of either frozen or equilibrium
flow. While transport property models of differing degrees of sophistica-
tion have been employed, the results are generally in good quantitative
agreement. Simple correlation formulas which accurately reproduce the
numerical results have been devised by the various investigators.
The effects of blowing at the stagnation point have been extensively
studied. Theoretical description of the boundary layer has been obtained
for injection rates ranging up to and beyond the thermal boundary-layer
The immense computational effort required in numerical integration
of the differential equations has precluded general solutions until
recently. With large electronic data-processing machines the compu-
tation becomes feasible. Calculation procedures which approach com-
plete generality are currently being formulated for solution of the
laminar boundary-layer problem.
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Table 2.3
SUMMARY OF BOUNDARY LAYER INVESTIGATIONS
LAMINAR INVESTIGATIONS
Stagnation Point Solutions
TRANSPORT
PROPERTY
SOURCE
Fay & Riddell (2.79) Approx
Hoshizaki (2.97) Hansen
Fay & Kemp (2.90) Yun
Fenster (2.91) Peng
Libby (2.92) Approx
De Rienzo & Pallone (2.98) Yos
Scala & Gilbert (2.99) Scala
Van Dyke (2.73) Approx
Maslen (2.72) Approx
Burggraf (2.92) -
Howe & Sheaffer (2.100) Hanson
Local Similarity Theories
Lees (2.101) -
Kemp, Rose, & Detra (2.102) Approx
Cohen (2.103) Hansen
Non Similar Solutions
Blottner (2.102) Blottner
Pallone & Moore (2.105) Bade
Hoshizaki & Wilson (2.95) Hansen
TURBULENT THEORIES
Eckert (2.106)
Bromberg (2.107)
Denison (2.108)
Burggraf (2.109)
Ness (2.110)
Denison (2.111)
PHENOMENA CONSIDERED
X X - X
X X - X X
X X - X X
X X - X X
X X -
X X - X X
X X - X
X X -
X X -
X X -
X X - X X
X
X
X
X X x
X
x
X
X X
x X x
X
X X X
X X X x x
X X X X X X
X X X X X X
X X X X X X X X x x
X X
X X
X X x
X X
X X
X X
X X
X X X
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"blow-off" condition. The recent results for dissociated and ionized
boundary layers compare reasonably well with early computations for chem-
ically inert flows, but they do show a slight dependence of the transpir-
ation effect on velocity. Coupled ablation has been examined by Scala.
He treated the multi-component diffusion problem for a chemically reacting
system by imposing the constraint of chemical equilibrium everywhere includ-
ing at the surface between gaseous and condensed phases. As in Denison's
analysis for the turbulent boundary layer, a chemically simple ablator,
carbon, was chosen for the computation.
The second-order boundary-layer theory solutions for the influence of vor-
ticity and radiative energy loss on stagnation-point convective heating
have been obtained by the method of matched inner and outer expansions.
Gross approximations to the transport properties have usually been intro-
duced to facilitate the theoretical developments and thus the results
are not to be applied independently. Instead, the relations which are derived
may be used to correct first-order numerical solutions for the second-
order effects.
A relatively complete study of the stagnation point heating was undertaken
by Howe and Sheaffer. They numerically solved a set of integro-differential
equations describing the flow in the complete region between the body and
shock surfaces. The trends shown by their results are the same as obtained
in more specialized solutions, but the precise variations were influenced
to an appreciable extent by interactions of the different phenomena.
Away from the stagnation point, the variation of flow parameters at the
outer edge and wall destroys boundary-layer similarity. Rigorous solution
of the boundary layer equations requires retention of the streamwise deriv-
atives thus greatly complicating the problem. However, Lees has argued
that for the usual situation of a highly cooled wall the variation of edge
conditions is not important. He shows that for a flow in chemical equil-
ibrium the wall enthalpy gradient is reasonably well represented by the
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zero pressure gradient solution and thus the local heating can be simply
related to the stagnation point heating by use of a transformed streamwise
coordinate and local edge conditions. This procedure has been refined
through the local similarity concept wherein the ordinary differential
equations resulting from the similarity assumption are solved for the local
conditions including variable pressure gradient and wall temperature.
The local simularity solutions are conveniently applied by means of correl-
ation equations.
Thenon-similar boundary-layer equations have been solved by several investi-
gators in study of such effectsas non-uniform wall temperature, discontin-
uous mass injection, and finite reaction kinetics. The early work was
concerned primarily with non-similar wall boundary conditions and was
performed for the case of uniform flow over flat plates (e.g., Refs. 2.112 -
2.115). Solution of the equations with variable edge conditions and finite
reaction kinetics is more difficult and the available results are limited.
A number of different techniques including multi-strip integral, implicit
finite difference, and semi-similar methods have been employed in study
of reaction kinetics effects on the air boundary layer.
The computations have been directed primarily to the description of ion
concentration distributions through the boundary layer. Hoshizaki and
Wilson have carried out what is perhaps the most comprehensive work on
non-similar boundary layers. They have solved the viscous shock layer
problem with mass injection and full radiation coupling by means of an
approximate integral method. Their limited results show surprisingly small
shift from the convective heating distribution obtained assuming boundary-
layer similarity.
The turbulent boundary layer has been studied to a lesser extent than the
laminar boundary layer due largely to the necessity for partial reliance
on empiricism. Eckert has extended the incompressible theory by means of
an empirically derived reference condition for evaluation of properties
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in a compressible flow. By employing the Dorodnitzyn compressibility trans-
formation and several reasonable assumptions in analysis of the turbulent
boundary layer, Burggraf has succeeded in providing a theoretical founda-
tion for the reference property method. Several theories have been formu-
lated to account approximately for the influence of streamwise property
variations. Of those analyses listed in Table 2.3 only Denison's has con-
sidered pressure gradient influence in detail. In view of the gross approx-
imation which must be made in all of the theories, it does not appear that
there is much to favor the more complicated treatments.
Finally, the powerful approximations of Lees (Ref. 2.38) for treating
laminar and turbulent boundary layers in the presence of reacting surfaces
should be mentioned. Provided the Lewis and Prandtl numbers are close to
unity he has shown that the concentration of foreign elements may be simply
related to the velocity distribution and, further, that the additional
heat transfer due to chemical reactions can be determined without detailed
knowledge of molecular species distributions through the boundary layer.
In this regard, it is noteworthy that the results of Scala's multi-component
boundary layer solution for heat transfer to and erosion rate of a reacting
carbon surface can be closely reproduced by application of Lees' simple
theory.
Recommended Techniques
The preceding review has included only a small portion of the large litera-
ture on convective heating of blunt bodies at high speed. However, the
referenced works provide a representative sample of the considerations
which have been made and the techniques which have been employed. Almost
all important phenomena have been considered, but generally the various
affects have been examined independently. Simple formulas accurately
correlating numerical results of first-order laminar boundary-layer analyses
are available. Relations enabling corrections for certain of the second-
order effects have been derived for laminar flow. Turbulent boundary layer
theory is not far advanced.
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A complete and rigorous accounting for the various factors affecting con-
vective heat transfer would entail very lengthy computations. Development
and application of an involved finite-difference solution procedure was
beyond the scope of this study. For these reasons, existing results are
utilized to provide rapid, approximate means for prediction of the convec-
tive heat transfer. The following simplifying assumptions are made:
(i) Radiative coupling has small effect
(2) Chemical equilibrium prevails
(3) Local similarity is assumed
(h) Mass injection and heterogeneous surface reaction effects
may be decoupled.
With the exception of the latter approximation which is subsequently dis-
cussed, these assumptions have been justified in Section 2.3.1. It was
indicated that radiation predominates over convection during periods when
coupling occurs and, furthermore, that the coupling effect is small when
both energy loss and absorption are considered. Regarding chemistry, it
was shown that recombination rates are relatively fast during the period
of peak convective heating and thus the equilibrium heating level is
approached. In any event, the difference in heating between the limiting
conditions of equilibrium and frozen flow is no greater than the differences
among the equilibrium results of various investigators. It was shown that
with realistic spatial variations of the surface temperature and trans-
formed injection velocity, the local heat transfer can be accurately pre-
dicted assuming local similarity.
With the above assumptions, the relations for prediction of convective
heating reduce to a concise set which can be employed in a straightforward
manner. The following paragraphs treat stagnation point heating, the laminar
heat transfer distribution, and turbulent heating. Three-dimensional-
flow geometry, vorticity, and surface combustion effects are accounted for.
A boundary-layer transition criterion is given and approximate means for
evaluation of the mass injection effect are presented. Protuberance effects
are briefly discussed.
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Stagnation Point Heating
Several stagnation point solutions are available for the assumed conditions
as indicated in Table 2.3. Some differences, arising largely from the
use of different transport-property models, exist among the theoretical
results. The scatter and uncertainty of experimental data is too large
to enable identification of the most accurate predictions (see Ref. 2.82,
for example). The results of Hoshizaki (Ref. 2.97) are adapted arbitrarily.
They are in good agreement for the velocity range of interest with results
obtained by De Rienzo and Pallone (Ref. 2.98) and by Cohen (Ref. 2.103).
They lie appreciably above the results of Fenster (Ref. 2.91) and somewhat
below those of Fay and Kemp (Ref. 2.90).*
Hoshizaki found that his numerical results for heat transfer could be
correlated by a simple equation. The correlation formula is, after con-
version to yield the convection coefficient rather than the heat flux
o.,_-_ /__¢/ l z ,'--_ o._ (2.1Jh)
This relation reproduces the numerical results to within 7 percent for the
complete velocity, pressure, and wall temperature ranges of interest.
The correlation equation (2.13h) applies for an axi-symmetric stagnation
point and must be generalized for the three-dimensional flow situation.
Furthermore, it must be corrected for vorticity effects. The pertinent
relations are developed in Appendices 2D and 2E. The effect of a departure
from axial symmetry is given by
(2.1 35)
* The solutions of Fay and Kemp are not strictly comparable since they
were obtained for pure nitrogen rather than air.
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where _ and _ are the inviscid-surface-velocity gradients at the
stagnation point along the plane of symmetry and in the transverse direc-
tion, respectively. The first bracketed term in Eq. (2.135) may be recog-
nized as the correction obtained by Reshotko (Ref. 2.116) for the case of
a very cold wall. The effect of pressure gradient parameter change, which
is neglected in Reshotko's cold wall solution, is accounted for by the
second bracketed term. This term is derived from the correlations of
Cohen (Ref. 2.103). It is very near unity as may be seen by substitution
of the value, 0.58, obtained in Section 2.1 for /<_/_
of vorticity is given to a first approximation by
The influence
This relation, derived from first-order boundary layer theory by intro-
ducing the concept of an effective edge velocity, is in essential agree-
ment with the rigorous second-order boundary-layer solutions of Van Dyke
(Ref. 2.73) and Maslen (Ref. 2.74). The vorticity correction is small
except at high altitudes as a consequence of the inverse dependence on
stagnation point Reynolds number (see Fig. 2-52).
The final equation for the non-blowing heat transfer coefficient at the
stagnation point is obtained by combining Eqs. (2.134) - (2.136). The
result is
/
(2.137)
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Laminar Heating Distribution
Of the various local-similarity techniques which have been devised for
prediction of the convective heat flux distribution, Cohen's procedure
(Ref. 2.103) is considered most rigorous. In this method, the integral
energy equation is satisfied. Local boundary layer profiles are determined
by solution of the similarity boundary-layer equations using the appropriate
local values of the pressure gradient parameter, edge static enthalpy-
total enthalpy ratio, and wall enthalpy-edge total enthalpy ratio. Cohen
has numerically solved the similar equations for a wide range of conditions
and developed correlation relations giving the influence of each of the
similarity parameters. His procedure and correlation formulae form the
basis for the method adopted here.
In applying Cohen's results, the influence of wall temperature variation
on the convection coefficient is neglected since the effect has previously
,
been shown in Section 2.3.1 to be small. Pressure gradient and edge
static enthalpy-total enthalpy ratio effects are considered. Three-
dimensional effects are accounted for by replacing the radial coordinate
in Cohen's equations by the spreading coordinate. (The analogy between
the three-dimensional and axi-symmetric flows has been discussed in
Section 2.3.1. The application of the spreading coordinate in the boundary-
layer equations is shown in Appendix 2D.) Vorticity influence is approx-
imately determined by using effective edge conditions.
The relation given by Cohen for the convective heat transfer distribution
is
X- - 1
L/J,',;-
(2.138)
* Neglect of the wall temperature influence does not significantly reduce
the effort required to compute the convection coefficient distribution
for a given set of conditions. However, it does enable the computation
to be performed independently of the solution for wall temperature
response. This is a great advantage.
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where
-
0
(2.139)
and, for the assumed condition of constant wall temperature,
formed wall enthalpy gradient ratio is
f
2o
the trans-
0. _,_'_ I
/ _ O. ,5".,Z7/_'
J
/- o.o_.2,5"
_e
/ - ,4"_/'/o
(2.t_o)
The parameter p will generally vary slowly along the surface. Therefore,
small error is incurred by moving V outside the integral in Eq. (2.139).
With this simplification, Eqs. (2.138) and (2.139) may be combined to
yield
For constant wall temperature
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and with a recovery factor of 0.85
(2.1).4.2)
I / -/'/_///o 1 (2. 314.3)
The convective heat transfer coefficient distribution may therefore be
determined according to
_q__ G
(2.&b.)
where
X / --
(2.]J4.5)
The stagnation point and local values of the pressure gradient parameter
are, from Eqs. (2.139) and (2.1_2)*
* The derivation of Eq. (2.1_6) from (2.139) is described in Appendix
2D.
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-(2 146)
whene
.5= _
0
(2.147)
(2.148)
The preceeding equations (2.144 to 2.148) constitute the set to be used
in computation of the convective-heat-transfer distribution for laminar
boundary-layer flow. In evaluation of these expressions, "effective"
outer-edge conditions may be used to provide an approximate accounting for
shock-generated vorticity effects. A method for selecting the effective
edge conditions has been described in Ref. 2.52. The essential features
of this method are reviewed in Appendix 2E and a computational scheme for
applying the technique is given in Volume II in discussion of the VORTICITY
computer program.
Turbulent Heat Transfer
The present status of turbulent heat transfer prediction techniques is not
well advanced. Many of the phenomena of possible importance have not been
studied. All of the existing theories are semi-empirical in nature. In
view of this situation, it does not appear profitable to consider involved
computational methods. The more elaborate techniques do not offer any
real improvement in prediction accuracy. For this reason, the relatively
simple theory developed by Bromberg, Fox, and Ackermann (Ref. 2.107) is
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adopted. It provides no direct accounting for the influence of pressure
gradient, but it does enable description of the effect of streamwise vari-
ation of outer-edge conditions.
Bromberg, Fox, and Ackermann initiate their development with the integral
energy equation
lZ
By introduction of the coordinate tr ation .)/_-'f__ j this becomes*
where
g
(2.151)
Reynolds analogy is invoked and one-seventh power profiles are assumed
g/ _ Ha -// = " _| /_ (//7 (2.152)
with the result that
or, with the H assumed constant
W
( 2.153)
(2. :_54)
Bromberg, Fox, and Ackermann treated the density as constant through the
boundary layer. The compressibility transformation is introduced here
for a more orderly development. The * subscript denotes evaluation at
the Eckert reference enthalpy condition.
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A second relation between the heating rate and the transformed boundary
layer thickness is now obtained using an incompressible, flat-plate skin-
friction law. Based upon the results of Burg_rat's study of the compres-
sibility transformation, the skin friction law is assumed invariant under
transformation so that
Reynolds analogy is again applied to convert Eq. (2.155) to an expression
for the heat transfer coefficient
Equations (2.154) and (2.156) may be combined to obtain the following
relation for the growth of the boundary layer
which upon integration yields ]
(
(2.i58)
Substitution of this result in Eq. (2.156) provides the final expression
for the heat transfer coefficient
_/z_ _ d_ I
(2.159)
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The starred properties are evaluated at the Eckert reference enthalpy
condition
where
(2.160)
It may be noted that no accounting is made in Eq. (2.159) for the laminar
boundary-layer run preceding the turbulent boundary-layer region. The local
convection coefficient is obtained assuming that turbulent flow extends
from the stagnation point to the local position, s. Bromberg, Fox, and
Ackermann include in their development a correction for the laminar run.
The correction is small except near the transition location. In view of
this result and the uncertainty in the transition location, incorporation
of the correction is not considered worthwhile.
It is convenient in prediction of the convective heat transfer to express
Eq. (2.159) in a different form. The purpose is to separate terms depend-
ing on flight condition, surface location, and surface temperature. In
this manner repeated solution of the complete equation in computation of
.
a heating history may be avoided. The form adopted is
* To obtain this form, the approximation given below is made
O 0
Because of the one-fifth power dependence of the convection coefficient
on the integral term and because of the slow variation of the quantity,
__/4_'/'_/__f_ "/_ along the surface, the approximation has little
effect. /
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(2.162)
where the compressibility term, Cc, is
(2.163)
and the turbulent distribution function is
The latter function, which describes the convective heat flux distribution
along the surface, exhibits a very weak dependence on flight conditions.
Hence, after evaluation of the function for a single, representative flight
condition, the convective heat transfer at any location may be simply deter-
mined from knowledge of the stagnation point thermodynamic conditions and
the local compressibility factor.
Boundary Layer Transition
Numerous theoretical and experimental works on transition have been per-
formed. However, the transition phenomenon is complex and is influenced
by a large number of parameters. The basic investigations provide some
understanding of the governing factors, but they do not provide well
defined criteria for practical application. The following general obser-
vations can be made:
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(I) Stability of the laminar boundary layer is increased in a
region of negative pressure gradients.
(2) The boundary layer is more stable at high Mach numbers than
at low.
(3) Mass injection has a destabilizing influence on the boundary
layer.
(h) Surface roughness hastens the occurrence of transition.
(5) The degree of wall cooling (ratio of wall enthalpy to edge
total enthalpy) exhibits an appreciable influence on trans-
ition. Moderate wall cooling increases stability, but there
is some indication that this effect is reversed with extreme
wall cooling.
Considering the situation for Apollo, pressure gradients are favorable
but the boundary-layer-edge Mach numbers are relatively low. Surface
roughness and mass injection conditions are such as to adversely affect
boundary layer stability. The wall is highly cooled. The prediction
of boundary-layer transition under these conditions must be accomplished
on an empirical basis. Ideally, transition data obtained at conditions
simulating in all important aspects, the Apollo conditions should be used
to form the empirical basis. Unfortunately, such information is not
available. In fact, very little interpretable data is available for
conditions approximating those of interest. Results obtained on ablating
surfaces are especially meager. Some data is available, however, for
highly-cooled, blunt bodies flying at hypersonic speeds. In particular,
the RTV X-17 flights resulted in acquisition of data which is pertinent.
This data has been reviewed and correlated. The results are summarized
and their application to Apollo is discussed in Appendix 2F.
The Reynolds number based on momentum thickness is used as a basic param-
eter in the data correlation. An approximate expression for the local
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value of this Reynolds number is simply obtained by applying the trans-
formation used by Lees (Ref. 2.101) to the incompressible, flat-plate
formula (Blasius result). The equation obtained is
z q_
(2.165)
This relation accounts for three-dimensional flow geometry and indirectly
for pressure gradient. It is based on the assumption that the velocity
profile in the transformed coordinate system is identical with the Blasius
profile. It gives results in good agreement with the more rigorous local-
similarity formula developed by Cohen which accounts for the effects of
real gas properties, pressure gradient, and Mach number on the velocity
profile. Equation (2.165) is adopted in preference to Cohen's formula
because of its relative simplicity. In order to expedite computations
of the Reynolds number history at a number of locations, Eq. (2.165) is
written in an alternate form
(2.166)
where
In this form trajectory condition and location dependent terms are separ-
ated. The distribution function FM is essentially independent of altitude
and velocity and thus can be evaluated once and for all.
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The momentum thickness Reynolds number at boundary layer transition exhibits
a strong dependence on local Mach number as evidenced by the RTV X-17
results. The correlation obtained with the X-17 data is shown in Fig. 2-65.
As discussed in Appendix 2F, the X-17 wall-cooling ratios did not differ
significantly from those expected on Apollo. The inviscid flow Mach numbers
on Apollo are within the range covered by the X-17 data. However, the
surface roughness of the X-17 vehicle was relatively small as compared
with Apollo and mass injection was absent.
The experimental results reported in Refs. 2.117 - 2.120 give indication
of the influence of surface roughness and mass injection, but the conditions
under which the data were obtained are sufficiently different so as to
preclude any quantitative conclusions for the Apollo application. The
reported results demonstrate that increased roughness and mass injection
will promote transition. They suggest, however, that the roughness influ-
ence will be decreased by mass injection. Considered as a whole, the
results of Refs. 2.117 - 2.120 together with the data of Ref. 2.121 support
the use of the RTV X-17 correlation as an upper bound on the transition
Reynolds number. No data suitable for defining a lower bound on the trans-
ition Reynolds number have been found.
For prediction of transition on Apollo, the lower envelope of the transi-
tion data of Fig. 2-65 may be used to define the critical value of the
momentum thickness Reynolds as a function of the local Mach number. How-
ever, it must be recognized that the prediction may be optimistic in that
the effects of large surface roughness and mass injection are not accounted
for in the correlation.
Mass Injection
It was shown in Section 2.3.1 that mass injection will have first-order
influence on convective heating. Thus it is very important that the mass
transfer effect be accurately described. Ideally, this would be accomp-
lished by solving the boundary-layer equations with multi-component
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diffusion and chemical reaction in combination with the equations governing
response of the ablative heat shield. However, such a solution is diffi-
cult and therefore an alternate and more approximate approach has been
taken. Specifically, the interface conditions coupling ablator response
and boundary layer phenomena are obtained using the simplified diffusion
model of Lees. The reduction of the heat-transfer coefficient resulting
from mass transfer is determined by applying approximate correlation formulae.
With this approach the equations previously given for prediction of the
non-blowing heat transfer may be applied after introducing suitable correc-
tions. The essential features of the technique are described here. The
detailed relations are developed in appendices.
The Apollo heat shield material decomposes to form both gaseous products
and a residual carbonaceous char which may react with boundary layer species.
The total injection rate is thus composed of two separate fluxes
The first term on right hand side is the pyrolysis gas contribution. The
second term is the net rate of production of gaseous species in surface
chemical reactions. Means for evaluation of each term are described in
the following paragraphs.
The pyrolysis gas injection rate, __-_]_' is determined from solution
of the transient conduction equation, which for one-dimensional heat flow
may be expressed as (Ref. 2.122)
where the decomposition rate is given by a kinetics law of the form
(2.169a)
2-118
LOCKHEED MISSILES & SPACE COMPANY
a_ the local p_ol_is gas flux is obtained from
_O _/,4___ (2.169c)
/
The injection rate is obt_ned when the latter integration is performed
starting from the surface. The solution of Eq. (2.169) is obtained using
either of two computer programs, CHIRP or TRANS_NT. A rigorous, numerical
integration of the conduction e_ation is performed by an e_licit finite-
difference techni_e in the CHI_ program (Ref. 2.123). The TRANSENT
code utilized a more approx_ate tec_i_e which is described in Volume II.
The properties data re_ired in mlution of the conduction e_ation are
given in Appendix 2G for a heat-shield _terial formulation simulating
that of Apollo.
The chemical source term of Eq. (2.168) is intimately coupled to the boundary
layer conservation equations since its magnitude depends in general upon
molecular species concentration gradients at the surface. In order to
evaluate this term, the multi-component boundary-layer diffusion system
is treated as a binary mixture with Lewis and Prandtl numbers of unity.
Lees (Ref. 2.38) has shown that with this approximation the molecular
species continuity equations can be replaced by elemental species conser-
vation equations which are identical in form to the energy conservation
equation. Thus the need for consideration of the complex chemical situa-
tion away from the wall is obviated. The diffusion rate of any element
may be related to the edge and wall elemental concentrations and the con-
vection coefficient.
Lees has pointed out that if a multi-component gas mixture is composed
of two separate groups, each with about the same atomic or molecular
weight and about the same mutual cross sections, it can be taken as
effectively binary insofar as diffusion is concerned. Admittedly,
this condition is not well satisfied for the chemical system of
interest. However, the approximation has been applied with considerable
success by Kratsch, et al (Refs. 2.122, 2.124) in describing the chem-
ical erosion of materials with similar composition.
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Following the work of Lees, the net flux of each element at the surface is
11 _
I
where the mass transfer parameter, B , is simply the ratio of the mass
flux to the blowing value of the convection coefficient
4_ = _ (2.1rl)
/
Referring to Eq. (2.168), the two components of the ablation flux are
/ _ M
/
(2.17_)
The latter flux is assumed due solely to chemical erosion of the carbon.
Then the total flux of carbon is given by
and the surface chemical erosion rate can be obtained from Eq. (2.170)
after noting that the edge concentration of carbon is zero
(2.176)
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The fluxes of other elements are obtained similarly. For example,
z_o_ _ _) / * 8_ -A"oe (2.177)
In order to complete the system of equations for mass transfer, the surface
reaction situation must be described. This is accomplished either by
imposition of a chemical equilibrium constraint or by specification of
reaction kinetics. It has been assumed that only oxygen reacts with the
carbon surface. The pyrolysis gases and ceramic fibers in the residual
char are considered inert. Cyanogen production and carbon sublimation
have been neglected since the maximum surface temperatures achieved are
not high enough to make these reactions favorable. Both the rate-limited
oxidation regime and the diffusion limited regime in which combustion is
complete have been treated. Relations for each situation are developed
in Appendix 2G. For the reaction-limited case in which
'_'¢" = /*/co
(2.178)
the following relation is obtained for the wall oxygen concentration after
manipulation of the foregoing relations and auxiliary specie conservation
statements
,C'o I L
] (2.179)
Solution of this equation and substitution of the result in Eq. (2.178)
yields the char erosion rate. As the kinetics of the carbon monoxide
production rate become very fast, almost all oxygen transported to the
wall reacts and the diffusion-limiting condition is approached. In this
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regime, the char erosion rate is given by the relatively simple formula
= = o./I (2.18o)
For both regimes the net heat transfer to the surface excluding radiation
is given, according to Lees by
(2.i8i)
It is shown in Volume II in discussion of the TRANSIENT program that this
may be rewritten as
(2.182)
where _/_ is the enthalpy of undissociated air at the wall temperature
and _cO is the heat of combustion of carbon. Thus the effect of chemical
reactions appears as a simple additive factor in the enthalpy potential.
The influence of mass transfer on the convection coefficient is examined
in Appendix 2H. While the transpiration effect has been studied exten-
sively, almost all theoretical treatments have been for the injection of
air or some inert species. The experimental investigations have been
similarly limited. As indicated by the foregoing discussion of ablation,
it has been assumed that the effects of chemical reaction between the
injected species and air can be decoupled from the "direct" effect of
transpiration, i.e., thermal and velocity boundary layer thickening.
The chemical reaction effects are accounted for by adjusting the enthalpy
potential as shown by Eq. (2.182). The direct transpiration effect is
introduced as a multiplicative factor on the convection coefficient. This
factor is considered to be a function of the normalized mass injection
rate, i.e., _/_m_"
CH
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The influence of injectant composition and pressure gradient, as well as
boundary-layer regime, on the transpiration factor is reviewed in Appendix
2H. Approximate correlation functions for the laminar and turbulent bound-
ary layer cases are selected. The adopted functions are presented in
Fig. 2-66. Also shown in this figure are the estimated uncertainties in
the transpiration factor as applied to Apollo. The laminar correlation
is based upon the theoretical results of Libby (Ref. 2.92) for injection
of air into air. The turbulent transpiration factor was empirically
derived by Woodruff (Ref. 2.12%). The influence of injectant composition
is grossly accounted for in these correlation functions by incorporating
a factor depending upon molecular weight (laminar boundary layer) or
specific heat (turbulent boundary layer) of the injectant. The values of
these correction factors are shown as a function of surface temperature
in Fig. 2-67 for an injectant representative of the Apollo heat shield
ablation products.
Surface Protuberances
Considerable progress has been made in analysis of the effects of two-
dimensional protuberances on heating and a large body of experimental data
has been accumulated. However, in the case of three-dimensional protuber-
ances such as on Apollo, theoretical techniques for accurately predicting
the interference factors are lacking. Furthermore, the complex dependence
of heating distribution on flow conditions and protuberance shape precludes
the development of general empirical relations. The effect of each geometry
of interest must be experimentally examined at the approximate conditions
of interest. In view of this situation, analysis effort in this study has
been limited to a brief investigation of the application of interference
factors obtained in wind tunnel tests of scale models of the Apollo con-
figuration. Appendix 2I reviews the considerations which have been made
and the conclusions derived. With a few qualifications, it appears that
the experimental factors may be directly applied for prediction of flight
heating.
2-123
LOCKHEED MISSILES & SPACE COMPANY
2.3.3 Results
The distribution of convective heat transfer over the Apollo vehicle is
described here. Predictions for wind tunnel and flight conditions are
compared in order to infer the validity of directly applying empirically-
determined distribution factors. Also, the adopted prediction techniques
are compared with alternative methods. All of the results presented are
for the plane of symmetry and an angle-of-attack of 25 deg. The actual
heating levels and transition pattern are not discussed. This is deferred
to Section 2.5 where representative environmental histories and associated
heat shield ablation histories are described in detail.
Laminar Heating Distribution
Measurements of the convective heating distribution on Apollo have been
obtained in a n'amber of wind-tunnel tests of the configuration. For zero
angle-of-attack attitude, any of the existing prediction techniques yield
results in good agreement with the experimental data. However for the
actual angle-of-attack condition, flow asymmetry induces some uncertainty
in the heating prediction. It was shown in Fig. 2-29 that the limit pre-
dictions of two-dimensional and axi-symmetric flow yield widely differing
results. In this study, the spreading coordinate defined in Section 2.1
has been used to account for three-dimensional flow effects on the heating
distribution. In order to determine the validity of this technique, pre-
dictions were made for the approximate test conditions reported in Ref.
2.15. Results obtained with both the adopted local-similarity solution
of Cohen and the simpler Lees formula are shown in Fig. 2-68 for the case
of 25 deg. angle-of-attack. For ease in comparison, the predictions are
presented in the form of the local heat-transfer coefficient ratioed to
the stagnation point coefficient computed for zero-angle-of-attack. The
experimental data reported in Ref. 2.15 are in good agreement with the
predictions. Except for the region IS/RI_ 1.05, the deviation between
-_,'-This form is obtained by _ultiplying the result of Eq. (2.I_) by
the factor [(/L_ _)_/_[/_o)_:.=o]f_
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theory and experiment is generally no greater than 5 percent. The most
accurate prediction technique cannot be identified. For positive values
of T/R, the Cohen prediction best correlates the data. The comparison
reverses for negative _/R. The good agreement obtained between the pre-
dicted and measured distributions is considered to substantiate the valid-
ity of the spreading coordinate.
The laminar heat transfer distribution for flight and wind tunnel condi-
tions is depicted in Fig. 2-69. The results are again shown in the form
of the local heat-transfer coefficient ratioed to the zero angle-of-attack
stagnation-point coefficient. The predictions for wind-tunnel and flight
situations, respectively, are based upon the pressure distributions defined
in Figs. 2-11 and 2-13. For the wind-tunnel case with a free stream veloc-
ity of 5000 ft/sec, flow of an ideal gas with isentropic exponent of 1.4
was assumed. The computation for the flight case was performed using real
gas properties of air, assuming flight at a velocity of 25,000 ft/sec and
altitude of 150,000 ft. It may be seen from Fig. 2-69 that the influence
of free-stream velocity on the laminar heating distribution is slight,
except on the windward corner. This might have been anticipated since
the pressure distributions for the two cases do not differ markedly.
It appears from these results that relatively little error would be
incurred in using low-speed wind-tunnel data to define the flight heating
distribution. However, it is considered preferable to use theoretical
means since the appreciable shift in the distribution on the windward
corner is then accounted for.
The influence of shock-generated vorticity on the laminar-heat-transfer
distribution is described in Fig. 2-70. For the conditions considered,
the stagnation-point heating is increased 30 percent by vorticity. The
effect decreases away from the stagnation point, but only slightly. That
is, the ratio of local heating to stagnation-point heating is not signifi-
cantly changed when vorticity is accounted for. The situation for which
the results are presented is an extreme one. For the lower altitudes where
2-125
LOCKHEED MISSILES & SPACE COMPANY
most of the convective heating occurs. The vorticity correction will be
much smaller. (See Fig. 2-52, for example.) It is concluded that the
convective heating distribution may be considered frozen. The small vor-
ticity affect may be accounted for by adjusting the local heating level
by the same amount as computed for the stagnation point.
Turbulent Heating Distribution
The turbulent heat-transfer distribution predicted for the wind tunnel
situation is shown in Fig. 2-71. The distribution function FT remains
relatively constant at a high value over the major portion of the spheri-
cal sector of the forebody. It dips rapidly near the stagnation point
because of the reduced flow velocities and again on the toroidal corner
sections because of the reduced flow density. The adopted technique of
Bromberg, Fox, and Ackermann, which accounts for the three-dimensional
flow geometry by means of the spreading coordinate and for streamwise
variation of edge conditions, yields results which do not differ greatly
from the flat plate formula of Eckert. The comparison of these two methods
in Fig. 2-71 shows that on the spherical sector the difference is less
than 15 percent. No experimental data were found for comparison with
these predictions.
Figure 2-72 shows the effect of free stream velocity on the turbulent
heating distribution. Except near the windward corner the distribution
factor is little influenced. The difference in that region is caused by
the outward shift of the stagnation point location with increasing flight
velocity.
Re_nolds Number Distribution
The mementum thickness Reynolds number distribution, as reflected by the
factor FM defined in Eq. (2.167), is shown in Fig. 2-73 for a representative
flight condition. Over the spherical sector the Reynolds number grows
almost linearly with distance away from the stagnation point in a manner
similar to the Mach number. (See Fig. 2-h7, for comparison.) Recalling
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the correlation of Fig. 2-65 for transition Reynolds number as a function
of Mach number, this suggests that the transition position will not gradu-
ally creep forward over the surface, but instead will rapidly sweep forward
as the vehicle descends. This behavior is illustrated in Fig. 2-7h. The
local Reynolds number is shown for several closely-spaced altitudes together
with the assumed Reynolds number for transition. At 170,000 ft altitude,
laminar flow prevails over the majority of the surface. In moving to a
slightly lower altitude the transition Reynolds number is exceeded over
a wide area and turbulent flow occurs.
Summary
The many phenomena which may affect convective heat transfer at superorbital
entry speeds have been individually examined. Non-equilibrium chemistry
and radiation coupling effects appear to be of second-order importance
for Apollo. The influence of non-uniform wall temperature and non-similar
mass injection distribution on local heat flux is not important. Shock-
generated vorticity effects are minor, except at high altitude. Flow asym-
metry and mass injection significantly affect heating levels. Boundary-
layer transition, with attendant large increase in heat flux, is probable
during the period of peak heating.
Techniques for prediction of heat transfer, which may be simply applied,
have been presented. The fundamental relation were selected from existing
developments after review of the available theories and numerical results.
The prediction technique incorporates approximate theoretical means for
establishing the influence of three-dimensional flow and vorticity effects.
The mass transfer boundary condition with a chemically reacting ablator is
theoretically modeled, but the transpiration effect is treated semi-empir-
ically. An approximate correlation for the transition Reynolds number is
provided.
The development of a more rigorous procedure for prediction of the heat
transfer, which would account for coupling between the various phenomena
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of importance, is highly desirable. In particular, diffusion and chemical
reactions with injection of ablation products should be examined using
realistic compositions and properties.
2.h AFTERBODY ENVIRONMENT
Heat transfer to the afterbody region of the Apollo vehicle is relatively
low. This is fortunate since there are many complications which make
accurate predictions of the environmental conditions very difficult.
Theoretical techniques for treating the relevant phenomena are poorly
developed and therefore heavy reliance on empiricism is necessary in
prediction of heating levels. For this purpose, a large body of experi-
mental data on Apollo afterbody heating has been acquired by testing scale
models in hypersonic flow facilities.
In view of this situation, the scope of afterbody heating investigations
in this study was purposely limited. It was not considered profitable to
expend much effort in theoretical analysis. Instead, a brief review of
the experimental data and its application to flight predictions was under-
taken. This section provides a qualitative description of the phenomena
affecting heating and a discussion of the existing semi-empirical methods
for prediction of heating levels.
2.h.l Phenomenological Review
Most of the factors influencing forebody heating will also have some effect
on the afterbody. Mass injection, non-equilibrium chemistry, boundary-
layer transition, and other phenomena have been discussed at some length
in consideration of the forebody. The important differences between the
forebody and afterbody will be discussed here.
Flow Field
The general configuration of the flow field for Apollo was described in
Fig. 2-1. It was seen that a three-dimensional flow pattern arose on the
forebody as a consequence of the vehicle's attitude with respect to the
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free stream. The flow asymmetry is magnified on the afterbody. For the
angle-of-attack of interest, 25 deg, the flow remains attached on one
side but separates on the other. A low-speed, recirculating flow of com-
plex geometry lies between the body surface and the separating stream
surface.
The inviscid flow over the afterbody is strongly influenced by viscous
effects. The features of the flow are indicated in the sketch below for
the general case with mass injection from the afterbody surface.
,..----_ _ ,._'HOCA_
l!
The stagnating streamline (S.S.) is the one which separates the streamlines
which continue downstream from those which turn back into the recirculat-
ing region. The dividing streamline (D.S.) emanates from the boundary
layer separation point and divides the flow which has passed through the
bow shock from that emanating from the base. The fluid injected from the
afterbody surface passes out between the stagnation and dividing stream-
lines. (With no mass injection, the stagnation and dividing streamlines
are therefore identical.) The dashed lines indicate the extent of the
viscous region. The boundary-layer thickness rapidly is expanding about
the forebody corner. Upon separation, the viscous layer continues to grow
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as a free shear layer and finally entrains a portion of the recirculating
flow. In the neck region where the free shear layer coalesces, the pres-
sure rises. Only that fluid which has sufficient momentum to overcome the
adverse pressure gradient continues downstream. The remainder is turned
back into the recirculation region. For this reason, viscous effects
strongly influence the wake closure angle. The geometry must be such
that shear forces acting on the injected fluid provide sufficient acceler-
ation for the fluid to negotiate the region of increasing pressure.
For rapid closure of the wake, the turning angle at the neck is large and
hence the pressure rise is greater. The length along which fluid is accel-
erated becomes smaller. Thus, fluid is least likely to negotiate the
pressure rise for a short closure length. From this consideration, it
may be inferred that mass injection from the afterbodywill cause the wake
closure angle to decrease and the neck to move downstream. Mass injection
from the forebody will have a similar, but weaker, effect. The smaller
closure angle indicates increased pressures in the base region and a
tendency for earlier boundary layer separation.
Radiative energy loss was previously shown to appreciably reduce tempera-
ture and velocity of the inviscid flow over the forebody. This effect
will be reflected in the afterbody flow. However, the influence on pres-
sure levels and flow geometry should be of second-order magnitude.
It was indicated that the forebody shock layer will be in a near-chemical-
equilibrium condition for the altitudes where heating is greatest. It is
unlikely that this condition will persist over the afterbody. The pres-
sures are very much less and consequently reaction kinetics are relatively
slow. It is probable that the flow will chemically freeze at some point
during expansion around the corners of the forebody. Thus the extent of
dissociation will be greater than would be predicted assuming chemical
equilibrium. With the chemical energy unavailable, temperatures will drop
more rapidly than in an equilibrium expansion.
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Radiation Heat Transfer
As a result of the low pressures and temperatures of the flow over the
afterbody, the local radiative emission rates will be very small. It may
be seen from Fig. 2-h6 that the equilibrium radiative flux falls off to an
insignificant level on the forebody corner. The non-equilibirum contri-
bution to the radiation does not decay as rapidly around the corner. How-
ever, the work of Ref. 2.1 shows that even for velocities in excess of
those for lunar return the non-equilibrium flux is small along most of the
afterbody surface as compared with the convection flux.
The flow temperature increases in the wake neck region as a consequence
of flow compression. Pressures in this region remain low relative to those
on the forebody, but the radiating volume is relatively large. Thus, the
neck region may be an important source of radiation. It is contaminated
by ablation products which are very strong radiators compared to pure air
species.
The extent of wake radiation will depend, of course, on the temperature and
particle concentration distributions. In order to determine the radiation,
the ablation rate and injectant composition must be known. Further, the
diffusion, momentum, chemical kinetics, and energy transfer processes in the
boundary-layer, free shear layer, and neck region must be described.
Convective Heat Transfer
Over the surface area where the boundary layer is attached, the convective
heating phenomena will be essentially the same as on the forebody. However,
the inviscid flow entrained by the boundary-layer will be out of equilib-
rium and chemical kinetics within the boundary layer will be much slower.
The convective heating mechanism is quite different in the separated zone.
The energy is transported through the shear layer heating the recirculat-
ing flow which in turn heats the body surface. It _ght then be expected
that convective flux to the wall will be relatively small in this region.
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2.h.2 Prediction Techniques
Available methods for calculation of the afterbody flow field and convec-
tive heating are reviewed. Because of the many uncertainties and diffi-
culties involved in theoretical techniques, semi-empirical methods are
favored.
Flow Field
The theories of Chapman (Ref. 2.126) and Korst (Ref. 2.127) are generally
applied for calculation of laminar and turbulent flows, respectively.
According to the Chapman model, the geometry of the stagnating streamline
may be determined by requiring that the total pressure on the stagnating
streamline at the neck be equal to the pressure in the external inviscid
flow immediately behind the oblique turning shock. It is assumed in
applying the model that the shear layer is thin and the recompression
region at the neck is short. The pressure is assumed constant in the
separated region and simple approximations to the transport properties are
used to obtain a similar solution for the shear layer velocity profile.
The actual separation condition and shear layer geometry are determined
by iteration of the inviscid flow and shear layer solutions. In this pro-
cess, a separation position is assumed and the associated inviscid flow
field is calculated. Then the shear layer solution is obtained. The latter
yields the stagnation streamline total pressure and the former provides
the pressure immediately behind the turning shock. The process is repeated
until a solution is obtained where the two pressures coincide.
Chapman did not account for a finite boundary layer thickness at the separ-
ation point. However, his model has been extended by Baum, King, and Denison
(Ref. 2.128) to include the initial profile and mass injection effects as
well. They show that the effects of initial profile are very important.
The Korst theory for turbulent flow follows along the same general lines
as the Chapman model. A greater number of approximations are necessary,
however, in dealing with the turbulent situation. The upstream boundary
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layer is grossly accounted for by using an effective base radius which
is the sum of the actual radius and the boundary layer momentum thickness.
Because of the complex geometry presented by the Apollo at angle-of-attack,
application of these theoretical techniques for description of the separated
flow field would be difficult and the results would be uncertain. Three-
dimensional method-of-characteristics solutions would be required for the
inviscid flow. The approximations inherent in the current techniques
(e.g., zero pressure gradient solution for initial profile, negligible
shear-layer displacement thickness, constant_ product and unity Prandtl
number for laminar flow) are not well satisfied. These approximations could
be relaxed. However, the basic methods do not yield information on the
thermodynamic state of the important recirculating flow region. Further,
the recompression region treatment is overly simplified.
As a result of these theoretical difficulties, an empirical approach to
definition of the flow field appears desirable. For the present purposes,
it is assumed sufficient to prescribe the static pressure distribution
over the surface. The thermodynamic quantities are then obtained assuming
the flow to be isentropic. Experimental pressure data at differing angles-
of-attack are available for a wide range of Mach numbers and Reynolds
numbers. The influence of these parameters appears to be small and there-
fore the pressure distribution has been assumed frozen. The adopted distri-
bution in the plane of symmetry is shown for the windward side in Fig. 2-75.
In the separated zone the pressure has been assumed constant at a value
of 0.012_0 .
Radiative Heat Transfer
The radiative heating from wakes contaminated by ablation products has
been experimentally studied by Stephensen (Ref. 2.129). Small, ablating
models were flown in a ballistic range at speeds ranging up to about 30,000
ft/sec and measurements of the spectral luminosity of the wake were obtained.
The materials tested included polycarbonate, polyethylene, teflon, delrin
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and an epoxy formulation. Significant increases in emission over air
wake values were observed with some of the materials. The data were cor-
related by Stephenson and approximate scaling relations were devised to
enable flight predictions.
The differences in wake emission levels for the different material models
wer_ extreme. Under some conditions, radiation from the teflon and delrin
wakes was almost three orders of magnitude less than from the polycarbonate
wake. The epoxy and polyethylene radiation was somewhat less than that
of polycarbonate, but their spectral emission distributions were roughly
similar. The observed differences might be attributed to differences in
material formulation and ablation rate. It appears unlikely that the
ablation rates differed markedly. The elemental composition of the materi-
als, with the exception of teflon, is similar. With the one exception,
all are composed of carbon, hydrogen, and oxygen in varying amounts. The
molecular structures are significantly different. This would be important
if the initial pyrolysis products did not decompose and enter into reac-
tions with the air during their transit of the body. It is speculated
that this latter non-equilibrium effect is a prime contributor to the
observed radiation differences.
Extrapolation of the experimental results to flight conditions is highly
uncertain as a consequence of the unknown reaction kinetics situation.
For the same reason, the material most representative of the Apollo heat
shield cannot be distinguished. However, there is no alternative approach
which can be considered more reliable. Therefore, the experimental data
and scaling relations of Stephensen are adopted. The radiative heat flux
to the afterbody surface is given by
(2.i83)
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The constant has been evaluated from the data for the epoxy material since
the Apollo heat shield has an epoxy base. The cosine term is included to
account approximately for the local wake view factor. The angle O is
measured between the surface normal and the free stream wind direction.
Convective Heat Transfer
The relations described in Section 2.3.2 have been applied to predict
the convective heating distribution over the attached flow region of the
afterbody surface. Figure 2-76 presents the laminar heating distribution
computed using the empirical pressure distribution of Fig. 2-75. The
results were obtained assuming flow of undissociated air with isentropic
exponent of l.h in order that the prediction might be compared with the
wind tunnel results reported in Refs. (2.1%) and (2.16). The general
level is correctly predicted. However, the distribution is poorly correl-
ated. The experimental data exhibit a much weaker dependence on position.
The discrepancy between prediction and measurement may be a result of the
assumed flow geometry. It was assumed in application of Eq. (2.1_) that
the spreading coordinate remained constant along the afterbody surface
(i.e., that the streamlines did not diverge). In reality, the flow will
be three-dimensional due to the peripheral pressure gradient. If this
effect were accounted for, the predicted convection coefficient would
decrease less rapidly along the surface and the degree of data correlation
would probably be improved.
The attached flow heating prediction was repeated for a representative
flight situation (altitude: 1%0,000 ft; velocity: 25,000 ft/sec) for
comparison with the wind tunnel prediction. The results, which are shown
in Fig. 2-77, indicate an increase in the local heating level relative
to the zero angle-of-attack stagnation point heating. This effect is
attributed primarily to the shift in the stagnation point location. For
the flight case, the stagnation point is closer to the toroidal corner.
Hence the boundary layer run is shorter and the relative heating level is
increased. The effect is not large, being about 15 percent. The predicted
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shift may be overshadowed by pressure distribution changes which have not
been accounted for.
The turbulent heating distribution function FT, which was defined by Eq.
(2.164), is shown for the attached flow region in Fig. 2-78. The results
are for the flight case. They do not differ substantially from predictions
for the wind-tunnel condition. This is because the local turbulent heating
is relatively insenitive to the boundary-layer run length.
Prediction of convective heat transfer to the separated flow regions of
the afterbody is more difficult. Sprinks (Ref. 2.130) has reviewed the
relevant theoretical and experimental work conducted prior to 1960. He
concluded at that time that "in general no existing theories for separated
flow heat transfer are suitable for application at hypersonic speeds".
However, he indicated that Chapman's model yielded results for laminar flow
which were at least qualitatively correct. Chapman's model, which has been
partially described in the foregoing discussion of the separated flow
field, assumes the air in the low speed reverse flow region to be at wall
temperature when entrained in the shear layer. Then, assuming similarity
between the enthalpy and velocity profiles in the shear layer, the heat
transfer across the stagnating streamline can be computed from the shear
solution. Because the stagnating streamline separates the recirculating
flow from that entering the wake, all the heat transfer across the stag-
nating streamline must be delivered to the body surface. The Chapman model
thus provides the average heat transfer to the surface exposed to separated
flow. The average heat flux is predicted to be 56 percent of that for an
attached boundary layer with the same external-inviscid-flow conditions.
The model is substantiated by the experimental results of Larsen (Ref. 2.131)
for heating in a cavity. As noted previously, the model has been refined
by Baum, King, and Denison (Ref. 2.128). They include an accounting for
finite boundary-layer thickness at the separation point and examine the
influence of mass injection. They show that for base flow separation,
the effects of the upstream boundary-layer will reduce the convective
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heating below that predicted by Chapman. They also show that mass injec-
tion from either the forebody or base will appreciably reduce base heating.
Experimental data on convective heat transfer to the separated region of
the Apollo afterbody have been obtained for a relatively wide range of
Mach numbers and Reynolds numbers. However, most of the data has been
obtained with sting mounted models at enthalpy levels much lower than
in flight. Most of the measurements indicate that the convective heat
transfer does not vary significantly over the forward half of the after-
body but increases somewhat near the aft tip. This result may be associated
with the presence of a sting. Lee (Ref. 2.132) has correlated a great
part of the data by plotting the local Stanton number as a function of
Reynolds number. The results generally fall somewhat below the Chapman
prediction and they exhibit a different Reynolds number dependence. The
Stanton number varies approximately as the inverse fourth root of the
Reynolds number rather than the inverse square root. This trend has also
been observed by Murphy (Ref. 2.133) in flight test data correlations.
A qualitative explanation of this dependence may be found in consideration
of the effect of the recirculation flow on heat transfer (Ref. 2.128).*
Application of the Chapman theory indicates that the local separated-flow
heating relative to the zero angle-of-attack stagnation-point heating will
not differ significantly between wind-tunnel and flight conditions. It
therefore is reasonable to directly apply the experimentally derived heat
transfer distribution. To maintain conservatism, the high Reynolds number
results may be used. (According to the empirically observed Stanton number
dependence on Reynolds number, the ratio of the local convection coefficient
to the stagnation point convection coefficient increases approximately
as the fourth root of the Reynolds number.) A value for CN/e#o__ of
--0
* In the Chapman model, the recirculating flow does not impede the transfer
of heat from the dividing streamline to the body surface by virtue of
the assumption that the reverse flow is at the temperature of the wall.
Actually the recirculating flow must offer some resistance which is
Reynolds number dependent.
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0.03 is adopted as representative. This procedure does not account for
upstream mass injection and therefore further conservatism is incurred
in its application.
A turbulent separated flow is probable in some Apollo flight regimes.
Chapman also considered this situation and predicted that the heating would
be increased above the equivalent attached flow value for low supersonic
Mach numbers. This prediction has not been borne out by experiment.
Rather, the reverse has been observed - the heat transfer is reduced
(Refs. 2.131, 2.13h). In view of this discrepancy, reliance should be
placed on empirical methods for description of the turbulent, separated-
flow heating. Unfortunately, results obtained with the Apollo configuration
have not been found. A very crude and probably conservative prediction may
be made by assuming that the local separated flow heating is equal to the
heating just upstream of the seaparation point. This assumption yields
a value for the distribution function, FT, of approximately 0.06 for the
separated flow region on Apollo.
Summary
Theoretical description of the afterbody flow field and heat transfer is
difficult and uncertain. The techniques which are conventionally applied
have been briefly described and then discarded in favor of semi-empirical
methods. It is expected that these latter procedures will yield results
which are the more realistic.
2._ ENVIRONMENTAL HISTORIES
The variou s phenomena affecting the heat transfer to a vehicle reentering
the atmosphere at superorbital velocity have been studied in the foregoing
sections. Prediction techniques accounting for most of the important
effects have been presented and sample results for the inviscid flow field,
radiative heat transfer, and convective heat transfer have been separately
shown. In this section, the character of the reentry environment is further
illustrated by presentation of total heating histories together with shield
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ablation histories. First, the computational process for generation of
environmental histories is reviewed. Then the influence of entry condi-
tion on total heating history is examined and finally detailed results
are presented for a few selected situations.
2.5.1 Unified Calculation Procedure
The heating histories presented here have been computed via the ENVIRONMENT
code. As described in Volume II, this code incorporates correlated results
from the STREAMTUEE, STAG-RADS, STRADS-AIR, and VORTICITY codes. It cal-
culates instantaneous shock-layer conditions and provides a history of
all environmental parameters required in evaluation of heat shield response.
The order in which the several computer codes are applied to obtain the
desired end result is indicated by the information-flow diagram of Fig.
2-79. The analysis process is initiated by a STREAMTUBE solution for the
inviscid flow field. The resultant data on the shock wave configuration,
pressure distribution, and flow pattern form the input data for the remain-
ing of codes. The VORTICITY program yields the convective-heat-transfer-
coefficient distribution for a three-dimensional flow accounting for shock-
generated vorticity effects and the STRADS-AIR code provides the radiative
heat transfer distribution accounting for radiative energy losses and
self-absorption. Both the convection and radiation distributions are only
weakly dependent on flight condition and may be assumed frozen. Hence,
the STRADS-AIR and VORTICITY codes need be applied only once for a given
flow configuration. The results, when properly normalized, are entered
as input distribution factors in the ENVIRONMENT code. The convective
heating level is determined in this latter program by a correlation equa-
tion. The radiative heating level is obtained as a tabular function of
the altitude-velocity condition. This function is provided by parametric
application of the STAG-RADS code which solves for the stagnation point
flux. Non-equilibrium and wake radiation are computed in the ENVIRONMENT
code by empirical formulae. The ENVIRC_NENT program yields the non-blowing
convection coefficient. The actual convective heat transfer can be
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determined only upon simultaneous solution for the heat shield response.
The TRANST_NT code provides an efficient, but approximate means for eval-
uation of material response. An alternative and more rigorous technique,
involving finite-difference integration of the conduction equation, is
available in the CHIRP program.
This system of codes enables expeditious calculation of heating and mate-
rial response. Once the fundamental heating parameters for a given con-
figuration are computed and introduced into the ENVIRONMENT program, the
heating may be computed for any trajectory simply by entering the appropri-
ate trajectory data (altitude and velocity histories). The results account
for three-dimensional flow geometry, vorticity, boundary-layer transition,
radiative energy loss, and self-absorption. They are in a form suitable
for subsequent material response calculations. The equation incorporated
in the several codes have been developed in the preceding sections and
are concisely summarized in Volume II.
2.5.2 Entry Heating
Heating histories have been computed for the three trajectories described
in Section I. It may be recalled that Trajectory I is representative of
the early development-test flights. Trajectories II and III correspond
approximately to the overshoot and undershoot extremes for lunar return.
In all cases, the Apollo is assumed to be at 25 deg angle-of-attack.
Trajectory Influence
The geometric center position of the Apollo vehicle is considered a repre-
sentative location for the purpose of examining the trajectory influence
on heating. Figure 2-80 compares the radiative and convective heating
histories at this location for the three aforementioned trajectories.
The convective heating is shown for a cold, non-ablating wall. Transi-
tion is assumed to occur at a momentum thickness Reynolds number of 165,
according to the empirical criterion previously discussed. The upper
and lower dashed lines, respectively, are used to indicate the convective
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heating which would occur if transition were earlier or later. The radia-
tion results shown in the figure include both equilibrium and non-equilib-
rium contributions.
In all of the trajectories, the major heat load is delivered during the
initial pullout maneuver. The heating during the final descent is rela-
tively low because of the reduced flight velocity. The qualitative dif-
ferences in heating history among the three trajectories are marked. As
would be expected, radiation is relatively small for Trajectory I due to
the low entry velocity (about 27,000 ft/sec). A short period of intense
radiation is experienced in Trajectory II prior to pullout at 150,0OO ft
altitude. In Trajectory Ill, radiative heating persists for a much longer
period due to the more gradual deceleration. Non-equilibrium radiation
is predominant in both Trajectories I and III whereas most of the radia-
tion in Trajectory II emanates from the equilibrium zone of the shock
layer.
The convective heating histories for Trajectories I and II are similar in
temporal distribution, but the levels for these trajectories differ by
about a factor of two. A short period of turbulent flow at about the time
of peak heating is predicted in both cases. The Reynolds number remains
relatively low in Trajectory III due to the high pullout altitude and it
is predicted that laminar flow will prevail until final descent. The
prolonged deceleration period results in high total heat transfer, however.
Forebody Heating
Trajectory lll is selected for more detailed examination. It is an inter-
esting one as a consequence of the relatively high radiation levels and the
greater probability of transition. Figure 2-81 again presents the heating
history at the geometric center location, but now the actual convective
The empirically-derived non-equilibrium radiation law may overestimate
the non-equilibrium contribution. The equation was selected to fit
the upper envelope of the available experimental results.
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heating rate accounting for mass injection is shown. Also indicated in
the figure is the course of heat shield ablation. By comparison with
the results of Fig. 2-80, it is seen that the mass transpiration effect
is very pronounced. When the surface strata of the heat shield begins to
decompose (at about IS seconds) the mass injection causes a rapid drop-
off in the convective heat flux. The radiative heat flux is sufficient
to maintain a high charring rate and the flux of ablation products forces
the thermal boundary layer off the surface. As the vehicle penetrates to
the denser regions of the atmosphere, the mass injection becomes less
effective and convection heating begins again. When the boundary layer
transits to turbulent flow, the mass injection effect is further reduced.
It may be seen from Fig. 2-81 that the char front progresses into the
material at a relatively constant rate during the period of peak heating.
Conversely, the surface erosion rate varies significantly. At early times
(prior to 20 seconds), the diffusion boundary layer is also blown off the
surface and hence oxygen is unavailable for reaction with the char. During
the period of turbulent flow, diffusion-controlled oxidation occurs at a
relatively rapid rate.
Heating and shield ablation histories are shown in Figs. 2-82 and 2-83
for positions on opposite sides of the geometric center. The location
S/R = 0.75 is in the region of peak radiative heating whereas the location
S/R = -0.96 is on the far lee side where radiative heating is low. Radia-
tive heating predominates at the former location due in part to the pre-
dicted absence of transition. At the latter position, radiative heating
is almost an order of magnitude less than convection. It is interesting
to note the difference in shield behavior at the two locations. In the
region of high radiation a thick char layer develops and little surface
erosion occurs. The trend reverses on the lee side.
The influence of boundary-layer transition criterion on total heating and
shield ablation has been studied. Figure 2-8_ depicts the location of the
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transition position as a function of time for the adopted, Mach-number-
dependent Reynolds number criterion and for a constant transition Reynolds
number of 200. With the former criterion the duration of turbulence is
somewhat less, but the transition position moves further forward. With
the constant Reynolds number, the geometric center remains laminar during
the initial pullout maneuver. The heating and ablation histories for
this case are shown in Fig. 2-85 for comparison with the results of Fig.
2-81. The total convective heat transferred during the initial pullout
maneuver in the laminar flow case drops to about the same level as the
total radiative heat transfer. Although the total heat transfer during
pullout is diminished by about 35 percent, the amount of ablation during
this phase is reduced by less than 15 percent. Also observe in Fig. 2-85
that the amount of ablation occurring during the final descent is large
relative to the heat transferred during this period. While the recovery
enthalpy is relatively low, the convection coefficient becomes large and
therefore surface erosion proceeds at a fast rate. These results demon-
strate the sensitivity of ablator effectiveness to the environmental con-
ditions.
Figure 2-86 shows the variation of total heat transfer and shield ablation
(both during the pullout maneuver and final descent periods) as a function
of location along the plane of symmetry. The individual contributions
of radiation and convection are shown. Also indicated is the effect of
transition criterion. It may be seen that convective heating predominates
along most of the surface. Total heat transfer is maximum on the wind-
ward corner where the large pressure gradient leads to high laminar heat-
ing. The heating does not vary greatly along the spherical surface when
transition is assumed to occur at a Reynolds number of 200. However, for
the limit case of laminar flow throughout reentry, the heat transfer drops
by more than a factor of five from one corner to the other. The shield
ablation pattern shown in Fig. 2-86 generally reflects the heat transfer
distribution.
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Afterbody Heating
Predicted heating histories for two positions on opposite sides of the
afterbody are described in Fig. 2-87 for Trajectory I. The windward side
receives no appreciable radiation from the contaminated wake because of
its orientation. Radiative heat transfer is small even on the lee side
due to the relatively low entry velocity. The convective heating is shown
for the case of a cold non-ablating wall. The convective heating level
on the windward side is high relative to that on the lee side since the
boundary layer remains attached only on the windward side. Further results
for the windward position are presented in Figs. 2-88 and 2-89. These
were obtained assuming that laminar flow prevails. It may be seen that
surface temperature remains low and that the e_tent of shield decomposi-
tion is slight. Even so, mass injection is sufficient to significantly
reduce the convective heating level.
2.6 SUMMARY
The problem of predicting the heat transfer experienced by manned vehicles
during entry at superorbital velocity has been investigated. The various
phenomena affecting heat transfer have been identified and their relative
importance has been quantitatively assessed. Existing theoretical and
experimental works have been reviewed to determine their relevance to the
problem and analysis techniques which account for most of the major effects
have been formulated. A series of computer programs which may be used
for detailed calculations of the aerothermal environment or for routine
heating history computations have been developed.
The results have direct application to the Apollo Command Module and may
be used in analysis of extended mission capabilities. The theoretical
techniques and numerical methods have wide utility. The phenomenological
review enables identification of problems for future research.
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2.6.1 Conclusions
Consideration has been given to means for description of the inviscid flow
field, radiative heat transfer, convective heating, and shield material
behavior. The phenomena of non-equilibrium chemistry, radiative energy
loss, self-absorlotion , foreign-species injection, shock-generated vortic-
ity, boundary-layer transition, surface protuberance interactions, and
flow separation have been examined.
Inviscid Flow Field
Because the Apollo vehicle operates at large angle of attack, the shock
layer flow field is highly asymmetric. For the flight regimes of primary
interest, the effects of non-equilibrium chemistry on the gross character-
istics of the flow are small. Viscous displacement, even the mass injec-
tion considered, is not significant except at very high altitudes. Radia-
tive energy transport alters the shock layer structure slightly at lunar
return velocity.
Computation procedures for determining in detail the complete three-
dimensional flow field are available. However they require large computa-
tion times and are subject to significant truncation errors. A relatively
efficient numerical procedure employing the streamline coordinate system
has been developed. At present it is limited in application for three-
dimensional flows to the plane of symmetry and treats the shock layer as
an inviscid flow in chemical equilibrium. Non-adiabatic effects are
accounted for. Accuracy of the method has been demonstrated by comparing
results with experimental data and alternate numerical solutions.
Radiative Heating
Radiative heat transfer to the Apollo will be significantly influenced by
radiative energy loss and by self-absorption. Optical thicknesses of the
shock layer are large in the vacuum ultraviolet region of the spectrum and
small in the visible region. It appears that ablation products injected
into the shock layer will have only second-order effect on Apollo forebody
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heating. Absorption and emission from the contaminated boundary layer
may become important for different conditions, however. The non-equilibrium
contribution to the total radiative flux will be significant for Apollo,
especially along the overshoot trajectory.
In order to enable realistic prediction of the equilibrium shock-layer
radiation, two complementary numerical techniques for solution of the
radiation-coupled flow field with self-absorption have been formulated.
Flow similarity is assumed in one approach to obtain a stagnation region
solution. A streamtube technique is used in the second approach to compute
radiative heat transfer distribution about the body. The results obtained
in exercise of these techniques indicate that energy loss and self-absorption
may reduce radiation by an order of magnitude at Apollo conditions. They
also show that the radiative heat transfer distribution is almost frozen.
The influence of ablation products may be theoretically estimated if the
assumption of chemical equilibrium within the boundary layer is admitted.
However, the reliability of results is adversely affected by large uncer-
tainties in spectral absorption coefficient data.
Radiation from the non-equilibrium zone is most reliably predicted by empir-
ical methods. The experimental data scatter is large, however, and as a
result the empirically predicted level is uncertain.
Convective Heating
The three-dimensional flow pattern over Apollo appreciably influences the
convective heat transfer distribution, but direct effects of cross-flow
are small. Shock-generated vorticitywill cause a slight increase in con-
vective heating level at the higher altitudes. Mass injection will have a
first order effect. Non-equilibrium chemistry and radiation coupling effects
appear to be of second-order importance for Apollo. Boundary layer trans-
ition, with attendant large increase in convective heat flux, is probable
for undershoot trajectories.
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A large body of literature exists on the convective heating of blunt bodies
at high speeds. Almost all important phenomena have been theoretically
studied, but the various effects have generally been treated separately.
Simple formulae accurately correlating numerical results of first-order
laminar boundary layer analyses are available and relations enabling cor-
rections for certain of the second-order effects have been derived for
laminar flow. Turbulent boundary layer theory is not far advanced.
Techniques which may be simply applied have been selected for prediction
of convective heat transfer. These incorporate approximate theoretical
means for establishing the influence of three-dimensional flow and vortic-
ity. The mass transfer boundary condition is theoretically modeled, but
the transpiration effect is treated semi-empirically. An approximate
criterion for boundary layer transition has been obtained by correlation
of flight test data. The basic procedures for prediction of convective
heating distribution and coupled material response have been validated
by comparison of predictions with experimental data.
Application of the adopted techniques for flight predictions indicates
that convective heating will generally predominate over radiation in
Apollo trajectories. The total convective heat load is strongly influ-
enced by mass injection. During periods of intense radiation, the injec-
tion rate of gaseous ablation products is sufficient to separate the
thermal boundary layer from the surface and convection ceases.
Afterbody Heating
Heat transfer to afterbody regions is relatively low. This is fortunate
since there are many complications which make accurate predictions of the
environmental conditions very difficult. The flow will be separated over
a large portion of the Apollo afterbody and non-equilibrium chemistry will
prevail. The downstream viscous wake may be an important source of radia-
tion as a consequence of its large volume and high content of ablation
products.
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Existing theoretical models for prediction of convective heat transfer in
separated flow regions are not well suited for application to the Apollo.
The use of semi-empirical procedures is favored. First order predictions
are made possible by correlation of the large body of experimental data.
Empirical prediction of the radiative heating is highly uncertain due to
a paucity of test results and to the lack of substantiation of scaling
relationships. However, no sound theory for quantitative prediction of
wake emission is available at present and the empirical procedures must
suffice.
2.6.2 Recommendations
Flow Field
The effects of precussor radiation on the flow field have not been investi-
gated. A substantial fraction of the energy assumed to be lost to space
will in reality be absorbed in the immediate free stream and will be con-
vected back into the shock layer. The bow shock configuration may be
altered and radiative heat transfer will be increased. While it is antic-
ipated that all of these effects will be small at Apollo flight conditions,
quantitative analyses should be performed.
The numerical procedure devised for computation of the inviscid flow field
is relatively efficient, but its application is limited due to the simpli-
fying assumptions which have been incorporated. Its utility would be greatly
extended by removal of thin shock-layer assumptions and by accounting more
precisely for normal pressure gradients. The basic computation technique
is ideally suited for non-equilibrium chemistry calculations. Convention-
ally, the flow pattern is solved independently of the chemical kinetics.
The present procedure could be modified for coupled study of flow chemistry
effects.
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Radiation
The numerical techniques developed for evaluation of radiative heat transfer
treat self-absorption considering air as a multi-band radiator. The con-
tinuum atomic and molecular band absorption coefficients are accommodated,
but atomic line radiation is not. Because the atomic lines are very strong
and numerous, the line contribution to radiation may be significant.
Numerical procedures enabling a realistic accounting for line radiation
should be developed.
The theoretical estimates of the influence of ablation products on radia-
tion transport through the boundary layer are uncertain. Consideration of
additional absorption processes and finite chemical kinetics may alter the
conclusions. It is desirable that the theoretical estimates be validated
by comparison of prediction with measurements for the range of temperature-
pressure conditions of interest. The effect of ablation products on wake
radiation is not well-defined. Further experimental work is required to
establish the importance of contaminated wake radiation at flight conditions.
Valuable information could be obtained by properly instrumenting the Apollo
vehicle.
Convection
The techniques selected for evaluation of convective heating employ the
assumption of local similarity and furthermore they treat the various
influencing phenomena in uncoupled fashion. While these approximations
appear justified for engineering predictions of the heat transfer, the
development and exercise of more rigorous procedures is recommended. In
particular, diffusion, finite chemical reaction rate, and radiative coupling
effects with injection of gaseous ablation products should be studied
using realistic compositions and properties.
Criteria for boundary-layer transition are not well established. The
acquisition and correlation of further experimental data for ablating bodies
is necessary. Both ground and flight test programs would be useful.
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Turbulent heating from dissociated and ionized boundary layers with foreign
species injection has not been theoretically treated and the available
experimental data are very sparse. Again, further experimental work is
recommended. In this regard, the incorporation of accurate and reliable
instrumentation on development-test vehicles is highly desirable.
Theoretical models for evaluation of the heat transfer in the separated-
flow region should be refined and extended to include detailed consider-
ation of the recirculating flow. There is some limited experimental evi-
dence of a Reynolds number dependence for laminar, separated-flow heating
distinct from that predicted by the Chapman model. This effect should be
f_rther explored.
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NOTATION
A
B
T
B
w
!
B.
I
W
c
C
P
P
O
S
K
1
C
C
Cf
CH
gH
D
E
En( _ )
f
sonic velocity
I + y/R c
Planck function for radiation intensity
mass transfer parameter, _wVw/_H!
1
partial mass transfer parameter, (fV)iw/_ H
velocity of light
specific heat
total specific heat
solid specific heat
mass fraction of ith element in pyrolysis gas
compressibility correction
non-blowing skin friction coefficient
non-blowing value of convection coefficient
blowing value of convection coefficient
Damkohler number, diffusion coefficient
activation energy
th
n exponential integral
function, _b/_o(2_)I/2 ;transformed stream
-_V_Rc/Uoo (L + i) ; f - number
-2V/f ooUoo
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FT
g
hI
h 2
H
H D
k
kf
k
r
k
O
K
l
!
L
Le
m
m
M
momentum thickness Reynolds number distribution function,
Eq. (2.167)
turbulent heating distribution function, Eq. (2.16h)
H/H
s
static enthalpy, Planck constant
length parameter
length parameter, or spreading coordinate
total enthalpy
heat of decomposition
Boltzmann constant, mass absorption coefficient, thermal
conductivity
forward reaction rate coefficient
reverse reaction rate coefficient
total conductivity; Planck-mean mass absorption
coefficient
reaction rate constant
surface curvature, i/Rc, or molecular species concentration
mass fraction of ith element
element of length, or surface distance measured normal to
meridianal line
0 for two dimensional, I for axisymmetric; Loschmidt number
Lewis number
mass injection rate
distance measured along meridianal line
molecular weight
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nN
P
Pr
_r
q
qre
qrn
qrt
q
Qco
r
rf
R
R
C
N
R
o
R
S
Re o
Re
S
average molecular weight
curvilinear coordinate on body surface; curvilinear
coordinate measured normal to streamline direction;
reaction order
particle density
pressure
Prandtl number
Prandtl number based on total properties
heat flux; radiative terms for differential layer
equilibrium radiative flux
non-equilibrium radiative flux
total radiative flux
radiative terms for finite streamtube or layer
heat liberated in carbon monoxide production reaction per
unit mass of carbon reactant
radial distance from axis of symmetry
recovery factor
characteristic body dimension
body surface radius of curvature
maximum body radius
effective radius of curvature, Eq. (2E.I)
initial radial distance at stagnation point
geodetic radius of curvature of streamline
momentum thickness Reynolds number
surface distance Reynolds number
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Ss
St
S
T
Tr%({ )
distance along arbitrary streamline
curvilinear coordinate on body surface, or curvilinear
coordinate measured along streamline wetting body surface
distance along surface from geometric center of body
Stanton number
S
_o _ f w_wUeh2 d_
absolute temperature
-_/cos8 , for oblique parallel beam at angle e{e
E2(_ J ) , for isotropic volume source
for oblique parallel beam at angle 8
for isotropic volume source
U
tY
V
V
o
W
X
Y
Z
Z
k
po
velocity component parallel to body
total velocity
velocity component normal to body
specific volume
i
chemical production rate
mole fraction
distance from body surface
rectangular coordinate measured from plane of symmetry;
distance behind shock wave
compressibility
power law exponent, Eq.
power law exponent, Eq.
(2,30); stoichiometric coefficient
(2.30); stoichiometric coefficient
stagnation point velocity gradient in plane of symmetry
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_S
_z
P
P
P
a
P
e
A
n
_p
E
tangential velocity gradient immediately behind shock in
plane of symmetry
stagnation point velocity gradient in direction normal to
plane of symmetry
transformed pressure gradient parameter, Eq. (2.139)
power law exponent, Eq. (2.29); stoichiometric coefficient;
isentropic exponent
ratio of radiative flux to limiting radiative flux;
normalized enthalpy gradient (Eq. 2.140)
ratio of transparent, adiabatic shock layer radiative flux
to limiting radiative flux
ratio of total radiative flux to limiting radiative flux
shock layer thickness
boundary layer displacement thickness
transformed turbulent boundary layer thickness
thickness of equilibrium layer
thickness of non-equilibrium layer
distance from shock wave to radiation peak location
shock density ratio, _oo/_s
z
(L + I)I-- P dz , Eq. (2.101)
_eo Rc
o
L y
Us r /_-_ (_) A L f dy
0
, Eq. (2.87)
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e
S
f
Z
time; angle
angle between body-surface normal and free-stream wind
vector at plane of symmetry
angle between shock-surface normal and free-stream wind
vector
rectangular coordinate; wavelength
absorption coefficient; viscosity
frequenc_ kinematic viscosity
rectangular coordinate, defined in Fig. 2-9; Eq. (2.86)
density
mass flux
Stefan-Boltzmann constant
optical thickness
stream function; angle between local body surface normal
and flight vector
angle between flight vector and normal; angle between
streamline and meridianal line
Subscripts
a
C
CO
e
g
i
undissociated air
fully charred; carbon
carbon monoxide
local; local boundary layer edge
pyrolysis gases
.th
shock entry position; i
.th
streamtube or layer; I
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element
inj
inv
J
k
l
m
n
o
r
s
SL
t
w
Z
oo
1
_,,-
injectant
inviscid
.th .th
j streamline; j chemical specie
k th surface station; k th chemical specie
_th surface station; _th chemical specie
th
m surface station
th
n surface station
stagnation point; body surface value for plane of symmetry;
oxygen
recovery
immediately behind shock; solid material
sea-level conditions
stagnation point
wall conditions
body surface value for direction normal to plane of symmetry
at angle @
at frequency
ambient conditions
body surface streamline
reference
Superscripts
denotes derivative
effective edge
with blowing, average; total property
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Figure 2-30 Spectral Stagnation Heat Fluxes, Six-Band Model
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Appendix 2A
SPREADING CO-0RDINATE
The length element, h 2, appearing in the mass conservation equation (2.6)
accounts for divergence of streamlines in the three-dimensional flow over
the body surface. It provides a measure in the orthogonal, body-oriented
co-ordinate system of the distance between (or spreading of) streamlines
on the body surface. Thus it plays the same role as does the radial co-
ordinate in rotationally symmetric flows. This length element, which is
termed the spreading co-ordinate, may be evaluated provided that the pres-
sure gradient transverse to the streamline direction is specified. The
relations necessary for such an evaluation near the plane of symmetry
are developed in this appendix.
The geometry of the problem is described in Fig. 2-9. The body surface
consists of a spherical sector of radius R c. A particle emanating from
the stagnation point diverges from the plane of symmetry as it moves along
a streamline to the point P. It is desired to determine the variation of
the co-ordinate h 2 with the streamwise distance, s. The local curvature
of the streamline in the plane tangent to the body surface, Rs, is simply
given by the centrifugal equation
/ / aP
p an (2A1)
The normal pressure gradient, _P is not known a priori and in this
aM '
analysis it must be estimated. The estimate is made by resolution of
gradients in the m- and J-directions.
an am s7
(2A.2)
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It is assumed, with some empirical justification, that the pressure gradient
along the body surface in the m-direction is Newtonian. That is the pres-
sure gradient along the line formed by the intersection of the body surI'ac_
and the meridianal plane is assumed to be
where _ is the angle between the local surface normal and the free stream
wind vector. Considering next the J-direction pressure gradient, it is
noted that only streamlines very close to the plane of symmetry are to be
treated. Then, thewW-direction pressure gradient is closely approximated
by the s-direction pressure gradient which is independently determined.
With this approximation, Eqs. (2A.I, 2A.2, and 2A.3) may be combined to
yield
In order to proceed further, geometrical transformations must be introduced.
Vector algebra is used to define the radius of curvature, Rs, and angles,
and _, in terms of the rectangular co-ordinates (_, _, Z ).P
The equations of %he spherical surface and meridianal plane are, respectively
Z 2
= I1 cot
Thus, the meridianal line (line formed by the intersection of the two sur-
faces) is
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(_) £ z Z z (2A.7)
The un:i_ ", ,::t.-)rci:in!< directions of the local surface normal, r , and
the m<_r_i:i_r:a_ !':, _7, are from the above relations
(2A.8)
and
The unit. "ecto_-' !<ivlng the streamline direction is (for z<<s or_<<l)
-_ dz _ (2A.lO)
the C,'<>.:,_Uic_':{i:< -'.Ycurvature_ Rs_ may be determined from the relation
:;ubstitutin_: _i;,:_',.>:._lt.;of Eqs. (2A.8 and 2A.II) into Eq. (2A.II) and
peri'ormin_i th' it:.."c'_toJ operation yields
which for small r_ r,-,:Juc<_s to
,% - .c<'--
( 2A. 12)
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The angles _ and _> may be determined from scalar products of the vectors
I
defined above, according to
• (2A.13)00,3" fl_, : ,*" ._
The results are
2_] (2A.16)
The meridianal pressure gradient can now be determined in terms of z.
From Eqs. (2A.3 and 2A.I_), noting that @B is constant along the meridianal
line
For small z the partial derivative _£_
_r,_ approaches unity and thus this term
may be eliminated from Eq. (2A.17).
The results of Eqs. (2A.12, 2A.I_, 2A.16, and 2A.17) may be substitutued
in Eq. (2A._) to obtain a relation for the variation of the z co-ordina_e
I/ I / _7_ "_with distance s along a streamline. For small z, such that - IZ/A_c] J= /,
this relation is
(2A.18)
2A-L
LOCKHEED MISSILES & SPACE COMPANY
The co-ordinate z is equivalent to the spreading co-ordinate h2 for small
z. Thu_ Eq. (2A.18)provides a means for computing the spreading co-
ordinate in the vicinity of the plane of symmetry. The equation may be
directly integrated given the streamwise pressure gradient. The manner
in which this is accomplished is discussed in Section 2.1.2.
LOCKHEED MISSILES & SPACE COMPANY

Appendix 2B
THERMODYNAMIC AND TRANSPORT PROPERTIES
The several computer codes discussed in Section 2 have been designed to
use real gas properties. This appendix describes the data adopted for
sample calculations. Thermodynamic properties, including chemical compo-
sition, and radiative properties are presented.
THERMODYNAMIC PROPERTIES
For a given composition of elementary species, two state variables are
sufficient to specify the thermodynamic properties of a gaseous mixture
in thermodynamic equilibrium. The state properties may be put in a tab-
ular form so that property calculations may be made by table look-up and
interpolation. This system is employed in several of the computer codes
including STREAMTUBE, VORTICITY, and ENVIRONMENT. Alternately, curve
fits of one state variable versus a second at several levels of a third
may be used. Such fits are used in the STAGRA_Z and STRADS-AIR programs.
For both systems, the basic thermodynamic data have been obtained from
Ref. 2.51 for temperatures to 15,000°K and from Ref. 2.52 for higher tem-
peratures. Correlation equations were available from Refs. 2.52 to 2.5h.
However, for the purpose of reducing the computer time required, new correl-
ations with a more suitable set of units have been generated. The correl-
ations express the variation of the dependent state property with enthalpy
at fixed pressure. The division of enthalpy ranges was selected in such
a manner that interpolation of the coefficients in the correlations between
adjacent pressure levels could be conveniently made.
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The units selected for correlation purposes are:
P , pressure in atm
T , temperature in ev, i ev = i1605.7°K
H , enthalpy ratio, h/hsatellit e, hsatellit e = 12,hSh Btu/ib m
PV/VsL j in atm, VSL = sea-level (i atm, 288.16°K) air specific
volume
The correlation formula coefficients for air are given in Table 2B-I.
Also indicated in the table is the accuracy of the fits.
For calculation of radiative properties, the species particle concentra-
tions are required. The particle number density N is given by Eq. (2B.I).
,v- ,<z (2B.1)
where x = mole fraction, Z = compressibility, _ = air density at standard
conditions (I atm and O°c), and L = Loschmidt number = 2.687 x 1019 .
Another form of Eq. (2B.I) is
/V-- _Z (_A/V)2._42 X /0 i_ (2B.2)
The mole fractions may be readily calculated if Hansen's (Ref. 2.55) simpli-
fied model of air chemistry is used. Hansen's simplified model involves
the following assumptions:
(i) The ratio of N 2 and 02 in normal air is taken as h to 1.
(2) As temperature increase, 02 begins to dissociate alone to form
0 without the formation of NO.
(3) N 2 begins to dissociate to form N after the dissociation of 02
is complete.
(h) N and 0 begin to ionize simultaneously to form N + and 0+ after
the dissociation of N 2 is complete.
(5) Double ionization begins after N and 0 become complete singly
ionized.
2B-2
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With the simplified model of air chemistry,
the following equations:
For / __ _ <__/.ZO
the product xZ is given by
(x_.)o=l {z-/) (2B.5)
For
x,._),4if 2- _z
(,<4,,,:,_(_-_-4
[XZ/o =0,4
(,4o:(,4,_<_,-:(,4,,,++,<,,': _
(2B.7)
(2B.8)
(2B.9)
(2B.lO)
For 2.0 _- Z _-- 4.O
(_&,=o.g(+-..)
#),v++o+=_ -_
(,<4_:(x4a:(x4,_+_o++:o
(2B.lm)
(2B.m2)
(2B.13)
(2B.m)
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For 6L.O __ _. __ 6.0
X_-)/I/,_ = z - 40
(%=[%=
AIR ABSORPTION COEFFICIENTS
( 2B.15)
(2B.16)
(2B.z?)
As discussed in Section 2.2.2, many sets of calculated equilibrium air
absorption coefficients are available. However, differences among results
of different investigators exist. These differences are due to the dif-
ferent models and approximations used in the calculations and to the dis-
ferent values of oscillation strengths or cross sections employed. For
estimate of the effects of the different radiative phenomena, a consistent
set of radiative properties must be selected.
The radiative properties employed may be from one extreme the detailed
spectral absorption coefficients including the line-shape effects to the
other extreme the Planck-mean absorption coefficients. For radiative
transport calculations involving the radiation-coupled flow field around
blunt bodies, the spectral resolution of absorption coefficients cannot
be very fine; otherwise excessive computer time is required. The spectral
absorption coefficients for air employed in STAGRADS and STRADS-AIR are
based on a "two-band" model and a "six-band" model.
The "two-band" model, sketched below, assumes a two-level spectral absorp-
tion coefficient -- a low level at low frequencies and a high level at
high frequencies. The levels of the two "bands" are functions of tempera-
ture and density and are "extracted,, from the data given in Refs. 2.22,
2.23, 2.25, 2.27, and 2.56. Figure 2B-1 shows the Planck-mean absorption
coefficients in the low-frequency region from Nardone, Breene, et al
(Ref. 2.23), Gilmore (Ref. 2.25), and Armstrong (Ref. 2.22). The numerical
2B-h
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lo o./ /o..98 3/0 _, ev"
0
values of the low-frequency coefficients used in the computer code corres-
pond essentially to the line curves in Fig. 2B-1. A different set of the
Planck-mean absorption coefficients in the low frequency region based on
the spectral absorption coefficients of Churchill (Ref. 2.29) has also used
for this study (see Section 2.2.3)
Figure 2B-2 shows the high-frequency ( _ = 400 - ll30_) absorption coef-
ficients for air. At high temperatures, the dominant contribution is due
to the photoionization of N and 0 (e.g., N + h_-N + + e). The values of
the coefficients in this range are essentially based on the results of
Hahne (Ref. 2.27). At low temperatures, the dominant contribution is due
to the photoionization of undissociated molecules. According to the compi-
lation of Schultz (Ref. 2.56), the linear ultra-violet absorption coeffic-
ients for air-component molecules at standard conditions are in excess of
-i -I
lO0 cm . An "average" value of 200 cm is selected here for calculation
purposes. Assuming that the absorption cross section is insensitive to
temperature changes, the linear ultra-violet absorption coefficients for
2B-5
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molecules may be calculated for other than the standard conditions using
species concentration tables for high temperature air (e.g., Gilmore,
Ref. 2.57).
The "six-band" model, depicted below, provides more bands in the ultra-
violet region. The contributions included in the six bands are summarized
in Table 2B-2.
!
0 J-
----f_--__
6
5
)2
/0 /_- 20
_) ev
Table 2B-2
SPECTRAL RANGES AND ABSORPTION PROCESS FOR "SIX-BAND" MODEL
Band Number
(Region)
1
2
3
4
5
6
Freqmency? ev
Lower Upper
0.5 9.2
9.2 10.9
10.9 12.0
12.o _.o
14.o 15.5
15.5 30.0
Absorption Process
processes included in Fig. 2B-I
0 2 S-R continuum, N continuum
N 2 B-H band, N continuum
N 2 B-H band, N cont., 0 2 photoionization
N 2 B-H band, N cont., 0 2 photoionization
N cont., 0 2 + N 2 photoionization
2B-6
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The contribution from 02 Schumann-Runge continuum is calculated according
to the Sulzer-Wieland formula (see Evans and Schexnayder, Ref. 2.58).
The Sulzer-Wieland is not accurate at high temperatures but is considered
adequate for the present study. The N 2 Birge-Hopfield band system
X t _ _ i_._ is calculated according to an approximate model due
to French (Ref. 2.59); the f number used is 0.i0. The approximate model
yields the following expression for the spectral absorption coefficient
of N 2 B-H band systems:
(2B.18)
where
Z
T
En(_)) = vibrational energy (ev) of the lower state
-1
/_ = spectral absorption coefficient, cm
= mole fraction of N 2
= compressibility factor
= temperature in ev
In the above equation, En(_) is the only frequency-dependent variable,
as given in Fig. 2B-3.
The contribution of atomic N continuum in the high-frequency regions is
based on the results as calculated by Armstrong (Ref. 2.26) et al. The
absorption coefficients for regions ("bands") 2 to 6 per 2.542 x 1019
particles (particle number/om 3 at sea-level conditions) are given in
Fig. 2B-4.
The contribution due to photoionization of N 2 and 02 is based on the approx-
imate estimate of Weisner (Ref. 2.39). The photoionization cross-sections
are assumed to be insensitive to temperature changes with the following
values:
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02 photoionization =
4.45 x 10 -18 cm 2, region 3
3.82 x 10 -18 cm2, region 4
10-17 2 region 52.0 x cm ,
N 2 photoionization =
2.5 x 10 -17 cm 2, region 6
The species concentrations required to calculate the six-band air spectral
absorption coefficients are calculated according to the simplified model
of air chemistry discussed previously.
The use of a more approximate radiative property model is permissible in
the STREAMTUBE program since the program is used to describe the flow field
characteristics rather than the radiation transfer to the surface. The
STREAMTUBE program does not account for absorption and hence the total
radiancy of air is used rather than spectral absorption coefficients.
2p_O-T_- , are entered in tabular form as a func-Data on the radiancy,
tion of the density-enthalpy or pressure-enthalpy state conditions. Values
utilized have been derived from the results of Churchill (Ref. 2.29).*
As indicated in Section 2.1 the decay of radiancy along a streamline is
obtained in the STREAMTUBE calculation from a power law expression.
The exponents are obtained by numerical differentiation of the input
radiancy values at the I_ _" I condition. The pertinent relations
are
(2.30)
* Photoionization contributions to the radiation are not included by
Churchill. The emission due to photoionization is a large fraction
of the total emission from heated air. However it is strongly absorbed
as shown by the results of Section 2.2. For a thick shock layer, it
is more accurate to neglect the photoionization contribution when
transparency is assumed.
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I_,_
(2B.z?)
( 2B.20)
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Appendix 2C
NON-EQUILIBRIUM EFFECTS
W. E. Nicolet and A. C. Buckingham
INTRODUCTION
As the nonequilibrium flow passes through the shock front and progresses
downstream, collisions between particles excite the electronic states and
initiate dissociation, ionization and other chemical processes. The kin-
etic temperatures drops monotonically (in a uniform flow) from a high value
at the shock front to its fully equilibrated value soms distance downstream.
Those states which excite rapidly are soon populated in a quasi-equilibrium
manner at the local kinetic temperature (hence they are overpopalated in
relation to the equilibrium temperatures). If such states are active radi-
ators they emit radiation as though they are at the local kinetic tempera-
ture. This is the phenomenon which accounts for the so-called "overshoot"
radiation. It is clear that the more rapidly an excitated state is popu-
lated the more significant will be the overshoot radiation.
The kinetic temperature and the species concentrations are essentially
uncoupled from the radiation field at Apollo conditions. Accordingly they
are calculated independently by the flow rate chemistry calculation described
in the following section. Using the data obtained from this calculation,
the radiation properties and transport are determined.
FLOWRATE CHEMISTRY
General
The flow region analyzed is the shock layer flow field adjacent to the
front face of the Apollo vehicle. The conceptual altitude is 260 kft.
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The corresponding velocity is 35 kfps. The analysis is directed to the
asymmetric flow associated with a vehicle pitched at 25 ° angle of attack
with respect to the incident stream. The general geometrical character-
istics of the flow field and the relative position of the 5 streamlines
treated in the nonequilibrium analysis are sketched below.
I "sl
The necessary flow variables, shock layer geometry, and streamline pattern
were obtained from an equilibrium STREAMTU_E calculation and an assumed
pressure distribution between shock front and body. While the pressure
distribution governs, to first order, the transit time of the reacting
fluid element in the subsequent analysis the error from this simplified
treatment probably does not penalize the results severely. This is because
the principal nonequilibrium effects occur in a limited region near the
shock front where the pressure distribution is primarily governed by the
shape of the shock front itself. On the other hand, the general shock
front geometry (curvature and distortion) is a critical characteristic
of the preliminary flow analysis since the subsequent chemistry calcula-
tions directly respond to variations in shock front strength in terms of
variations to initial energetic excitation of the reacting fluid elements.
An additional assumption was made with respect to the ultimate behavior
of the maximum entropy streamline (that streamline entering the shock at
2C-2
LOCKHEED MISSILES & SPACE COMPANY
normal incidence). This streamline was assumed to stagnate at the body
surface. This essentially calls for two assumptions which are theoretically
debatable: (I) The maximum entropy streamline in asymmetric flow may not
actually reach or wet the body surface (Ref. 2.7), (2) The distortion
of the shock front caused by asymmetry of the flow at large angles of attack
makes the assumed concentricity of local body and shock curvature less
probable (Ref. 2.12). These restrictions are considered of minor signif-
icance in the present analysis, however, since the ultimate stagnation
of this particular streamline (S/R = 0.86) is used only to estimate the
effects of the noneqailibrium density vis-a-vis local shock stand-off.
The approximation is used to provide a qualitative estimate of the relative
effects of nenequilibrium flow on further distortion of the shock layer.
The assumption of literal stagnation at the body or m_rely a close approach
to it by this streamline is quantitatively insignificant with respect to
the chemistry.
Stream Tube Chemistry Treatment
An IBM computer code developed at Lockheed (Ref. 2.1) was used to calculate
the concentration profiles of the component species along each of the 5
streamlines previously discussed. The basic rate chemistry code is formu-
lated in terms of the stream tube approximation. That is, a specified
streamline geometry (constant area tube) and streamline pressure (or velocity)
distribution govern the transit of a fluid element through an appropriate
one-dimensional streamline momentum equation. Streamline position and
pressure (or velocity) distributions are obtained from an equilibrium flow
field solution.
Using the input data previously indicated, the rate chemistry code generates
solutions to the following set of j+3 equations:
{,,_O,e/E/VTU_ ) (2C. I)
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d u
(2c.2)
(20.3)
3PE C IE3 P_eOD LYC7"/OAJ )
where Eq. (YC.h) allows the properties to be spatically dependent.
The quantities in the foregoing equations signify the physical entities:
pressure, density and distance I u, P, P, Zll ;
t
streamline velocity,
.th
static and total enthalpy, 3 speci_molar mass fraction, specific heat
capacity, kinetic temperature, dissociation and ionization energies
(h(x), Htotal, nj(x), Cpj, T(x), eD. , e I. )"J J
The complete formulation of the rate processes is described in detail
in a separate report (Ref. 2.1). The formulation is based on the m_thod
developed by G. Emanuel (Ref. 2.60). The contributions of the several
rate processes, to the production of species, nj, are written symbolically
as:
A/ M
(2c.5)
where the forward rate constants, KFi , were taken from Hall et al (Ref. 2.61)
and Bortner (Ref. 2.62), while the reverse rate constants are computed
from the equilibrium constants for the components, _ --
Kcx
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The _ are, in turn, calculated at every step from partition functions
for the components developed from spectroscopic data listed in Gilmore
(Ref. 2.63), Moore (Ref. 2.64), and Herzberg (Ref. 2.65). A total of 20
effective rate processes were used (applying preferential 3rd body colli-
sions) for the production of lO component species considered. Three
algebraic equations were used which express the conservation of parent
molecules and charge conservation thus reducing the number of differential
equations of the form of Eq. (2C.4) to j-3.
The coupled system of equations was solved numerically by forward integra-
tion along each streamline using a 4th order Runge-Kutta system. The
+ 0+ + -following species were considered: 02, N2, NO, O, N, NO + , N 2 , , N , e .
Output of the code includes enthalpy, temperature, pressure, velocity,
density, molecular compressibility, species molar fraction and number
density, all as a function of streamline position, x. The initial condi-
tions behind the shock for each of the streamlines were based on the data
of Marrone (Ref. 2.66) with appropriate calculations for the local shock
strength using the known shock angle. The Lockheed code solutions were
based on an initial "state" of the gas fully excited in available vibra-
tional and rotational modes, equilibrated to translational mode, but
initially chemically inert. The ambient "air" model in the code is con-
sidered a molar mixture nitrogen and oxygen, 79 and 21 parts per iOO,
respectively.
The Stagnation Streamline
The nonequilibrium effects along the stagnation streamline were obtained
from a separate calculation. The numerical solution to Eqs. (2C.1) -
(2C.4) cannot be obtained for this streamline because of their well-known
singularity at the stagnation point. Computationally, one finds ever-
shrinking step sizes (hence ever-increasing computational times) as the
flow nears the stagnation point. A method developed by Vinokur (Ref. 2.1)
based on the work of Chisnell (Ref. 2.67) was used to circumvent this
problem _n the present study.
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Vinokur shows that time can be related to actual physical distance along
the stagnation streamline by the equation:
/ _
,Z"_ 0 ,_wT T'HE ,_/-/OC,_ 66_A/iE)
(2C.6)
The quantity, Z, is a transformed coordinate defined by the Dorodnitzyn
relation:
X
_z =S'Pd X (2C.7)
o
The actual distance may then be obtained (valid to 1st order) using a
nonequilibrium density profile calculated by the stream tube code using
a constant pressure flow field solution. With this information and
Eq. (2C.6) the real physical distance, x(z), is found by a single quad-
rature, inverting Eq. (2C.7)
with the computed density distribution and its relation to
Eq. (2C.6).
t given by
The above method was also used to estimate ths change in the shockwave
standoff distance caused by nonequilibrium effects. The corrected stand-
off distance was found to be 9.8 cm or a _3% larger value than the equil-
ibrium standoff distance.
Results
The general results of the nonequilibrium calculations were used to predict
the spatial distribution of the speciesnumber densities for input into
the subsequent calculations predicting the radiation characteristics of the
shock layer gas and ultimately the radiation flux itself. In general, the
2C-6
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onset of steepest gradients (evolution) in dissociation processes occurred
near the shock front (distances of 1 cm or less) while the corresponding
steep ionization onset gained significance at distances of around 3 to lO cm.
The dissociation and ionization along the several streamlines (other than
the stagnation streamline) reached relatively constant levels at from lO
to 30 cm behind the shock. Changes to the number density of the species
populations were relatively insignificant past this point with the excep-
tion of the nitric oxide and molecular nitrogen ions which generally under-
went a sharp reversal and gradually disappeared near this streamline loca-
tion.
The comparative behavior between the various streamlines showed the expected
strong dependence on local shock geometry (the behavior consistently re-
flected the relative energetic excitation implied by the comparative shock
strength). Illustrative characteristics of the chemical evolution on the
streamlines may be seen in Table 2C.1. The table is arranged sequentially
from the most energetic (S/R = 0.86) to the least energetic (S/R = -0.50)
streamlines for ease in systematic comparison.
Table 2C.I
NON-EQUILIBRIUM CHARACTERISTICS OF THE STREAMLINES TRACED
STREAMLINE INITIAL KINETIC
TEMPERATURE
i (°K)
0.86 4.4 +4
0.75 4.3 +4
0.50 4.2 +4
o 3.7+4
-o.5o 3.o+4
MAX. ELECTRON NO.
Density Position
(CM -3) (CM)
TEMPERATURE AT
STREAMLINE LIMIT
T(°K) Position(CM)
1.9 +15 9.8 9.7 +3 9.8
4.0 +14 4.5 +1 1.6 +4 4.5 +1
1.65 +14 2.25 +2 1.45 +4 2.25 +2
4.4 +13 4.0 +1 1.1 +4 1.55 +2
.97 +13 i ..3-_ 9.3 +3 6.8 +l
Overshoot, followed by decay on
these two, "coolest" streamlines
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RADL_TION PROPERTIES AND TRANSPORT
Radiation Properties
For air the overshoot radiation comes from overpopulated electronic states
of the constituent molecules. The general reaction governing this phenomena
is
( 2C. 8a)
where A 2 is a molecule in its ground state, A 2 and A 2 are the same molecule
in different excited states, Mi is a non-interacting (neutral or charged)
particle and _ designates the emission of radiation. Excitations by
collisions as given by Eq. (2C.8a) tend to dominate the populating rate
of the excited state A2; consequently, Eq. (2C.8a) can be solved independ-
ently of Eq. (2C.8b) and the populations then used to calculate the emis-
sion rate associated with Eq. (2C.8b).
The radiative reactions for air which are considered to be important enough
to evaluate are the following:
A/_{SZ_)_ 2/Z_(Xz_+]+ _ (first negative)
A/0{/22_)= NOIXz77] ¢ _ (_ bands)
/V_ (8'Z_)_____/V_'_]_ _ (first positive)
Nz_,2TI_______/VIp,/TI,_D (second positive)
where it has been assumed that the 02 Shumann-Runge bands do not radiate
significantly in the nonequilibrium region. This assumption is subsequently
discussed.
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It was shown in Ref. (2.1) that the emission coefficient for a radiative
reaction can be related to the usual forward rate coefficient through the
equation
(2C.9)
It was also shown that the rate coefficient could be calculated from funda-
mental data by the relation
c
(2C.lO)
where the quantities _'_/_2F_ ZUIFz/ and /W/_z_are the electronic oscil-
lator strength and the statistical weights of the interacting electronic
"()states and are given in Table 2C.2. The quantity_ _) is the effective
Franck Condon factor given by the relation
( 2C. ll)
which can be evaluated using the Franck Condon factors {_v'_" 1 tabulated
by Nicholls (see the references quoted in Ref. 2.1) and the populations
Ig* !
of the vibrational levels /2_ , of the excited electronic levels.
2C-9
LOCKHEED MISSILES & SPACE COMPANY
Table 2C. 2
OSCILLATOR STRENGTHS AND STATISTICAL WEIGHTS
Species Transition fA2_A2' * _/A2' Zg/A2
NO 8 _/T-.- X mZ/- 0.0008 _
/72 Z _ X_/'/- O. 002_ _ 2
+
N 2 8'_ -"" xz_ 0.0348 2 2
3 0.02 3 6
N 2
--89f 0.07 6 6
Non-Equilibrium Populations
The evaluation of Eqs.(2C.9) and (2C.II) requires that the species popula-
tions as calculated by the flow rate chemistry code be subdivided into the
populations of their constituent electronic and vibrational states. This
calculation is relatively straightforward in the case of the vibrational
states, as it is consistent with the assumptions of the species concentra-
tion to assume that the vibrational levels are in equilibrium _ith the
kinetic temperature. In the case of the electronic levels, however, the
required rate coefficients are not known and even the excitation mechanisms
have not been established. Any techniques presently available for the
calculation of these quantities require drastic assumptions which cast
doubt on their validity.
Insight into the excitation mechanism of 02 is particularly limited. It
has been suggested by Kivel, Hammerling and Teare (Ref. 2.68) that the
population rate of the level of 02 (the upper level in the Shuman-Runge
transition) is determined by competition between the reactions
(2C.12a)
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(2c.12b)
and
(20.12c)
They performed a series of experiments at relatively low Mach number flows
(equilibrium temperatures were less than about 5000°K) and observed that
oxygen emission did not overshoot its equilibrium value. They concluded
that the forward reaction rates for Eq. (2C.12b) are fast enough to keep
the 02 (B3_) level depleted and severely limit emission. This result is
to be contrasted with the calculations of Hansen and Chapin (Ref. 2.69)
where they found that 02 emission dominated the overshoot region. Little
is known about the rate coefficients associated with Eq. (2C.12b); conse-
quently, its effect cannot be accurately ascertained. However, the approach
taken in the present study was to neglect 02 emission entirely.
+
For the N2, NO and N 2 bands, it was assumed that the excited electronic
levels are in equilibrium with each other. This is consistent with the
approach taken by Wray and Teare (Ref. 2.70). The experimental results
of Allen, Rose and Camm (Ref. 2.32) were used to determine the ratio of
the time required for the molecular emission to reach its peak q_,_ to
the time required for it to decay to equilibrium Z_e . Assuming that the
time for the decay in emission is the same as the time required to dissoc-
iate N2, one can obtain _e (hence _) from the results of the flow
chemistry calculation.
For times equal to or greater than ?_ , the required populations were
obtained from an equilibrium calculation based on the local kinetic tem-
perature. For times earlier than _, the populations were estimated
by fairing a linear, monotonic electronic temperature curve between the
2C-II
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boundary condition value at the shock and the kinetic temperature calculated
at Z_ . The populations were calculated from an equilibrium calculation
at the local electronic temperature (@) by the following equation
(2C.13)
where EA2 is the energy difference between the excited and ground electronic
states, and @_ I_ 1 and @A_ (_') are the partition functions of the
excited and ground states, respectively, and are based on the local kinetic
temperature {_') .
Radiative Heating to the Apollo Vehicle
About iO values of j were calculated along each streamline. These values
were then crossplotted as a function of the distance behind the shock along
normals to the surface o£ the vehicle. This plot is sho_n in Fig. 2C-I
with the peak emission coefficients shown in parenthesis. The radiative
heating was obtained by applying the plane slab approximation locally,
viz
O VE_3HOO r
(2C.14)
where n in the geometrical distance normal to the surface o£ the vehicle.
The resulting radiative heating distribution is shown in Fig. 2C-2.
If one uses binary collision theory to scale the measurements given in
Ref. (2.32) to the Apollo flow conditions, one finds that the calculated
locations of the maximum and equilibrium emission coefficients are situ-
ated somewhat closer to the shock front than are the scaled values. This
indicates that the dissociation rates which were used in the flow chemistry
calculation are too high. It also indicates that the overshoot region
2C-12
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is too thin, and, consequently, the radiative heating is too small. If
one uses binary collision theory to scale the radiative heating measure-
ments of Ref. (2.71) to Apollo conditions, it is, indeed, found that the
scaled values are somewhat higher than the calculated values (see Fig. 2C-2)
The discrepancy is significantly greater using _he measurements of Ref.
(2.32).
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Appendix 2D
CONVECTIVE HEATING WITH THREE-DIMENSIONAL FLOW
For the case with small cross-flow, the conservation equations governing
three-dimensional boundary-layer flow may be put in a form identical with
those for axially symmetric flow. This is accomplished using the
spreading coordinate discussed in Section 2.1 and defined in Appendix
2A. It may be recalled that the coordinate provides a measure of the
divergence of adjacent streamlines. Thus it is analogous to the radial
coordinate used for axially symmetric flows. It appears in the mass
conservation equation in place of the radial coordinate.
The application of the spreading coordinate in evaluation of convective
heat transfer is described in this appendix. In particular, a relation
for determining three-dimensional stagnation point heating is developed.
Also formulated is an equation for the heat transfer distribution. These
developments follow along the general lines suggested by Cohen ( Ref.
2.103). It is assumed that the boundary layer flow is in chemical equili-
brium and that mass injection is absent. Furthermore, local similarity
is assumed.
BASIC RELATIONS
In order to proceed, the conservation equations (2.127 - 2.130) are
reduced to similar form. First, it is noted for the assumed chemical
equilibrium condition that the species conservation equation is superfluous
and that diffusion terms may be eliminated from the energy equation by use
of the total (or effective) property concept. With these simplifications
the conservation equations reduce to
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(p,,-4)=o (2D.I)
at,/ +_p_a// _ a [ /¢ aH ÷ _/ (2D.3)
where Pr denotes the Prandtl n_nber based on total conductivity and specific
heat. Following Cohen's development for the analogous axisymmetric case,
the following coordinate transformation is made
(so.4)
Y
<":/&-f_dw_ (2D.5)
and a stream function satisfying the continuity equation is introduced
(2D.6)
(2D.7)
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The similarity variables are
(2D.8)
The momentum and energy equations transform to
# (2D.IO)
/
(2D.II)
where the transformed pressure gradient parameter is related to the
physical velocity gradient by
The transformed boundary layer equations and associated boundary condi-
tions are formally identical with those for axially symmetric flow. Thus
the axially symmetric solutions for f' and g may be directly applied if
the pressure gradient parameter _ and the enthalpy ratio he/H e are
correctly evaluated.
' the convective
With a solution of the transformed energy equation for g g--O'
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heat flux may be determined from Eqs. (2D.5) and (2D.9)
He_1 _ = o (2D.i3)
STAGNATION POINT SOLUTION
The foregoing equation may be simplified somewhat for the stagnation point.
In the stagnation region
and the spreading coordinate is given in Section 2.1 as
_ _ _4 _° (2m15)
Thus, the transformed streamwise coordinate of Eq. (2D.h) reduces to
/_/_W_ _ _ (2D. 16)
+
Substitution of these results in Eq. (2D.13) yields
, [(_+, %1_: _ (_D.17)
For rotationally symmetric flow, 2_z//_ ° = I and thus
(2D.18)
The transformed stagnation point enthalpy gradient for given external and
wall conditions is dependent only on the transformed pressure gradient
2D-_
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parameter. Cohen has obtained the following correlation for results
obtained in numerical solution of Eds. (2D.10) and 2D.II)
i
(2D.19)
From Eqs. (2D.12), (2D.14) and 2D.16), the values of the pressure
gradient parameter for axially symmetric and three-dimensional flows
are found to be 1/2 and (i +_z/Jo )-I, respectively, l_nus, equations
(2D.18) and 2D.19) may be combined to obtain the following simple
relation for the effect of three-dimensional flow.
CONVECTIVE HEAT TRANSFER DISTRIBUTION
It is convenient in heat transfer calculations to work with the ratio of
local heating to stagnation point heating. This ratio may be obtained
from Eq. (2D.13) and 2D.17). After substitution for the local value of
S, the result is
As explained in Section 2.3.2, the ratio of the transfomed enthalpy
gradients may be obtained from Cohen's local similarity solutions.
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Appendix 2E
It has been suggested by Rubin (Ref. 2.135) and others that the influence
of shock-generated vorticity on boundary-layer flow may be approximately
accounted for by utilizing an "effective" outer-edge velocity in applica-
tion of existing first-order boundary layer solutions. The primary
difficulty in such an approach is definition of the proper point in the
inviscid flow at which to evaluate the effective edge velocity. In
Reference 2.52, it was assumed that this point could be defined in terms of
the transformed stream function, f = _/_o_-_.* A unique value, 1.06,
of this function was selected by requiring the correct asymptotic
behaviour of the wall shear stress in the limit as the vorticity
approaches infinity. The basic technique is appealing in its simplicity
and, with the effective edge definition of Ref. 2.52, it appears to yield
results in good agreement with second-order boundary-layer-theory solu-
tions. The method is therefore adopted in spite of its lack of rigor.
The stagnation-point solution of Ref. 2.52, is reformulated in this
appendix for the case of three-dimensional flow. Also described is a
procedure for evaluating the effect of vorticity on the convective heat
transfer distribution.
STAGNATION POINT SOLUTION
An approximate model of the inviscid flow field is developed prior to
consideration of the boundary layer. The basic relations are obtained
The coordinate transformation defined in Appendix 2D is used throughout
this work.
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B
from Section 2.1.2. The t_angential velocity immediately behind the
shock wave in the plane of symmetry is from Eq. (2.45) and (2.47)
(2E.I)
where REF F is the radius of curvature of the shock at the stagnation
point. Provided that the density ratio, _ , is small, Eq. (2.50) for the
inviscid surface velocity may be approximated by
(2E.2)
Maintaining the assumption of Section 2.1.2 that the velocity varies
linearly with distance from the surface, the local inviscid velocity is
given by
r
g(/_v _ Cgo 4- I- (2E.3)
The continuity equation is
--0 (2E.4)
which can be alternately expressed in terms of the stream function as
/Sq. 2.20)
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The spreading coordinate in the immediate vicinity of the stagnation
point was given by Eq. (2.53) as
(2E.6)
For the previously assumed condition of a thin shock layer and small
density ratio, the velocity gradient ratio can be approximated as
Thus, with the approximation of uniform density, Eq. (2E.5) may be inte-
grated after substitution of Eqs. (2E.3) and (2E.6) to obtain the
following result for the shock layer thickness
/X . = ,aft
"ff_rF (2E.8)
The same equations provide a relation between the stream function and
the local inviscid velocity.
This relation may be put in a fom more convenient for later use.
2E-3
LOCKHEED MISSILES & SPACE COMPANY
Equation (2E.IO) is the final result required for the inviscid flow.
The boundary layer may now be considered.
The boundary-layer equations and similarity transformations were des-
cribed in Appendix 2D. Using these results, the mass flow at any point,
y, within the boundary layer is given by
y
where, near the stagnation point
(2E.II)
(2E12)
In this latter relation U. denotes the effective edge velocity. It
inv
was found in Ref. 2.52 that a suitable point for evaluation of this
velocity was at f = 1.06. Then, equating (2E.IO) and (2E.II) and
rearranging
(2E .13)
The velocity gradient term within the braces is approximated as unity
to simplify evaluation of the expression. Furthermore, the density-
viscosity product is assumed constant through the boundary layer. Then,
with the aid of Eqs. (2E.8) and (2E.2), Eq. (2E.13) reduces to
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(2E.14)
The convection coefficient as determined from a first-order boundary
layer solution varies directly as the square root of the stagnation-
point velocity gradient. Noting that
/ds z/o
the influence of vorticity is given by
_
/+
(2E.15)
This result indicates that flow geometry weakly influences the extent
of the vorticity interaction. The formula shows that the vorticity
effect will decrease as the flow approaches a two-dimensional pattern.
However, the indicated effect may not be correct. The previously intro-
duced assumption of a linear inviscid-velocity profile is justified only
for axially symmetric flow. It underpredicts the surface velocity
gradient for two-dimensional flows. Elimination of this assumption would tend
to compensate for the flow geometry effect indicated by Eq. (2E.15).
In order to assess the validity of Eq. (2E.15) it may be compared with
second-order boundary-layer solutions. For this purpose, the axially-
symmetric stagnation-point solution of Maslen (Ref. 2.7h) is examined.
His result, which applies to a cold wall, may be expressed as
LOCKHEED MISSILES & SPACE COMPANY
--/+
_o ds/" "o
Io'_,,,,- \ #_]_c -/-O,/.3 2E.16)
The terms within the brackets account for surface curvature, vorticity,
and slip, respectively. It may be seen that the vorticity interaction is
the predominant one. Then, neglecting the small curvature and slip
effects, Eq. (2E.16) may be put in a form similar to that of Eq. (2E.15)
by utilizing Eqs. (2E.I) to (2E.3) and (2_E.8). The result is
--,, '_1 (2E .17)
For small C , this becomes
The approximate solution may be expanded in a power series for direct
comparison. If only the first term is retained (corresponding to small
vorticity effect) the solution specialized for the axially symmetric
case is
CH_O Vo_f
(2_.z9)
It may be seen that the approximate solution is in very close agreement
with the result obtained by rigorous means. It is concluded that the
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solution can be applied with some confidence.
CONVECTION DISTRIBUTION
The foregoing procedure is readily extended for locations downstream of
the stagnation point. The problem is to prescribe the local, effective
edge velocity as a function of distance from the stagnation point. Since
the total enthalpy and local static pressure are known quantities for a
given flight condition, the edge velocity may be determined if edge
entropy is defined. The entropy of an inviscid streamline is dependent
upon the point on the shock, ri, from which the streamline has emanated.
This position may be found by application of Eqs. (2E.5) and (2E.II).
Retaining the value of 1.06 for the transformed stream function at the
effective edge, the entry point is given by solution of
o
(2E.20)
whe re now
o
(2E.21)
These equations may be simply solved by numerical integration techniques
as discussed in Volume II. Once the streamline entry point is located
and the entropy determined, the inviscid velocity can be obtained by
application of an equation of state and the energy conservation law. The
functional relations in consecutive order of use are
r. = f (_)
1
entropy - f (ri)
h.lnv = f (entropy, pe )
Uin v = f (H, hinv)
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The effective edge velocity is utilized in Eq. (2.144) to obtain the
convective heating distribution accounting for vorticity. It is noted
that in computing the distribution using Eq. (2.144), an effective
stagnation-point velocity gradient as defined by Eq. (2E.14), must be
used.
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Appendix 2F
EMPIRICAL CRITERION FOR BOUNDARY LAYER TRANSITION
At sufficiently high Reynolds number, the boundary layer flow transits
from laminar to turbulent. The phenomenon depends in a complicated
manner upon local Mach number, degree of wall cooling, surface roughness,
pressure gradient, and mass injection rate. While the affecting parameters
have been individually studied, no comprehensive correlation has been
achieved. In order to accurately predict the occurrence of transition,
experimental data obtained at conditions closely simulating those of
interest are required. Unfortunately, results applicable to Apollo are
meager. Data obtained in the X-17 flight test program have been
utilized to provide an estimate of the transition Reynolds number. The
X-17 series of flight tests were conducted for the specific purpose of
acquiring heating level and transition data.
EXPERIMENTAL DATA CORRELATION
The RTV X-17 flight test program is described in Reference 2.136. Heat
transfer results are also summarized in this document. In the majority
of the RTV X-17 flights, a hemispherical nose configuration was used.
Nose diameter was nine inches. The heat shield consisted of a thick-
walled, metal heat sink. The shield was instrumented with thermocouples
imbedded near the surface and mounted at intervals along the surface on
rays emanating from the stagnation point. Surface finish was controlled
to enable data acquisition for varying degrees of roughness. The vehicles
were propelled during the reentry phase. Maximum velocities of approxi-
mately 12,000 ft/sec were attained at altitudes in the vicinity of 40,000
feet.
A typical heat transfer history, as deduced from thermocouple measurements
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is shown in Figure 2F-I. Although the data scatter and data reduction
process produce some extraneous oscillations in the heat transfer results,
the approximate time of boundary-layer transition may be inferred from
comparison of the heat transfer data with the laminar and turbulent
boundary-layer heat flux predictions.
The heat transfer results from five flights have been examined in order
to provide sufficient data for study of the transition phenomena. Typical
results for local transition times are shown in Figure 2F-2. Each graph
shows data for a different azimuthal ray; symbols indicate the apparent
transition time. It is evident from comparison of these results that
surface roughness has an appreciable effect on the occurrence of tran-
sition. It is further evident that in some instances turbulence flashes
forward over the surface 9 rather than gradually creeping forward as free
stream Reynolds number increases. This indicates the boundary layer to
be more stable at positions further away from the stagnation point.
The conditions existing at the observed transition times in the several
flights have been evaluated in the attempt to provide some degree of
correlation. Momentum thickness Reynolds number, wall cooling ratio, sur-
face roughness and position (Mach number) were considered as important
parameters. Wall cooling ratios generally ranged between 0.07 and 0.2.
There did not appear to be a sensitivity to wall cooling within this
range. Momentum thickness Reynolds numbers at transition covered a
wide range. The results are summarized in Figure 2F-3. The different
symbols represent differing surface roughnesses. There is a general
trend for reduced Re@ at transition with increase in surface roughness,
but the influence is not strong. It is clear that the boundary-layer
becomes more stable with increasing distance from the stagnation point.
In this regard, the flight test results are very similar to the ground
test results reported by Stetson (Ref. 2.121).
The observed variation of the transition Reynolds number with position
might be attributed to Mach number or pressure gradient effects. How-
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ever, the pressure gradient parameter, _ , varies only slightly along
the surface of the X-17 nose and therefore it is presumed that Mach
number is the influential factor. To exhibit the effect of Mach number,
the data of Fig. 2F-3 have been replotted in Fig. 2-65. The transition
Reynolds number varies almost directly with the Mach number.
The effect of surface roughness should correlate as a function of the
ratio of surface roughness to some characteristic boundary-layer dimension.
Figure 2F-4 shows for two surface positions the variation of the transi-
tion Reynolds number with the ratio of surface roughness to boundary layer
momentum thickness. The roughness ratio appears to influence the transi-
tion Reynolds number, but the data scatter is too large to accurately
establish the dependence.
APPLICATION TO APOLLO
The relevance of the X-17 data depends on the degree to which Apollo
boundary-layer conditions were simulated. The Apollo wall is highly
cooled; at peak heating the ratio of wall enthalpy to boundary layer
edge enthalpy is about 0.05. The surface roughness is estimated to be
about 0.O1 inch. Momentum thickness, Mach number, and Reynolds number
distributions are depicted in Fig. 2F-5. The normalized mass injection
0.7.rate at the time of peak heating is _/C H-
With an estimated surface roughness of 0.01 inch for the Apollo vehicle,
the ratio of surface roughness to momentum thickness will be about 0.i
in the altitude region of primary interest. This is somewhat in excess
of roughness ratios for the RTV X-17 data. Hence, from this considera-
tion, application of the X-I 7 data could result in some optimism. The
destabilizing influence of mass transpiration is absent in the X-17
results. Therefore, further optimism could result from this difference.
Wall cooling ratios do not differ significantly and therefore should not
be an important factor. Inviscid flow Mach numbers on the Apollo fore-
body are within the range covered by the X-17 data. The values of the
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pressure gradient parameter for X-17 and the spherical sector of the
Apollo forebody are almost identical. In view of these circumstances
it seems reasonable to utilize the X-17 data correlations to establish
an approximate upper bound on the transition Reynolds numbers for Apollo.
The lower envelope of results presented in Figure 2-65 are considered
adequate for this purpose.
2F-h
LOCKHEED MISSILES & SPACE COMPANY
I2F'-Jr"
P._PA.EO.¥ _/
CHECKED BY_
LOCKHEED MISSILES & SPACE COMPANY
A GROUP DIVISION OF LOCKHEED AIRCRAFT CORPORATION
pADE
MODEl___.
REPORT NO,____
Q
U
0 0
Q
>,
It
0
0
® 0
o
ml
G
0
® 0 ®
:#
Q
W
k
2, ¢-
fORM LMBC m3BA-I
PREPAREDBY__#
CHECKEDBY
LOCKHEED MISSILES & SPACE COMPANY
A GROUP DIVISION OF LOCKHEED AIRCRAFT CORPORATION
PAGE
MODEL__,.
REPORT ND ....
C)
C) <21
Cc) Fl
O
• <2)
R
R
2/--
PREPARED BY J
DATE___" ]_'_ "_'wi_#"
CHECKED BY.
LOCKHEED MISSILES & SPACE COMPANY
A GRDUP DIVISfON OF LOCKHEED AIRCRAFT CORPORATION
PAGE_-
MODEL-.-
REPORT NO._
I
t°
,i
,. N
R
c_
i
,,v
!'4 t,.
le, 'NO
I tl O
Q
G
_'(?7oN/,-:'_" SSJ/YN,,3_/_'._
R
l
2,_'- 8
FORM LMSC EI38A-I
E:HECKEO BY
LOCKHEED MISSILES & SPACE COMPANY
A GROUP DIVISION OF LOCKHEED AIRCRAFT CORPORATION
PAGE
MODEL__, __
REPORT Nn..
, \
, \\
\
' 1
\
\
\
\
\
\
\
\
\
\
\
\
\
\
\
\
\
\
\
/-01 X _ae_" rat__'/A/n/I/_qG 70A//t__" _'3/VP/JlH_/ /4/n_O1/3AvObf/
/
\
\
\
2/'-_
_ORM L_SC 1138_-1

Appendix 2G
PERFORMANCE MODEL FOR HEAT SHIELD MATERIAL
by
H. E. Goldstein and W. D. Coleman
Consideration must be given to heat-shield-material behaviour in
detailed analysis of the heating experienced by an entry vehicle.
Injection of gaseous ablation products significantly affects the con-
vective heat transfer. Radiative heat transfer may also be appreciably
influenced if the injected species are strong absorbers. An investi-
gation of the Apollo heat shield material and its performance character-
istics was therefore undertaken as a part of this study. The investi-
gation was not intended to yield techniques and data for evaluation of
the shield design. Rather, its purpose has been to provide realistic
information for use in study of the heat-shield/environment interactions.
The material which is treated can only be considered representative of
the actual Apollo material. A small sample of this representative
material was obtained from NASA and subjected to laboratory analysis in
order to determine composition and certain of its properties. The
experimental results enabled theoretical estimation of properties not
directly measured. Thermochemical performance of the material is
determined by an approximate, theoretical model. Validity of the model
has been assessed by comparison of performance predictions with experi-
mental data provided by NASA.
MATERIAL PROPERTIES
Virgin Material Composition
The material sample received from NASA was determined after analysis to
be a composite of silica fibers and phenolic microballoons bonded together
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by an epoxy resin. It has been assumed, based on available information,
that the material is used as a filler in a honeycomb matrix. It was
further assumed that the honeycomb is refrasil-phenolic in 40-60 weight
ratio and that the mass fraction of the honeycomb in the final composite
is 0.i0.
The elemental composition and density of the filler, honeycomb and
composite is given in Table 2G-I. These results and the filler formu-
lation were obtained from infrared analysis, photomicrographs, and
elemental analysis (Ref. 2.137).
Char Composition
The filler material was pyrolyzed in an inert atmosphere to determine
the characteristics of the fully-charred material. The residual weight
fraction (ratio of char weight to virgin material weight) was 0.444.
Chemical analysis of the char was not performed since it can reliably
be assumed that all the silica is retained and that the remainder
of the residual material is carbon. The residual weight fraction for
the honeycomb material was estimated from the results of Ref. 2.138 to
be 0. 7 . The honeycomb char was also assumed to consist of only silica
and carbon.
The residual weight fraction and char composition for the composite of
honeycomb and filler material are simply obtained from the abo_ results.
The results are given in Table 2G-I.
Thermophysical Properties
The specific heat of the heat shield material and its char can be esti-
mated by summing the known specific heats of the components. Fig. 2G-I
shows the results of this calculation for the virgin material and char.
Also plotted is the data reported by NASA for these materials. The
agreement indicates that the components determined are probably correct.
2O-2
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Using these specific heats, the sensible enthalpies of the virgin plastic
and char were calculated and are shown in Fig. 2G-2.
The thermal conductivity was determined by analysis of transient
temperature response data as subsequently discussed. Fig. 2G-3 shows
the results.
Thermochemical Properties
Necessary for prediction of material ablative behaviour are the heat of
decomposition of the virgin material and the pyrolysis gas enthalpy.
The energy absorbed by pyrolysis of the heat shield material HD can be
calculated with the following equation (Ref. 2.138):
_D = _c_c " (t'_:c _)H S" _vp
(2G.I)
where f is the fraction of virgin material retained as char, H is the
c g
enthalpy of the pyrolysis gas, H and H are the enthalpies of the
c vp
virgin plastic and char defined as follows:
(2G.2)
The heats of formation which were obtained for the virgin and char
materials by standard estimation techniques are given in Fig. 2G-2
together with the sensible enthalpy terms.
The enthalpy of the pyrolysis gases is defined by the following equation
(2G.3)
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It is apparent from this equation that the pyrolysis gas composition must
be known in order to calculate the enthalpy of the pyrolysis gases. The
pyrolysis products of this material have not been determined experimentally.
Therefore, the gas enthalpy cannot be calculated exactly. The enthalpy
may be estimated, however, by assuming that all the pyrolysis gases are
in thermodynamic equilibrium. If this assumption is made the following
equation may be used to describe a multi-component chemical reaction
s2stem.
_A _ * _'_ _,* "'"K-_'r _t.. * _M M * (2G.4)
where _A' _B' and _L' ]_M are the numbers of moles of A, B, and L,
M, respectively, and Kp is the equilibrium constant as defined below.
l_p=Tr p/; (2a.5)
J
The change in Gibb's free energy for such a system in tems of the
equilibrium constant is
(2G.6)
where the ]_.'s are positive for reactants and negative for products.
J
Since Gibbs' free energy approaches a minimum as the system approaches
equilibrium_ one need only determine the concentration of species that
give a minimum of Gibbs' free energy to specify the system thermodynamically.
This can be accomplished in practice by solving a set of nonlinear
equations on a high speed digital computer with the free energy minimiza-
tion program (FEMP, Ref. 2.122). To use this program the atom ratios of
the material must be known.
2G-_
LOCKHEED MISSILES & SPACE COMPANY
Using the preceding estimates for the virgin material and char composi-
tions, the elemental composition of the pyrolysis gases was found by
differencing to be
C .614
.O93
0 •293
The enthalpies of the pyrolysis gases and specie concentrations were then
calculated using FEMP. Fig. 2G-4 shows the gas enthalpies from lO00°R to
3000°R and from 0.01 to i00 atmospheres pressure, and Fig. 2G-5 shows
the specie concentrations from 1000°R to 8000°R at i atmosphere pressure.
The heat of decomposition may now be calculated using the gas enthalpies
shown in Fig. 2G-6 and the thermo-chemical properties of the virgin
material and char previously derived. Figure 2G-6 shows the heat of
decomposition for 0.01, 1.0 and i0 atmospheres.
It is noted that pyrolysis will occur primarily in the temperature range
below 2000°R. The negative heat of decomposition in this range indicates
that the pyrolysis reaction is exothermic. Thus the heat absorption
capability of this material should be somewhat inferior to materials
such as nylon-phenolic which undergo endothermic pyrolysis reactions
(Ref.2.122).
Pyrolysis Kinetics
The pyrolysis of the filler material may be described by the following
equation (Ref. 2.135).
2C--5
LOCKHEED MISSILES & SPACE COMPANY
where the initial weight of virgin material (Wo) is converted to gas
(Wg) and char (Wc).
For an irreversible reaction the rate equation may be written in terms
of the density as
whe re f s
virgin material and fully-charred densities, respectively, and
P°I
denotes the instantaneous solid density,/0o and y9 c are the
(2a.9)
(2G.lO)
Substituting into Eq. (2G.0)
E p.
: - koe i #o idO (2G.J_l)
The rate constant (ko) , activation energy (E), and reaction order (n)
may be determined by correlation of data obtained in thermogravimetric
analysis. In this procedure the material is heated at constant rate of
temperature rise, i.e.,
dT
- C
d@
For analysis of the test data, Eq. 2G.II may then be rewritten as
J
dPs/£ ko _. RT
dT e
f,
2G-6
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One TGA of the material at a rate of temperature rise of 23°C/min was
obtained (Fig. 2G-7). In order to completely analyze the kinetics
considerably more data is necessary. A fairly simplified approach was
therefore taken. First a char weight fraction (pc/?o) of 0.47 was
assumed. The Arrhenius equation was then used to determine the activation
energy, rate constant, and reaction order. This equation is obtained by
rearranging Eq. (2G.12) and taking logarithms to obtain the following
-Pol"j
I#o /
For constant E, k ° and n a plot of the left side of Eq.(2G.13)
versus I/T gives -E/R Log e as the slope and log k as the intercept.
O
To use this equation one of the three parameters, E, k or n must be
o
known or assumed. Since so little data were available the reaction
order n was arbitrarily assumed to be i, 2, or 3. An Arrhenius relation
using each of these orders was then plotted. A reaction order of 3 was
found to give the best correlation. The resulting Arrhenius plot (Fig.
2G-8) gives an activation energy of 40,871 BTU/Ib-Mole and a rate constant
of 9.31 x 10 5 sec -I
To verify the rate parameters the experimental data must be compared to
the predictions obtained with the rate equation. Equation 2G.12 can be
rearranged as follows:
I
Integrating the left side of the equation with respect tOPs/p O
the right side with respect to T and rearranging, the following
result is obtained (Ref. 2.138):
(2o.z4)
and
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The integral
#s : ( -11
po c eo
E
÷
(20.15)
dT (2G.16)
is obtained graphically by determining the area under the curve from a
plot of e-E/RT versus T. Figure 2G-9 shows Eq. (2G.15) plotted against
the experimental results. The plot shows that excellent correlation is
obtained for the major part of the pyrolysis.
ABLATION MODEL
The foregoing properties are sufficient to predict performance of the
material in the entry heating environment provided that a realistic
mathematical model of the energy and mass transfer processes active in
ablation can be formulated. The theory developed by Kratsch_ Hearne, and
McChesney (Ref. 2.122) for charring materials has been applied to
mathematically describe material behaviour. The essential features of
the theory are outlined here and its application to the Apollo shield
material is described.
Upon exposure to heat, the long-chain organic molecules in the material
decompose into high molecular weight gaseous products and a porous
carbonaceous char. This decomposition occurs in a reaction layer which
is generally physically thin. The porous structure remaining upon com-
pletion of pyrolysis acts as a particle bed in heating the pyrolysis
gases as they diffuse to the surface. At the surface, chemical reactions
occur between the residual char and the boundary-layer species with the
result that the char surface gradually recedes.
2G-8
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Internal Response
Energy transfer within the material is given by a modified conduction
equation. Generally, temperature and density gradients parallel to the
surface are small and the following one-dimensional equation may be used
joe s - k +
(2G.17)
The terms in this equation, respectively, account for sensible enthalpy
change of the solid material, conduction, convection by the pyrolysis
gases, and enthalpy production in pyrolysis. The local flux of pyrolysis
gases is obtained by integration of the pyrolysis rate equation (2G.II)
from the local position to the inner surface
S
de d
(2G.l )
This equation is a simple mass conservation statement. That is, the
local production rate of gases per unit volume is equal to the rate of
change of the solid density. The flux of pyrolysis gases past a given
point is equal to total rate of production beyond that point, assuming
that the gas flow is quasi-steady.
The pyrolysis gases are assumed to be in chemical equilibrium. Furthermore,
they are assumed to be in thermal equilibrium with the surrounding char.
Pressure gradient through the char is neglected. With these assumptions
the local gas enthalpy, Hg, and heat of decomposition, may be obtained
from the results shown in Figs. 2G-4 and 2G-6 as a function of the
local temperature and the surface (or boundary layer edge) pressure. In
application of this model, it is found that the pyrolysis gases absorb a
significant portion of the incident heat flux both through sensible
enthalpy rise and chemical cracking.
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The conduction equation is solved by standard_ explicit-finite difference
procedures. The computer program which is utilized is described in Ref.
2.i23.
The boundary conditions impressed in solution of the conduction history
equation are the net heat transfer rate and surface recession. The net
heat transfer is determined accounting for the blowing value of the con-
vection heat flux, shock-layer radiation, heat liberated by surface
reactions (char combustion), and reradiation from the surface. Evaluation
of the surface recession boundary condition is accomplished by considering
the surface chemical reaction system discussed subsequently.
Before proceeding with the development of a surface erosion model, it was
necessary to infer from transient temperature response data the thermal
conductivity of the virgin and charred materials. Parametric computations
with conductivity as a variable were made for comparison with temperature
history data. The selection of a conductivity variation with temperature
was guided by results available for other materials. The transient
temperature data were obtained from air-arc test results supplied by
NASA (Ref. 2.139). In order to avoid interference of uncertainties in
the surface erosion phenomena with in-depth material response character-
istics, a test run with minimal surface recession was chosen for data
correlations. The cumulative effort of these correlations resulted in
the definition of the conductivities which were shown in Fig. 2G-3. The
correlation achieved with this conductivity is shown in Fig. 2G-IO by
comparison of observed and predicted temperature histories at selected
depths. These results are for a test sample exposed to a cold wall heat
rate of approximately 25 BTU/ft2sec. The initial temperature rise corre-
lation confirms the adopted value of the virgin material conductivity.
Near the surface the observed temperature is under-predicted; however,
the discrepancy can be largely attributed to the fact that surface
erosion, which totaled 0.05 inches, was not accounted for in the predic-
tions. In view of the uncertainties in thermocouple depths and air-arc
heating levels, the degree of correlation is considered good.
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Surface Erosion
The char layer of the material under consideration consists of carbon and
silica in approximately equal amounts by weight. The silica component
is in fiber form and because of its higher density occupies a small frac-
tion of the char layer vol_e relative to the carbon component. In view
of this, a reasonable approach is to assume that the silica component is
suspended in a continuous carbonaceous structure and that surface reces-
sion is governed by the rate at which the carbon is oxidized. The silica
component of the char is assumed to be mechanically removed as the carbon
surface recedes. Melting with subsequent flow or direct loss of the
fibers is possible. For the environmental conditions of interest, silica
vaporization temperatures will not be attained, however.
The combustion reaction with the char is assumed to occur by
Cs÷ I/2. 0 z-,- CO
Two separate reaction regimes may be identified. In the first_ the rate-
limited regime_ combustion is incomplete and controlled by reaction
kinetics. The rate of solid carbon removal is given by
E
where Po2 is the partial pressure of oxygen at the wall and Tw
temperature. The adopted rate constants are
is the wall
n = 1/2
k = 1.7 4 x 10 5 ibm/ft2 sec arm I/2
O
E/R : 36,200°R
Char erosion rates become significant at wall temperatures of roughly
2000°R. As reaction rates increase, concentration of oxygen at the wall
2G-II
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is reduced. Finally, as reaction kinetics become very fast, all of the
oxygen at the wall is consumed and transition to _he diffusion-controlled
oxidation regime is accomplished. In this regime, the oxidation rate is
dictated by the rate at which boundary layer oxygen is diffused to the
wall. With the use of appropriate assumptions this rate may be expressed
as a function of the blowing value of heat transfer coefficient. For
the trajectories of interest_ the majority of surface erosion occurs in
the diffusion limited regime. The role of the reaction rate limited
regime is essentially one of determining the initiation and cessation of
oxidation. Between these two points, surface temperatures and, hence,
reaction rates are sufficiently high such that the diffusion of oxygen
to the wall prescribes erosion rates.
The mathematical boundary layer model employed to describe the surface
combustion rate is exactly that described in Ref. 2.122. The development
and final results are reviewed here. In this treatment the pyrolysis
gases are assumed to act as an inert diluet. The Lewis and Prandtl numbers
are taken equal to one.
The net flux of an element, _ , normal to the surface is the sum of the
convection and diffusion fluxes
(2G.20)
where the elemental concentrations, Ki, are related to the specie concen-
trations, Kj, by
K L =.
j Mi (2G.21)
When the Lewis and Prandtl numbers are unity, Lees (Ref. 2.38) has shown
that the concentration and enthalpy profiles are similar:
2G-12
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lle _w/w W (2G,22)
Furthermore_ heat transfer to the wall by virtue of conduction and
diffusion is
_-'P _ w
(2G.23)
Thus, with Lewis-number unity_ the net fl_< of each element at the wall
may be expressed as
,v L_ w (2G.24)
For convenience, a mass transfer parameter is defined for each element:
i b W
BL_ =
(2G.25)
and by summation over all elements
5' = (P'V)w =Z _"
w _--'14 L _"1_,r (2G.26)
Thus the i-th mass transfer parameter is a simple function of the edge
and wall concentrations of the i-th element.
B% = _L,_ (I+ l_'w)- I_Le (2G,27)
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_,.e edge concentrations are by definition those for air.
In accordance with the previously stated assumptions, the pyrolysis gases
are treated as an inert diluent and their contribution to species and
elemental concentrations neglected in determination of the extent of
.
surface reactions. The ablation flux is then considered as having two
components, one due to erosion of the char surface and the other due to
injection of the inert diluent pyrolysis gases:
(20.28)
The pyrolysis gas contribution is given by Eq. (2G-18):
6
B_ - Fe ue C. ao
w (2G.29)
A relation for _ is obtained by applying E_s. (2G.21) and (2G.27). In
particular, for the stated reaction system,
C E
!
I5 0 -
K'o,,.,-4/'rkCCo_ + KO,.
"' ( ' ,
- KCu., i÷ I_ ,,B_I)
0 = KO.,.u.(I-_B'E+B',_)- Koe
s/7 Kco_,
(2G.30)
This omission simplifies the presentation; it is not necessary to the
development of the end relations for mass transfer.
2G-]J.I.
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and there results
1
i
1+ 3/_, KOzw
(2G. 31
This equation must be ausnented to obtain the wall concentration of
un-reacted oxygen. The kinetic equation (2G.19) for the carbon monoxide
production reaction is used for this purpose. _i_ equation may be
rewritten using the mass transfer parameter definition and a partial
pressure-mass fraction relation as
E
The two preceding equations may be combined to yield an implicit relation
for the wall concentration oC oxygen.
E [ M. ]"
I Koe J
(2G.33
The result obtained for the wall concentration of oxygen may be substi-
tuted in either Eq. (2G.31) or (2G.32) to obtain the surface erosion
rate. When the reaction rate becomes very fast and diffusion is the
controlling factor, the solution is much simpler. In this limit, prac-
tically all oxygen at the wall is consumed (Koo-_O), and thus the mass
transfer parameter equation (2G.32) reduces to
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' iCoeB e :. - o. 174- (2G.34)
Erosion rates predicted by this model have been compared with air-arc
data for which the quasi-steady ablation situation is approximated (Ref.
2.129). The comparison is presented in tabular form in Table 2G-3. The
method i prediction corresponds to diffusion-controlled oxidation of the
char with a carbon/density of 6.32 ibs/ft 3. The comparison between
predicted and observed rates is not completely satisfactory. The rates
are underpredicted by as much as 40_. This result may have been anticipated
since the silica in the char was assumed not to enter into any chemical
reaction.
The possible effect of silica reactions was examined in a limit analysis
employing the same mass transfer theory. Retaining the assumption that
the surface recession is governed by carbon oxidation, it was postulated
that reactions within the char layer involving the carbon component might
occur which effectively reduce the carbon fraction available for reaction
with boundary layer oxygen. A preliminary consideration indicates the
following reaction might occur:
SLO z + ZC ---- 2.C0 +SL(L)
If this reaction is assumed to continue to completion (i.e., the S_O 2
reactant is completely consumed), the remaining carbon density in the
char is only 2.85 ibs/ft 3. The resulting quasi-steady erosion rate
predictions are labeled method 2 in Table 2G-2. The correlation with
observed rates is good with the exception of one group of data.
Methods i and 2 are considered theoretical limits on the chemical behaviour
of the char. A more refined prediction technique would perhaps enable
consistent and accurate correlation of the experimental results. In
2G-16
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this regard, several difficulties could be encountered. The silica-carbon
reaction might be inhibited by the formation of Si C around[ the silica
fiber. A liquid layer at the surface would inhibit reactions between the
carbon and bounda_j-layer oxygen. Significant me<.hanica] erosion would
compromise the chemical erosion model.
The relatively simple erosion model designated as },'_ethodi has been
adopted in thi_,_study. It yieL_results in rea::onabLe agreement with the
experimental data and it is considered sufficiently _etailed to enable a
realistic assessment of the importance and nature oC heat shield/environ-
ment interactions.
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Table 2G-I
MATERIALS PROPERTIES
FILLER HONEYCOMB COMPOSITE CHAR
COMPOSITION- %
C
H
0
Si02
52.6
5.14
16.24
25.8
99.88
ND ND 4O
6o
DENSITY, ib/ft 3 28.7 4.3* 32* 15
HEAT OF FORMATION
BTU/Ib at 536°R
Virgin
Char
-187o -32oo* -2000 -3730
* Estimate
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Appendix ;:!If
MASS TRANSPIRATIOf_ EFFECTS ON CONVECTIW£ I{EA F TRA3]SFER
Convective heatini7 is a!_preciably reduced bf/ the _;i,]ection of _<a:eou:_-
ablation products into the boundary la:/er. This e?fect is primarily
attributable to a thi:_<c_iing of the b_)L_i,laiTf In>, __ _,_it]J_, ,'_:_'i'e.p_i_,i[_:_
reduction of the enthalpy gradient at the wall.
Theoretical evaluation oz' the ma:_s tran::F_r el'i'_.nt i'-,r r_,r_i].:i] . ,'_b]ation
situations is difficult. It involve.', evnlil_-_',.J:ni_)!'try,n: i,_rt !n'u_ertie_:
for complex mixture:_ and solutJon eL" the multicomp<ment L,o,ln,ln._'y lal,ei'
equations accountin_ for diffL_:Jc_n. Fortunate]y_ u_i ::_,i_i:_te le_:c_'ipt_nJ
of the effect may l}e <,btaJ_ed _iti]J in.' :_imple f_':_ce_iiil'o . It ]: ',el :
known that the tall(, <)_' the heat tra, n;:fc, t' :,,,,;i'i'[eic_L <,;[l,h l_"_:,.:[_i_'at, Jnn
injection rate parameter (i.e., fih_> ral i, ,.:' t,n_ ,_'.t:_: i_/ _,:ti;',n :'at,<, t,_
the convection coe±'ficJent at __cro ma_:.: tran_,;fe±'). Tit_ e.fF__,_t of inje,'-
tion of a gas :th_-_ ' hh._ air :,_ay I<_ n,_,_l)_<._ i'_' I . i.]_,.; _i<ir,][,J:_ i fa<_-
The correlation fu_ctJon_.; wl_J,2h h_).vo be<_!i :_:J)pte,_l ]'o;' _)rc,li,'[.i,-nl_,F the
mass transfer effect were :;hewn Jn FJ _. ,-{'_(. The in:tinnY _::;_ tran_v, ira-
Zion correlatiom i_ Oa.;ed on the a<is)mm_el,_'ic :_ta_a_nat.i,,_i]'e,_ion anaik';i.:
of Libby (Ref. 2.9;i). The t_rb{_lel_t mel,ho, l J. ompi_'J,_.nJi '' ,ierivo,q f'rzm
e;{perimental res_dt_',. Ju:;tification ,of the:{e metho, i: i._ !_'e::enl-e_i in
this appendix. The result,; of both turbulent and I_m;ti_m::' inve<ti_v_tions
of mass transfer eoolini-< are reviewed. _e _nfi_a-mc,_ :)f' [4r_.__h mm:ber_ Rey-
nolds number and wall. to freestream temperature ratio is considered. In
general the experimental and analytical JnfoYmation employed corre_ponis
to similar mass injection (implying the injection parmneter is independent
of location) at either a stagnation point or zero pressure gradient region
with an isothermal wall. Uncertainties associated with laminar mass
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transfer cooling are evaluated by comparing typical boundary conditions on
the Apollo forebody with those inherent in the theoretical analysis. For
turbulent flow the uncertainty is assessed by consideration of the accuracy
of the experimental data forming the empirical basis. The resulting error
band estimates are shown in Fig. 2-66 together with the adopted correlations.
LAMINAR BOUNDARY LAYER
Considerable information has evolved concerning injection into the
laminar boundary layer as a result of the interest in stagnation region
heating and the availability of reliable theoretical analysis techniques.
The development of relations to predict the reduction in skin friction and
heat transfer due to gas injection as well as a comprehensive survey of
most of the existing literature is given in Refs. 2.140 and 2.125. The
intent here is to summarize the information applicable for the conditions
existing on the Apollo forebody. First the method used to predict the
transpiration effect in the present study is justified by comparison with
analytical and experimental results for the axisymmetric stagnation region.
Then the influence of various complicating factors is examined.
The laminar transpiration correlation adopted here is compared with the
axisymmetric stagnation region analysis of Ref. 2.92 and the high
velocity results of Ref. 2.98 in Fig. 2H-I. The influence of wall to
total temperature ratio and flight velocity on the heat Zransfer reduction
is seen to be minimized when the results are presented in terms of the
similarity blowing parameter, _De_ _s (this parameter is
easily converted to the more convenient _/CH). A similar conclusion is
reached with respect to Reynolds number and Mach number when considering
zero pressure gradient and low speed wedge flows. Fig. 2H-I also
demonstrates the applicability of the foreign gas correction (Ma/Minj) I/4,
at least for helium injection. Corroboration of the theoretical analyses
is provided in Fig. 2H-2 by comparison with experimental results. In
applying the correlation it is convenient to assume that transpiration
effects on the recovery factor are negligible. This assumption is well
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justified for the situation where the wall to to4al ent_alpy ratio is
small.
In predicting laminar transpiration cooling the de:<ree to which the
physical situation violates the theoretical model essentially dete_nines
the magnitude of uncertainty. In partic_lar_ the boundapy conditions
for the boundary layer downstream from the stagnation point will be
inconsistent w_th those employed in the anal[,/ses _)on whi _'h the present
correlation is based. Therefore_ the following conditions will be
considered as to their effect in perturLini__ the transpiration curve:
i °
3.
4.
non-similar mass injection
non-isothemaal wail
pressure gradient
foreign ga:: injection.
The eL'feet of _i nc,m-:;kmilar inje<_tion d]_tr]'L)uti<,,n and _ non-isothem_lal
wail on mass transfer cooling is investi_ate,i by obtai_ini_ a relativel_,_
simple integral solution of the homogeneous bolu_dar,7' layer e<{uation_;.
As an upper limit on the ]_if]uence of non-;,huJlar injection a constant
injection rate is a_m_ed, iithou_j_ integra_ _;o1_ution for the comple:{
flow situation of' ;lmt_-_re_;t i._;<;_mlewhat questional)]e_ the results are
useful in indicating trends, file influence of the pressure gradient
deviating from the sta[znation point value and the applicability of the
foreign gas correlation are assessed from the info_iLation available in
the literature. The re's_lt_,_ of' this work are co_bi_ked with typical
boundary conditions e_,:isting on the Apollo forebod;/ to yield a band of
uncertainty.
Non-Similar Boundary Conditions
The influence of non-similar blowing and a non-isothermal wall on
laminar mass transfer cooling is investigated using the integral solution
of Scott (Ref. 2.145). The general approach and applicable results are
2H-3
LOCKHEED MISSILES & SPACE COMPANY
indicated below. 0nly homogeneous injection is treated.
The analysis is initiated by specifying the boundary layer equations
and appropriate boundary conditions. The solution is made considerably
more tractable by using the hypersonic approximations of Lees. In this
manner the relations describing a rotationally symmetric, compressible
boundary layer may be reduced to those for incompressible flow over a
flat plate by an appropriate transformation. It is also convenient to
assume that the Lewis and Prandtl numbers are unity. This procedure
which has been described by Chung (Ref. 2.146) and others yields the
following conservation relations.
Continuity:
Momentum:
Ene rgy: V _2 (2H.3)
whe re
S
S
0
f p
O J
It should be noted that the transformations utilized here differ
slightly from those used elsewhere in this section.
(2H.4)
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The boundary condii,_on_; !,_ be studied are
at ._ = _P
U -- o
at _ -- _
U -- / = I
where ph3",;i,caL_ k',
(_:II.5)
(_ii.6
- ._'¢. Cbue r"
( ,)H. 7
(_ iI. C:
where physically
(2H.9
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Transformation to velocity space is obtained by replacing _ by U as one
of the independent variables while the shear stress _ replaces U as
one of the dependent variables.
Let
(2H.lO)
This results in the following conservation relations:
(2_.ll)
Energy :
2. z
(2H.12)
with the boundary conditions at U-----O
whe re
(2_.13)
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at U = i: f = / _ -- O (2H.15)
The boundary conditions are employed to yield the fo]iowing cubic
polynomials.
(fH.16)
(2H.J_7)
Substituting E<is.(2H.16) and (2K.17) into the moment_n and energ_ _
equations and integrating from U : 0 to U : i sires,
_g "" _o % t ".a°l|
D t
_ // 7" _, _ , I vw _zt> : o (2H_6
3 _ 2. _ . / .k7 .,.,z // /X,
These equations constitute the solution of the bounh%<:, layer e_luations
for an arbitrary distribution o£ surface entha]py an_l injection rate.
qJle applicability o£ this <_imple inte6ra] solution ma b be assessed by
comparison with more ri/_orous solutions for the situation of isothermal
similarity injection. For the situation, the boundary conditions may
be expressed as
2H-7
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Equation 2H.18 may be integrated to yield
(2E.2o)
(2H.21)
The particular solution for zero injection (A = O) is B = 1/3, or
0
(2E.22)
which agrees well with more exact solutions for flat plate or stagnation
regions. The reduction in skin friction as a result of mass injection
is readily obtainable from Eq.(2H-21), i.e.,
where C is the compressibility constant ___ • Chung suggests
0,2
o
(2E.23)
Verification of the above result is provided in Fig. 2H-3 by comparison
with the exact solutions of Ref. 2.37 and 2.147 .
The transpiration effect for arbitrary injection and surface temperature
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distributions may be detez_nined by solving E_[s. (_H.Jci) and (2H.19). For
example, following the procedure outlined in Re[ ". 2.]I15, it i,_ possible
to obtain the transpiration eI'fect for the ca_e ,E u_if_±_l injection,
i.e.,
_' /_2 = cons rant.
O
This solution is al_:< irre_onted ]m Fig. _!H-j. It i_< :_eol_ that the
transpiration effect for uniform injection is about the _mne as for
the similarity case e_<ept at the higher blowinc ra_e_: where the integral
solution is less applicable.
Pressure Gradient
A simple correlation of the pressure !_radient effect on :uas:_ transfer
cooling was suggested by Eckert. Multip]y_g the in.]e::_._J:)_ipa_'mneter
the term _ was found to corz'ei:_.',:ethe ro:_L_]t_< for planeby
stagnation and fl_at plate flow. The pre_u!'e :r:_dient par[mleter is
defined by
Corroboration of this method is given in FJi:. ;Ill-l;where tl_e theoretical
mass transfer results for /(_ : 0 (:_ero pre_;s_,re i<ra_icnt), ]_ = i/2 (a.<i-
sj/r_etric stagnation point) and j : ] (_J-d]men_ioma] :,ta:<nati,-,_ line)
are shown. Satisfactory corm'elation is obtained at a]i b_t the higj_er
blowing rates. _erefore, the in_'_uence of the press_re g_adient
deviating from_ = 1/2 on the mass transfer cooling may be assessed
directly from the blowing parameter: @
The applicability of this correlating function must be qualified. The
2H-9
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influence of a pressure gradient will be affected by the local and
upstream conditions. In particular, the rate and distribution of
mass injection and the degree of wall cooling may have significant
effects. Therefore, the correlation probably only qualitatively
indicates the pressure gradient effect for realistic flight condition.
Foreign Gas Injection
The uncertainties associated with the molecular weight ratio correlation
are attributable to two sources. First is the accuracy and generality
of the correlation with respect to the injection of a single species
into the boundary layer. Second is the error introduced by not con-
sidering the actual conditions of multicomponent injection with possible
gas phase reaction.
The accuracy of the present correlation for single component injection
may be assessed by comparison with the available theoretical information.
The effectiveness of an injected species depends upon its energy storage
capacity and its ability to move quickly into the hot outer portions of
the boundary layer. The former is characterized by the specific heat
and the latter by the molecular weight of the injectant. Approximate
correlations have been obtained using both parameters. In Ref. 2.125 good
correlations for a variety of injectants were obtained using the specific
heat ratio. These results are repeated in Fig. 2H-5 for two flow
situations: zero pressure gradient and two-dimensional stagnation
regions. This information was drawn from a number of theoretical in-
vestigations for a wide variety of flow conditions. For the axisymmetric
stagnation region the correlation for helium, shown in Fig. 2H-I, is
essentially the same whether the molecular weight ratio or (CPinj /
o.3o
CPair ) is used. The results for Teflon ablation, shown in Fig.
2H-2, support the specific heat ratio correlation. Since Teflon decom-
poses to the monomer C2F 4 the associated specific heat is comparable
with that of air. If molecular weight was controlling, Teflon ablation
2H-IO
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would be less effective than air in transpiration cooling; a result not
exhibited by Fig. 2H-2. It is suggested here that the uncertainty in the
molecular weight correlation for single component injection is indicated
by the difference between it and the specific heat correlation of Ref.
2.125, (CPinj/CPair)0"3@
The most significant uncertainty associated with foreign gas injection
involves the question of multicomponent injection of reacting gases.
For example, one of the few examinations of this effect (Ref. 2.150)
studied hydrogen injection with subsequent oxidation resulting in four
species in the boundary layer. This oxidation and multicomponent diffu-
sion yielded mas_; transfer cooling re_;ults completely different From
these obtained for an unreactffng binary mixture. In considering ablation
products, species such as hydrogen are present in enough quantity to
make the thermochemical characteristics significantly dfffferent from air,
although the average molecular weights are comparable. At pre_;ent,
insufficient infomnation is available to provide any _:onc]usions as to
this effect. An investigation of this comple:_ phenomenon was not within
the scope of this study. Approximate methods are employed in the present
_;tudy to account for this phenomenon. An avera_e mc_]e_1_[ar weight or
specific heat is employed in defining the foreign gas effect for a multi-
component mixture. Gas phase reactions are accounted for by basini_ the
heat transfer on the enthalpy potential u_der the assumption of unity
Lewis and Prandtl nur_ibers (See Section 2.3).
Band of Uncertainty
Typical surface conditions ekisting on the leeward side of the Apollo
forebody are shown in Fig. 2.48. The distributions of the pressure
gradient parameter and the transformed distance are depicted in Figs.
2.47 and 2H-6, respectively. Correlating functions for foreign gas
injection based on a mass average of the ablation products are
presented in Fig. 2-67.
2H-If
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To ascertain the magnitude of the uncertainty resulting from the non-
similar boundary conditions on the Apollo forebody, Eqs. (2H-l_ and(2H-19)
were numerically integrated for the representative surface conditions
shown in Fig. 2-48. The effect on the transpiration effect is given in
Fig. 2-61. It is concluded that negligible error is accrued if the
adopted transpiration effect which is based on similar boundary condi-
tions is applied. Therefore, the band of uncertainty for laminar mass
transfer cooling is defined by the possible variation in the pressure
gradient parameter and the foreign gas correlation. In this respect
,
the pressure gradient parameter is considered to vary from 1/2 to i,
while the foreign gas correlating function ranges from 1.040 to 1.175.
TURBU_ BOUNDARY LAYER
The study of mass transfer cooling in the turbulent boundary layer has
been hampered by the inability to solve the boundary layer equations in
a direct manner. Solutions have been obtained under assumptions similar
to those employed for laminar flow. Unfortunately, these solutions all
require specifying certain ill-defined empirical constants (such as
mixing length parameters). Because of these difficulties the majority
of the investigations have been devoted to developing experimental
information. In the following section an extensive review of existing
information on turbulent mass transfer cooling is given. Emphasis
is placed on the more current work. An excellent review of the literature
through 1959 can be found in Ref. 2.151. This information is then
employed to assess the possible error resulting from use of the turbulent
curve of Fig. 2-66. In general these errors result from (i) the devia-
tion of the actual surface and flight conditions from those of the
experimental and analytical models and (2) the uncertainties associated
with the basic investigations.
An upper limit of one for the pressure gradient parameter was selected
since the correlation appears to be inapplicable for higher values.
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Theoretical Investigations
The majority of the analytical solutions for the turbulent boundary-
layer equations with surface injection have been extensions of the
usual mixing-length theories; a chronological list of these may be
found in Ref. 2.152. All of these theories are based on scant experi-
mental data.
Utilizing the concept of a laminar sublayer and a turbulent core, the
theoretical analyses of Rubesin (Ref. 2.153) and Van Driest (Ref. 2.1_)
yielded essentially the same results for the effect of air injection on
heat transfer. A comparison of Rubesin's results with experimental data
is shown in Fig. 2H-7. Although the theory tends to slightly overpredict
the reduction in Stanton number, the correct trend is present and, more
importantly, the theory demonstrates that _H/CH is almost a unique
function of the blowing parameter _/C H. This choice of blowing parameter
minimizes the influence of Mach number, stagnation temperature, and
Reynolds number, at least for the ranges investigated :
I ¢= T_///_c=..y
io.,+"__ ,,¢:> __ io 6
It is shown in Fig. 2H-8 that the mass transfer cooling effect is only
weakly dependent on the pressure gradient. Therefore, it can be assumed
that the investigations for zero pressure gradient flow are applicable
for the blunt body situation.
The two-layer mixing-length theory was also applied to the problem of
foreign gas injection by Rubesin and Pappas (Ref. 2.1_. Due to lack of
experimental information on foreign gas injection, their theory yielded
only qualitative information; hydrogen was shown to be a substantially
better coolant than helium or air, and helium was found to be more
2H-13
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efficient than air.
F_xperimental Investigations
There is a considerable amount of experimental information available on
turbulent transpiration cooling. A chronological list of investigations
is given in Table 2H-I. Before discussing the results, it is desirable
to divide these investigations into ones for which the data can be assumed
to be reliable and those for which the work was only exploratory. In the
former category, Refs. 2.159-2.160, 2.163, 2.165 and 2.166 should probably
be included. In many of the other investigations, the authors themselves
have pointed out that their data should be treated as being only qualitative.
The effect of mass injection on the turbulent heat transfer coefficient
and recovery factor as obtained from the aforementioned references is
shown in Figs. 2H-7 and 2H-9. It should be noted that the data of Refs.
2.159 and 2.166 were taken from a mean curve drawn through the data.
Several conclusions can be drawn from these results with respect to the
reduction in heating.
i, The theory of Rubesin for air injection is in substantial
agreement with the experimental results.
The influence of Mach number on the convective coefficient
reduction is minimized if the data are correlated in terms
of the blowing parameter m/C H.
.
As suggested by Bartle and Leadon (Ref. 2.165), the heat
transfer reduction dependence on foreign gas injection is
minimized if the injection parameter is modified by the
specific heat ratio, c /c .
Pinj Pe
A comprehensive investigation of foreign gas injection was made in Ref.
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2.165. The data for a variety of gases and gas mixtures when presented
in terns of an effectiveness parameter, R = TW - Tinj/Trf - Tinj'
were found to agree closely to the correlating curve,
-3
(2H-s4)
The effectiveness can be easily reconverted to the heat transfer
coefficient reduction, CH/CH; this was done and the data and correlating
curve are shown in Figure 2H-IO. Although the data scatter in this form
is more pronounced, it should be noted that the scatter is among data
points for the same coolant and that, in general, elimination of this
scatter would probably place the data for all of the coolants nearly on
the same curve.
Since the heat transfer reduction appears to be under-predicted using
Eq. 2H-24, prediction of the turbulent transpiration effect in this
study is made using the correlating equation derived in Ref. 2.125:
(sH-25)
This method is compared with the aforementioned theoretical and experi-
mental information on Figs 2H-7 and 2H-IO.
Band of Uncertainty
The previously discussed data were obtained over a wide range of flow and
surface conditions. These results should encompass all environmental
conditions of present interest, and curves which bracket this data should
therefore constitute an upper limit on the mass transfer cooling uncertain-
ty. The uncertainty is then defined using the data of Figs. 2H-9 and
2H-IO for the upper boundary and Rubesin's results for the lower boundary.
2_-15
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This band is shown in Figs. 2-66 and 2H-7 and represents a conservative
estimate as to the magnitude of uncertainty associated with predicting
turbulent mass transfer cooling.
2H-16
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Appendix 21
PROTUBERANCE EFFECTS ON CONVECTIVE HEAT TRANSFER
The influence of protuberances on the convective heat flux experienced by
the Apollo vehicle is discussed in this section. Since the protuberance-
boundary layer phenomenon is complex, recourse must be made to experi-
mental data. Interference factors (ratio of disturbed to smooth surface
heat transfer) for an Apollo scale model are available for two wind
tunnel conditions. The primary objective here is to assess the applica-
bility of the experimentally derived protuberance interaction factors
at flight conditions.
Considerable attention, both experimental and analytical, has been
devoted to the influence of surface irregularities on the boundary layer
characteristics. The majority of these studies have been restricted to
simple two-dimensional steps or impinging shock waves in zero pressure
gradient flow. Emphasis has been given to the surface pressure distri-
butions, although more recent investigations have been concerned with
heat transfer. Experimental measurements of interference factors for
three-dimensional protuberances are relatively scarce; Refs. 2.167,
2.168, 2.169 and 2.170 provide some applicable information. All of
these studies are useful in understanding the basic nature of the problem
and in defining the governing factors.
In the following discussion a qualitative description of the protuberance-
boundary layer interaction is presented first. Characteristic parameters
of the boundary layer and the protuberance which may influence their
interaction are discussed_ and available experimental and analytical
information are used to delineate the relative effect of each parameter.
Finally_ flight and test conditions are compared and the applicability
of the wind tunnel data is determined.
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DISTURBANCE PHENOMENON
In determining the scaling parameters it is helpful to understand the
general nature of the flow over a protuberance. Consider the subsonic
flow over the two-dimensional flange shown in Fig. 2-50. Since the
boundary layer must thicken upstream and thin downstream in order to pass
over the obstacle, a positive pressure gradient and a negative pressure
gradient are propagated upstream and downstream, respectively. When
the protuberance height becomes significant relative to the boundary
layer thickness, separation may occur. Upstream boundary layer separa-
tion occurs when the kinetic energy of the fluid particles is insuffi-
cient as a result of viscous dissipation to overcome the pressure rise.
When the pressure rise reaches a certain threshold, the wall shear is
brought to zero and separation will occur. Downstream separation results
when the streamline curvature necessary to follow the surface contour
cannot be sustained by the pressure gradient normal to the surface. The
separated or "dead air region" is characterized by recirculation of the
flow. The heat transfer will tend to follow the pattern of the pressure
distribution. In the upstream compression region the heat transfer
coefficient will increase relative to the undisturbed value. Downstream,
the heat transfer ratio increases from an initial value less than one to
greater than one at reattachment before decaying to its undisturbed
value.
A similar pattern is to be expected for the flow characteristics around
a three-dimensional disturbance. As an example, the interference factors
for supersonic flow about a cylinder are presented in Fig. 21-1. The
center line distribution is similar to that for two-dimensional protuber-
ances: upstream compression followed downstream by an expansion through
a short separated region and reattachment.
INFLUENCING PARAMETERS
Variations in flow condition and protuberance geometries can be expected
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to have a significant influence on the boundary layer-protuberance
interaction. The following parameters are deemed to be the most funda-
mental in this respect: (i) protuberance geometry, (2) Reynolds number,
(3) Mach number, (4) flow regime, (5) wall cooling, (6) mass injection,
(7) pressure gradient, and (8) interaction between protuberances. The
relative influence of each of those parameters can be inferred from the
applicable information found in the literature. In the following dis-
cussion general observations are made as to the effect each parameter has
on the interference factor; whenever possible quantitative criteria are
presented.
Protuberance Geometry
Obviously, the most critical parameter is the geometry of the protuberance.
Geometrical considerations can be divided into two parts: (i) shape and
(2) the projected characteristic dimensions in the plane perpendicular
to the flow direction.
Heat transfer measurements with various shapes (Refs. 2.167, 2.169, and
2.170 ) suggest that both streamlined and swept-back obstacles will reduce
the interference factor markedly; the opposite trend is observed with
swept-forward protuberances. The nature of this effect is too complex
to permit defining quantitative criteria.
The relative size of the protuberance with respect to the boundary layer
thickness appears to be of major importance. In Fig. 21-2 the inter-
ference factors for protruding cylinders_ as obtained from three separate
investigations, are presented. The height of the cylinders is much
greater than the boundary layer thickness resulting in the diameter being
the characteristic dimension. The data constitutes measurements made
over a moderate range of Mach numbers and Reynolds numbers and for two
diameters. The particular data presented was selected on the basis of
having approximately equal ratios of momentum thickness to diameter.
Although it is difficult to conclusively separate out the influence of
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the diameter it does appear that the interference factors are essentially
independent of the characteristic dimension when the ratio of momentum
thickness to diameter is invariant. It is logical to expect a similar
conclusion to hold with respect to other pertinent dimensions.
Unit Reynolds Number
The data presented in Fig. 2I-2 also indicates no discernable influence
of Reynolds number per foot provided that @/D is maintained constant.
The independence of the interference factor from the unit Reynolds number
was also observed for two-dimensional disturbances in Ref. 2.171 (low
speed turbulent flow) and Ref. 2.169 (supersonic axial flow over a cylin-
der). Further substantiation can be inferred from Refs. 2.172 and 2.131
where interference factors were measured in a cavity for both laminar
and turbulent boundary layers.
Mach Number
There is substantial difference in the interference factor results between
subsonic and supersonic flow. For Mach numbers greater than on_ Lighthill
(Ref. 2.173) points out that the extent of the interaction region is
reduced relative to that for the subsonic case, but that pressure gra-
dients in general are greater for supersonic flow. Similarly the extent
of the separated region in supersonic flow is decreased. Accordingly,
it can be expected that the region where the heating is influenced will
be reduced while the magnitude of the interference factor will be in-
creased when the local Mach number exceeds one.
Since the Mach number influences the shock shape and location some depend-
ence of the interference factor distribution on Mach number would be
expected. The data cited previously are either for two-dimensional
disturbances or are concerned only with the centerline distribution
for protruding cylinders. The data presented in Fig. 2I-2 indicates
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that the interference factor-Mach number dependence is a relatively
weak one. Insufficient information is availabe to determine the influ-
ence of Mach number on the lateral distribution of the interference
factor.
Flow Regime
A similar effect occurs when the boundary layer goes from laminar to
turbulent as when the flow goes from subsonic to supersonic velocity.
A turbulent boundary layer with its inherently greater kinetic energy
has a more limited boundary layer-protuberance interaction region.
Much greater disturbances are required to separate a turbulent boundary
layer. One serious problem associated with surface irregularities is
the possibility of tripping the flow. Transition may occur within the
interaction region or following reattachment, accompanied by a marked
increase in heat transfer. Subsequently, downstream, the boundary layer
may return to a laminar condition or turbulence may envelop the remain-
ing downstream surface.
Wall Coolin_
An increase in the boundary layer kinetic energy will accompany an
increase in heat transfer (wall cooling) as the velocity profile
becomes fuller. The extent of the boundary layer-protuberance inter-
action region will therefore decrease but the pressure gradient and
associated interference factor will increase. In investigating separ-
ation it was observed in Refs. 2.174 and 2.17% that the extent of the
separated region varies as the wall temperature while the pressure gra-
dient is inversely proportional to it. No such quantitative criteria
has been determined with respect to the interference factor although
a similar trend would be expected.
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Mass Injection
Since no applicable information is available, the influence of mass
injection can only be qualitatively indicated. Small rates of surface
mass injection are known to significantly reduce the surface skin fric-
tion and heat transfer. This reduction in the velocity gradient at
the wall should tend to increase the extent of the perturbed region and
reduce the magnitude of the interference factor. A trend of this nature
is also suggested by the fact that surface mass transfer promotes separ-
ation.
Pressure Gradient
The influence of a pressure gradient on the boundary layer characteris-
tics has been discussed previously in terms of the protuberance generated
pressure gradient. The relative effect of the pressure gradient derived
from the body contour can be inferred by superimposing the two distri-
butions. That is, a favorable pressure gradient, dp/ds_O, will tend
to reduce the influence of the protuberance, the converse being true
for a positive pressure gradient.
Interaction Between Protuberances
As a result of the perturbed flow field closely located protuberances
will influence one another. The interaction between two protuberances
was investigated experimentally in Refs. 2.168 and 2.170 for supersonic
flow over a flat plate. Measurements of interference factors indicated
that the relative location of the downstream protuberance is critical.
When the protuberance is in line (in the flow direction) with the up-
stream disturbance interference factors were generally reduced. As
the distance between the two decreases the interference factors for
the downstream protuberances approach one. Conversely, locating the
protuberance in the vicinity of the shock generated by the upstream
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disturbance resulted in an appreciable rise in the local interference
factors. The applicable information is insufficient to do more than
note these two trends.
INTERFERENCE FACTORS FOR APOLLO
All of the aforementioned parameters influence the interference factors
for the Apollo. It is evident that the available information is insuf-
ficient to predict even approximately the interference factors for such
a complex situation. Recourse must be made to scale model testing.
Experimentally determined interference factors on a 0.09 scale model
have been obtained at angles of attack of 22° and 33 ° for two wind
tunnel conditions:
A: A4,z, = /0./_ _ _e. D -- 2._ X /(7 #
B: A4'a_ -- 10.1¢ _ _°eD = /.37 X /0 _
The intent here is to assess their applicability for flight conditions.
The flight conditions for discussion purposes are selected as those
corresponding to the time of peak heating during entry along Trajectory I;
the vehicle is assumed to be at 25 deg. angle of attack.
Influencing Parameters
It is evident from the previous discussion that if test results are
to be applicable for free flight condition the following correspondence
must exist between the local flow conditions:
I. the flow is subsonic in both cases or supersonic
2. pure laminar flow exists throughout the interaction region
for both cases or fully developed turbulent flow.
If these criteria are satisfied then in extrapolating the results from
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a scale test model, as a first approximation, the only parameters that
need be considered are: (1) characteristic dimensions of the protu-
berance, (2) wall cooling, and (3) mass injection.
The interference factor is independent of the protuberance size if the
ratio of boundary layer thickness to the characteristic dimensions of
the protuberance is fixed. Similarly wall cooling will be inconsequen-
tial if the ratio of wall to total temperature is matched. No applic-
able information is available for extending the interference factors
obtained without mass injection to the situation of an ablating surface.
Certainly the influence will be significant and further study of the
phenomenon is required.
Comparison of Flight and Test Conditions
The boundary layer conditions on the Apollo forebody for both the flight
and wind tunnel situations are presented in Fig. 2I-3. The flight condi-
tion selected is representative of those existing during the period of
peak heating. The local Mach number and the ratio of the momentum thick-
ness to protuberance height are shown to be roughly the same for the
flight and wind tunnel conditions. Similar correspondence can be
expected to exist on the windward side of the afterbody. Wall cooling
for the two situations should also be comparable (wall to total tem-
perature ratios are approximately 1/3). Therefore, if the influence
of mass injection is neglected the interference factors obtained in
the wind tunnel tests are directly applicable to the flight conditions
for the majority of the forebody and windward afterbody locations.
Unfortunately, the transition location can be expected to differ con-
siderably, depending on the surface conditions, and mass injection.
The only recourse is to establish the limits of this influence by
performing scale model testing over a range of Reynolds number. In
this manner local interference factors for both laminar; transitional,
and turbulent flow can be determined.
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A better definition of the influence of wall cooling can also be eval-
uated by a wider range of test conditions.
The influence of mass injection may only be assessed from additional
experimental information. Ideally, scale model testing under wind
tunnel conditions similar to those reported here should be undertaken
using a model capable of surface mass transfer.
SUMMARY
i. Neglecting the mitigating influence of mass injection, the
experimentally determined interference factors should prove
reasonably applicable for the flight conditions investigated.
2. The critical regions where appreciable error may be incurred
in flight are those where transition occurs.
3. Further scale model testing over a wider range of conditions
must be performed in order to assess the influence of trans-
ition, and wall cooling; it is also necessary from the stand-
point of supplying applicable data for a wider range of flight
conditions.
h. Experimental and analytical investigations of the influence
of mass injection on the interference factors should be
undertaken.
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Section 3.0
AERODYNAMIC HEATING MEASUREMENT
In view of the uncertainties associated with theoretical predictions of the
aerothermal environment experienced by the reentering vehicle, in-flight mea-
surement of the actual heat transfer appears highly desirable. Ideally, this
may be accomplished by mounting calorimeters within the heat shield. In prac-
tice, sensor design and data interpretation problems arise. These problems
are magnified with an ablative heat shield.
Installation of a heat flux sensor in a heat shield disturbs the homogeneity
of both the surface and interior thermal conditions. Aerodynamic heating
sensed by the calorimeter differs from that to the surrounding shield, but is
strongly dependent on response of the shield. The principle coupling effects
are as follows:
• upstream mass injection and surface combustion
• differential recession of the shield and sensor surfaces
• discontinuous surface temperature variation
Thermal isolation of the sensor is generally impracticable and thus internal
heat exchange beomes important.
In this section, the measurement of aerodynamic heating in Apollo flight tests
is considered. First the various interactions influencing sensor heating are
delineated and procedures are developed to account for the important effects.
Sensor design is discussed. The performance characteristics of both capaci-
tance or slug and asymptotic calorimeters are then analyzed in detail and
simplified models for determining their response are formulated. Finally,
data reduction techniques yielding the unperturbed convective heating are de-
veloped. Two digital computer codes are provided. One predicts sensor tem-
perature respone given the unperturbed environmental conditions while the
other solves the inverse problem of determining the environment from a pre-
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scribed sensor temperature history. Results from both programs are presented
to demonstrate their utility and to indicate the influence of basic uncer-
tainties.
3.1 CALORIMETER ENVIRONMENT
Generalized methods are formulated which describe the thermal environment of
idealized heat sensors mounted in an ablative heat shield. Radiation, convec-
tion, and surface combustion are considered in evaluating the net heat flux.
To develop suitable analysis procedures, the various interactions are assumed
uncoupled and boundary conditions are somewhat simplified. The error incurred
in this assumption is examined and found to be relatively small. Emphasis is
placed on accounting for the influence of streamwise variations in surface tem-
perature, mass injection, and surface reactivity on the convective heating.
An arbitrary wall enthalpy distribution and a discontinuity in mass transfer
are treated by analytically extending the applicable information in the lit-
erat1_re. Analysis of sensor surface combustion is accomplished by consider-
ing the limiting surface reaction rate situation. For the physical and ther-
mal calorimeter characteristics of interest, these methods yield relatively
simple expressions for evaluating the heat flux.
3.1.1 Phenomenological Review
Except at early times the net heat transfer to the calorimeter will bear little
resemblence to the unaffected heat flux. Reradiation and the distortion of
the convection coefficient created by the disturbances in the surface condi-
tions will be significant in altering the heat flux. Evaluation of the reradi-
ation is straight forward since the data pertinent to its evaluation (sensor
surface temperature and surface emissivity) will be known. However, deter-
mination of the convective heating requires that the complex influence of
streamwise variations in surface conditions on the boundary layer character-
istics be accounted for.
The surface boundary conditions associated with a slug calorimeter mounted in
an ablative heat shield are typified in Fig.3-1. The calorimeter (denoting
the entire assembly) is assumed to consist of a circular sensor surrounded
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by concentric guard rings. (This model and the associated surface boundary
conditions are easily modified so as to be applicable to a wide variety of
asymptotic and slug type calorimeters.) The surface conditions are charac-
terized by I) two separate discontinuous changes in the wall temperature
followed by an isothermal sensing element, 2) a step change in surface blow-
ing, 3) a discontinuity in surface reactivity, and h) protrusion of the
sensor resulting in a pressure hump. It is noteworthy that the slug calori-
meter presents a situation where finite values of the downstream surface mass
addition and reactivity must be considered since the calorimeter may react
with boundary layer gases. The mass injection and surface temperature dis-
continuity effects are relatively familiar. Streamwise variations in wall
temperature are known to have an appreciable influence on convective heating,
the severity of which is dependent on the magnitude and gradient of the tem-
perature change. An abrupt decrease in the wall temperature will substantially
increase the convection coefficient immediately downstream, relative to the
value associated with the new surface temperature. On the other hand, a dis-
continuity in mass injection may be expected to exhibit a more gradual effect
on the heating and persist further downstream. Over the relatively short
length of the sensor the inference is that perturbations in the convective
heating distribution associated with the non-isothermal wall must be carefully
considered while the influence of a discontinuity in mass injection is of less-
er importance. The surface reactivity discontinuity is critical in that it
affects the rate of oxidation of the sensor surface and thus must be accounted
for in evaluating surface combustion and calorimeter protrusion.
It is desirable to obtain a qualitative understanding of the way abrupt changes
in the boundary conditions influence the heat transfer. This can be best
achieved by examining the history of the boundary layer and considering the
effect of events upstream on the total enthalpy, velocity and concentration
profiles. Consider the surface distribution of enthalpy, elemental mass con-
centration and blowing. Upstream, where the surface conditions are constant,
(or similar in the case of mass injection) the three profiles have similar
shapes with their respective slopes at the wall being proportional to the
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heat transfer, skin friction, and diffusional flux of the elements. If the
surface conditions decrease in the flow direction the profiles will be stretch-
ed with an attendant rise in their surface gradient. Consider_ for example,
a step change in surface enthalpy. The downstream decay of the enthalpy pro-
file is indicated in the following sketch:
i J/ii II
//// /4
I I
Initially the enthalpy gradient and hence the heat transfer are infinite*, de-
caying exponentially to an undisturbed value corresponding to the new surface
condition far downstream. A similar phenomenon occurs with the cessation of
surface injection; in this situation there is a downstream increase in the
convective heating associated with the redistribution of the momentum and con-
centration gradients.
* The occurrence of an infinite heating rate is analogous to the situation
existing at the leading edge of an isothermal flat plate. Since the tempera-
ture gradient is infinite immediately downstream of the discontinuity bound-
ary layer theory is invalid. Fortunately, it is known that this region may
be neglected and boundary layer analyses become applicable a short distance
downstream. In any case, the condition of a step change in temperature is
physically unrealistic but does provide an applicable model when dealing with
the abrupt changes.
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It is evident from these considerations that streamwise variations in the
boundary conditions have a profound influence on the slope of the profiles
and consequently on the heat transfer, skin friction, and surface combustion.
Evaluation of the pertinent fluxes, therefore, becomes a matter of solving
the boundary layer equations in the streamwise direction. Conditions of this
type preclude the use of the usual similarity transformations which yield
easily solvable ordinary differential equations and recourse must be made to
approximate analyses typified by integral solutions or to exact solutions
using finite difference techniques. The integral technique is selected here
as it readily yields reasonably reliable results as compared to the expensive
and time consuming methods associated with the exact solution.
In order to show how the various interaction phenomena are accounted for it
is necessary to examine the pertinent energy equations. Following the pro-
cedure outlined in Ref. 3.1 an energy balance at the surface of a charring
ablator yields
(3.l)
where all terms are evaluated at the wall condition and the subscripts p and
c refer, respectively, to the gaseous pyrolysis products and the solid char.
The summations are carried out over all species in the gas at the wall. This
relation is equally valid when applied to either the upstream ablator or to
0o -)p = ifa downstream calorimeter (in which case is zero and _')w O°_c
carbon is present at the surface). It is now desirable to express the con-
vective portion of the heat flux in terms of the conventional heat transfer
coefficient defined by
(3.2)
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For the upstream ablator, it is now assumed that
I) Le : Pr : i
2) Similarity exists between elemental concentration and total enthalpy,
-
Then it is possible to rewrite the surface energy balance in the following
convenient form,
The importance of this relation is that the convective heating is determined
by the air enthalpy potential independent of wall species concentration. In
order to achieve a tractable boundary layer analysis it is assumed that Eq.
(3.h) is also applicable for the downstream region. The validity of this
assumption is questionable, since physically it would be expected that heat
transfer would be a strong function of the wall species concentration. (Fol-
lowing the discontinuity in mass injection, the concentration profiles of
such species as 02, N2, and CO will undergo a streamwise redistribution as the
pyrolysis gases diffuse away from the wall.) Eq. (3.h) is true downstream if
l) the injected species (from both pyrolysis and surface oxidation) can be
treated as being thermally identical to air or 2) the upstream pyrolysis pro-
ducts are no longer present (a condition satisfied far downstream).
Basic to the analysis is the assumption that each interaction may be treated
independently.* For the calorimeter surface, Eq. (3.h) may then be written as
(3.5)
The validity of this approximation is inferred from the coupled investiga-
tion of mass injection and non-isothermal wall presented in Section 3.1.2.2.
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whe re
H =
h/ho --
f =
B ! =
D
enthalpy based on air
downstream reduction in the heat transfer coefficients as a re-
sult of mass injection (represents a perturbed value of the
transpiration effect described in Appendix 2H)
correction to the enthalpy potential accounting for the non-
isothermal wall
mass injection parameter accounting for a discontinuous change
in surface reactivity
The relative effects of the different phenomena may be inferred from the con-
vective heating curves for a slug type calorimeter depicted in Fig. 3-2. The
unperturbed environment and the pertinent thermal and physical characteristics
of the calorimeter are representative of Apollo reentry. These parameters and
the methods necessary to generate the heating rates are delineated subsequent-
ly. The upper curve in Fig. 3-2 represents the convective heat which would
be transferred to the calorimeter in the absence of any interactions and for
a wall temperature identical to the ablator's. It is seen that mass injec-
tion drastically reduces the incident flux while wall temperature and sur-
face reactivity exhibit a less significant influence. The effect of surface
protrusion is not considered. Subsequently it will be shown that the trans-
piration effect has decayed very little from its upstream value. Thus the
implication of Fig. 3-2 is that the calorimeter and surrounding heat shield
_xperience very nearly the same convective heating.
A review of the effect of protuberances on the boundary layer characteristics
and associated local heating was presented in Appendix 21. It may be con-
cluded from that review that i) insufficient information is available to pre-
dict the local interference factor (ratio of disturbed to undisturbed convec-
tion coefficient), 2) relatively small surface irregularities may signifi-
cantly alter the heating and 3) the simplest recourse is to experimentally
determine the interference factors. The scope of this study does not warrant
additional work in this area and therefore protuberance-boundary layer inter-
actions have been neglected. The methods and programs proposed here may be
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easily modified to account for the protruding sensor once the pertinent infor-
mation becomes available.
3.1.2 Prediction Techniques
The influence of streamwise variations in surface conditions on the down-
stream heat flux is considered in detail. The objective is to develop re-
alistic methods for predicting the heat transfer to a surface downstream of
an ablative heat shield. To this end,relations have been developed for predict-
ing the net heat flux to a non-isothermal surface with a step change in mass
injection and wall reactivity. The derivations of these methods are reviewed
in this section.
3.1.2.1 State of the Art
Pertinent information available in the literature is reviewed here. The in-
fluence of surface variations in blowing and wall temperature on the convec-
tive heating is considered. A lack of applicable information concerning the
effect of discontinuities in surface reactivity precludes its discussion.
Mass Injection Discontinuity
A considerable amount of information is available on the transpiration effect
for the region of continuous injection (see Appendix 2H). Investigations
dealing with regions downstream of a transpiring surface having zero or mark-
edly different blowing rates are limited both in number and by their approxi-
mations (Ref. 3.2 - 3.5). Generally the approach is to obtain an integral
solution of the laminar boundary layer equations for the zero pressure gradient
compressible flat plate case in which the boundary layer profiles are approx-
imated by polynomials beginning with known profiles at the discontinuity point.
The results from these works are compared in Fig. 3-3. Since the majority of
these studies solved only the momentum equation they are compared in terms of
the skin friction reduction (a reasonable approximation is to equate the re-
duction in the convective coefficient with that of the skin friction). The
more rigorous of these analyses are the finite difference solution of Ref. 3-5
and the modified Karman-Pohlhausen integral technique of Ref.3.2. The analy-
sis of Ref. 3.3 is selected for the present study since it is i) in good
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agreement with the more exact analyses), 2) easily applied to any blowing
rate, 3) applicable for turbulent flow and h) simply extended to the case
of finite downstream injection. Further comparison of the exact solution
and the results of Ref. 3.3 is afforded by Fig. 3-h where the reduction in
the convective coefficient is presented. The existence of the following re-
strictions in these results must be recognized and accounted for: l) iso-
thermal wall, 2) two-dimensional flow, 3) zero downstream injection, and
h) air injection.
Wall Temperature Discontinuity
A large body of information is available concerning the influence of a non-
isothermal wall on the laminar and turbulent convective heating. In general
these analyses have been restricted to zero pressure gradient, incompressible
flow. The results of the most pertinent of these are summarized here.
Ref. 3.6 presents methods for both laminar and turbulent flows and justifies
their use on the basis of comparison with an exact solution for the laminar
case and comparison with experimental data for the turbulent case. Experi-
mental data corroborating the turbulent theory for a step change in tempera-
ture may be found in Ref. 3.7. Of particular interest is the agreement be-
tween predicted and experimental results at locations just downstream of the
jump (X/Xo-_l.05). The inference is that boundary layer theory is valid in
these regions where the heating rate is tending to infinity.
The perturbation in the heat flux as a result of non-isothermal wall is given
by
(3.6)
In this equation h(x,_) is the convective coefficient existing at the loca-
tion x, where the surface is adiabatic upstream of position # and heated to
a constant temperature downstream. The integral portion is evaluated with-
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out taking into consideration any discontinuities in the wall temperature.
Such discontinuities, denoted by Tw(_+ ) downstream and Tw($-) upstream, are
accounted for by the summation expression with each discontinuity giving a
separate contribution to the local heat flux. The following expression for
the reduction in the local laminar heat transfer coefficient when the adia-
batic starting length is L was derived in Ref. 3.8 and 3.9 using an approxi-
mate integral techniques:
- _ (3.7)
For the turbulent case, Reynolds, et al (Ref. 3.7) assume one seventh power
velocity and temperature distributions to obtain a solution of the integral
energy equation. The result is
This solution is very similar to that obtained by Rubesin (Ref. 3.10). A
comparison of Eqs.(3.?)and(3.8)shows the non-isothermal wall effect to be
more pronounced for the laminar case.
It is sometimes more convenient to represent the non-isothermal effect as a
perturbation of the temperature or enthalpy potential. This is readily ac-
complished by rewriting Eq.(3.6)in the form
(3.9)
where
<,<iI @<",,,
For example, consider an aerodynamically heated flat plate with a single sur-
face temperature discontinuity (TWu-_Tw D at x = L). Then the perturbation
in the temperature potential is simply
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In applying these relations in the present study it is necessary to account
for I) mass injection, 2) compressibility, and 3) pressure gradient.
3.1.2.2 Technique Development
The previous discussion reviewed the currently available means of accounting
for the influence of streamwise variations in surface blowing and wall tem-
perature on the convective heating. The limitations of these methods were
delineated. Extension of these methods for application in the situation of
interest is considered here and the effects of compressibility and pressure
gradient are accounted for by repeating the aforementioned analyses using the
transformed, hypersonic boundary layer equations. Relations for predicting
the effect of mass transfer cooling on the downstream heat transfer are de-
veloped which account for downstream injection. The degree of coupling be-
tween the discontinuous mass injection and non-isothermal wall effects is
determined in assessment of the error incurred in neglecting interactions.
The influence of a discontinuous change in surface reactivity on surface com-
bustion rates is examined and approximate means to account for this effect
are developed. The methods are applicable for both laminar and turbulent
flow.
The analysis begins by specifying the boundary layer equations and appropri-
ate boundary conditions. Solutions are then obtained by extending analyses
and results in the literature. Finally, these solutions are applied for the
sensor configurations of interest and relatively simple, closed-form relations
for evaluation of sensor heat flux are described.
Governing Relations
The hypersonic boundary layer equations and their transformation to the in-
compressible form are well known. (The notation of Chung (Refs.(3.11)and
(3.12)is used here.) They are
J-ll
LOCKHEED MISSILES & SPACE COMPANY
Continuity
Momentum
Energy
_LL/O.5" ÷ aW/cg_ --O (3.1o)
(3.1i)
(3.12)
Continuity of
elemental species 6/ c)_'/_9_7 , P" c9_/c9g -- _)eo aa'/_/atz (3.13)
where
Co o
In obtaining these equations the following important assumptions were made,
l) Le = Pr = 1
2) The boundary layer is highly cooled (pressure gradient term in
momentum equations can be neglected.
3) ,,p/4 independent of y
These relations are equally valid for both laminar and turbulent flow if it
is understood that for a turbulent boundary layer the equations are written
in terms of the mean flow properties and that the turbulent transport co-
efficients (Reynolds terms) are included in the Prandtl and Lewis number (see
Ref. 3.13).
For convenience in this investigation it will be assumed the turbulent boundary
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laver equations for zero pressure Gradient flow are applicable for blunt bodies.
There is considerable justification for this since it is well known that flat
plate solutions adequately depict the boundary layer characteristics over blunt
bodies providing local boundary layer edge properties are used (see Ref. 3.13).
It will be seen that this approximation makes the present analysis considera-
Accordingly, for turbulent flow, Eq.(3.1h)may be re-bly more tractable.
written as
s = d'gge X
co -- = e
The boundary conditions to be studied are:
at t = 0
U = 0
v = vw : v (s)
I = _.ru = constant
N _ U
K. = K. = constant
U
v : vw : v(s)
I = _D= I(s) I
O = _i(s )
_i : iwD
at t =
for s < s
o
for s _ s
o
(3.15)
(3.16)
U = I = 1 (3.17)
(K IN 767)Kl" : _Ki o = 0.233, = O.
e e e
These discontinuous boundary conditions preclude an exact solution of the
boundary layer equations except possibly through a laborious finite difference
method. Approximate solutions may be obtained, however, if suitable assump-
tions, particularly with respect to the boundary conditions, are made. These
solutions and associated approximations are presented in the following sections.
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Mass In0ection Discontinuit 7
The influence of a step change in mass injection on the downstream heat trans-
fer is analyzed using the method of Ref. 3.3. Only the case of air injection
is considered. The procedure involves solving the momentum integral equation
by approximating the growth of the integral thickness downstream of the dis-
continuity with a quadratic in terms of the reciprocal of the distance. The
constants in the quadratic are determined by specifying the surface condition
and integral thickness (skin friction and momentum thickness) at the point of
discontinuity and at an infinite distance downstream. The assumptions of i)
a constant wall temperature and 2) similarity mass injection (mass injection
rate is proportional to the non-blowing heat transfer coefficient) are made.
The final solution yields the downstream heat transfer or skin friction once
the mass injection rates and their influence on the heat transfer for the sit-
uation of continuous, similarity injection are known.
Analys is :
Under the assumption of a constant wall enthalpy the momentum and energy equa-
tions and their respective boundary conditions are identical and Reynolds anal-
ogy is valid,
(3.18)
Therefore, it is only necessary to deal with the momentum and continuity equa-
tions. Integrating the momentum equation across the boundary layer yields
the gon Karman integral equation,
a"s
where
transformed shear stress
momentum thickness
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Physically,
-_._o _u_ r c
The integral equation assumes the following forms for the various regions of
interest :
For s_s
0
="_w.+ _ (_)
For s_s
o
=_÷_
for VW = 0
_/,_'._= _wo
The integral thickness is now expressed by,
where the boundary" conditions are specified as follows:
1.
(3.23)
(3.2h)
(3.25)
at the point of discontinuity in mass transfer, So/S : I, the
momentum thickness and skin friction are continuous:
, far downstream, So/S = O, the influence of the upstream blowing can
be neglected :
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(The boundary layer behaves as if the downstream similar injection existed
from the stagnation poinh) It should be noted that the assumption of continuous
wall shear at the point of discontinuity is questionable; the finite difference
solution of Ref. 3.5 showed a distinct but small jump in skin friction. Th_s
relatively minor jump in the wall shear suggests that Eq. (3.26) should be re-
sonable accurate at least for moderate blowing rates.
Substituting Eqs. (3.2h) and (3.25) into Eq. (3.23) yields the following ex-
pressions for the downstream skin friction:
(3.28)
where
blowing parameter
8=
_cu o
flow parameter
0- = Oo/S
The boundary conditions now can be written as,
at So/S = I
(0/0°) =_+_+cu
(3.29)
(3.30)
(3.31)
at So/S = 0
+g (1--20-) (3.32)
(3.33)
Eq. (3.33) is satisfied and Eq. (3.31) can be put into a more usable form
under the assumption of similar injection. With similar injection
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oc L_o
(3.34)
and the following approximation is reasonable:
Then from Eqs. (3.19) and (3.24),
(3.35)
:(Z_.o _-8) (3.36)
Therefore Eq. (3.31) can be rewritten as,
(3.37)
(_ + 8)_ _ +_ + c
The constants a, b, and e, are now obtained from Eqs. (3.32), (3.33), and
(3.37), and then substituted into Eq. (3.28) to yield the final expression for
the downstream skin friction,
______ _D_
Reynolds analogy yields
Z'_o _ (3.39)
and from Eqs. (3.21) and (3.29) the blowing parameter can be written,
8 = o_- (3.4o)
The flow parameter is easily determined, since
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where
Eq. (3.2h) yields,
(3._2)
Finally,l,,_o] l II--_-- =I' % 1+DEq'--_(3"38)D_smay/--(7"bewritten)l_z '_ in)I--)D] I)(U- _'the4f°rm4- _L__u _ D-') _ -/--<-W)_}(3.44)
_ So /-±
u
h t t ontlnuousEq. (3.4_) relates local downstr a " similar
blowing solutions upstream and far downstream. The heat transfer reduction
for similar mass injection into the laminar and turbulent boundary layer is
discussed in Appendix 2H. In applying _hese results to the present problem
it is assumed that the foreign gas correction is still valid. The heat trans-
fer reduction for similar injection is presented in Fig. 2-66 as a function
of the modified injection parameter.
Typical laminar and turbulent convection coefficient distributions downstream
of a transpiring surface are presented in Fig. 3-5. In this figure the rate
of upstream injection corresponds to quasi-steady ablation of the assumed
Apollo heat shield material. The finite downstream mass transfer rate cor-
responds to diffusion controlled carbon oxidation. It is seen that the local
effect of mass injection may differ substantially from the upstream effect,
depending on distance from the discontinuity. For locations close to the
discontinuity the changes are small. The physical situation of interest in
this study illustrates this point. For example, consider a graphite sensor
of radius 0.27" located at the Apollo geometric centerline. The transformed
surface distance ratio is found to be
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Ss/S 0
laminar: 1.O15
turbulent: 1.0044
Evaluation of the transpiration effect yields the following table:
h/ho
Upstream
Downstream, B' D = 0.175
Downstream, B' D = 0
laminar turbulent
0.693 0.730
0.6952 0.7342
0.6957 0.7364
Evidently, for distance ratios very close to one, the effect of downstream
injection can be neglected, and in fact very little error will be incurred
if the upstream heat transfer reduction is used for the sensor.
Wall Temperature Discontinuit 7
In the following section an approximate solution of the transformed energy
equation for laminar flow is used to extend the non-isothermal relations
(Eqs. 3.7 - 3.9) to two-dimensional or axisymmetric bodies, with an arbitrary
wall enthalpy distribution, accounting for upstream mass injection and com-
pressible flow. The analysis is strictly applicable only for the laminar
boundary layer. A simple analogy using Eqs. (3.7) and (3.8) will be used to
obtain a turbulent expression. The effect of the injectant being different
from air will be neglected in this analysis, an assumption commensuarte with
basing the _nthalpy potential on the free stream species.
Analysis:
Consider the transformed energy equation,
u v =aS _ ag _
with the following boundary conditions:
for
I --It_dv = C OA/JTR/IIT
V- Vb_,U
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for _ _ S o ) _ -- O
Z" _ I_._ D _- COA/-_Z'/?A./T
Y-- 0
For the situation of an unheated upstream section:
for _ _vo : Ix /
for $ _So (3._8)
Now suppose a solution of the form
(3.L9)
can be obtained, where
? o..0)=o (3.5o)
Then, because the energy equation is linear in total enthalpy, various solutions
may be superimposed to satisfy desired boundary conditions. Therefore, once
the solution for a single step change is obtained, it is relatively easy to
extend it to the general case.
For a step change from I tol_ v at the stagnation point andf_ u to l_at s the
o
appropriate solution which satisfies both the boundary conditions (Eqs. 3.26
and 3.27) and the energy equation is of the form,
For the upstream surface, _(s,t,O) is found from the Crocco relation. Since
the wall enthalpy is constant, the momentum and energy equations and their
respective boundary conditions are identical, therefore,
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The downstream enthalpy profile is found from the solution of the homogen-
eous energy equation,
D5 DC _
(3.53)
The procedure is identical to that given in Ref. 3.4 for a surface tempera-
ture discontinuity in zero pressure gradient flow. The boundary layer
velocity profile is approximated by a linear profile having the correct
slope at the surface, _w ' where
D
and (L_Wo)D is given y _q. _.38). _The enthalpy profile is assumed
to be a function of a single parameter _,
With these substitutions the energy equation is reduced to a form readily
solved by separation of variables. The final solution as obtained in
Ref. 3.4 is given by
where
Since only air is being considered the heat transfer is proportional to the
enthalpy gradient at the wall, and Eq. (3.51) yields the following expres-
sion for the influence of a wall enthalpy discontinuity on the downstream
heat transfer:
7'( dr (3.57)
I
-dr
or substituting Eqs. (3.52) and (3.55) gives
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i- .Z'_uD
(3.58)
where
(3.59)
Differentiating Eq. (3.56) and substituting yields
,_ -i. rs ,_ .,-,./'._
Xi/X, o< _
(3.60)
This equation is analogous to Eq. (3.6) where the right hand term in the num-
erator is identifiable as the heat transfer coefficient ratio expressed in
Eqs. (3.7) and (3.8):
F°)-Lt_°/"t _ lJ _:
They become mathematically identical for the case of laminar flow with zero
injection. Since the transformed boundary layer equations are identical to
those for incompressible, flat plate flow the unperturbed shear stress may be
obtained from the Blasius solution:
_a--0" 332(7_° "T)-"/'z (3.62)
Substitution of Eqs. (3.5&) and (3.62) _nto (3.61) yields
!
Note now that for zero mass injection E_. (3.63) becomes
(3.63)
(3.6_)
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which is almost identical to Eq. (3.77).
The assumption of a linear velocity profile for the turbulent boundary layer
is too severe an approximation to yield a valid solution. The procedure used
here is to assume that the turbulent non-isothermal effect can be obtained
from a relation of the same form as Eq. (3.61), this laminar expression is
modified in such a manner as to yield Eq. (3.8) when the mass injection rate
is zero. Accordingly, it is assumed that for turbulent flow
- _-'_ F_ _cs "-'_-I -'/_
where C will be determined by comparing Eqs. (3.65) and (3.8) for zero mass
injection. As with the laminar case the unperturbed, skin friction relation
is used to make Eq. (3.65) more tractable. The turbulent pipe flow equation
is known to satisfactorily predict the skin friction or heat transfer distri-
bution on blunt bodies. Therefore the skin friction is given by
2 --_o_9_ (3.66)
or substituting Eqs. (3.15) and (3.21) and assuming a compressibility factor
of unity (Co = I) yields
Substituting Eq. (3.67) into (3.65) gives
(3.68)
For zero mass injection,
(3.69)
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Therefore, to be consistent with Eq. (3.8)
(3.7O)
g_= I/Z
The final expressions for the heat transfer downstream of the step change in
temperature with upstream mass injection are given by Eq. (3.60) in conjunc--
tion with Eqs. (3.63) for laminar flow and (3.68) for turbulent flow. These
may be rewritten in the following form:
1--_2-m,,D
where
(3.71)
(3.72)
. ,.,-,_,&[ ._,_o. ) l#_ -'/'
{_/mo)'_-]e_ (3.73)
These equations are easily extended to the situation of an arbitrary down-
stream wall enthalpy distribution. Eq. (3.51) for the boundary layer enthalpy
may be rewritten in the follow_g form for an arbitrary number, r, of surface
temperature discontinuities,
j=l _ I t
Again, this is permissible since the homogeneous energy equation is linear in
enthalpy.
as r_c2_
3-2b
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since
laminar flow . , /
it can be sh°wn that f°r _'Z_/z _ _f'_ ['_yd,5_...
= ! k l" (3.76)
(where s is the variable of integration)whlch is consistent with Eqs. (3.7)
a
and (3.60). Therefore, following the same procedure as given previously for
a single discontinuity yields the following expressions for the downstream
heat transfer with an arbitrary wall enthalpy,
where
where
o_$ = I -.Z'_z_
rr"Jl.,'/.,,.L%
fez f '/z y,r
(3.77)
(3.78)
(3.79)
It is apparent that the maximum non-isothermal influence occurs under the sit-
uation of a wall enthalpy jump. Accordingly, the influence of a step change
in wall enthalpy on the downstream heat transfer with the presence of upstream
mass injection is shown in Fig. 3-6. The f' function is presented for both
laminar and turbulent flow with zero mass injection and for the blowing sit-
uation used in Fig. 3-5 (B' = .643, B' = .175) As mentioned previously the
u D "
non-isothermal effect increases rapidly as the position of the discontinuity
is approached; the effect being enhanced in laminar flow. Neglecting down-
stream mass injection yields a laminar value of f' = 5.1 for the distance
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ratio of interest in this study (s/so _ 1.015). It is noteworthy that the
net influence on the convective heating for the slug calorimeter is still
relatively minor since the enthalpy jump is small compared to the enthalpy
potential; this is evidenced in the comparison of the various interactions
presented in Fig. 3-2. Upstream blowing is found to increase the laminar
non-isothermal effect by about 20%, the effect is somewhat less for turbu-
lent flow. The effect of downstream injection is incorporated in the
theory by accounting for it in the transpiration effect. Subsequent analyses
will show that the non-isothermal effect significantly influences interpreta-
tion of the asymptotic calorimeter data. Therefore in this situation the
influence of mass injection may become important.
Surface Reactivity Discontinuity
The influence of a discontinuous change of surface reactivity on surface
combustion rates is examined here. The governing relations are given by
Eqs. (3.10) through (3.17). A solution may be determined following the
procedure described by Chung (Ref. 3.12) for the analogous problem of
surface recombination in the frozen dissociated boundary layer. However,
this type of solution is extremely cumbersome. An alternate and more
approximate approach is taken here. In particular, the following two
limit solutions will be obtained.
A. The reaction rate constant downstream of the discontinuity is
infinite. Combustion is limited by the diffusion rate of oxygen
to the surface. This assumption will provide an upper limit on
the surface combustion rate.
B. The downstream reaction rate constant is assumed to be zero in
order to determine the maximum local wall concentration of oxygen.
Then the finite reaction rate equation is used to compute surface
oxidation rate. This solution also provides an upper limit on
the combustion rate.
Of the two solutions, the one yielding the lowest value provides the more
realistic result.
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Boundary Conditions
The surface boundary conditions which will be used in investigating the down-
stream combustion rate are
for t = O:
M=O
for s_s
O
Z"=.Z"u ., _ coF_r'/e_
_= gu., co_u'ea,_es
for s_s
o
(3.8o)
(3.81)
(3.82)
The oxygen concentration at the wall is determined by imposing a kinetic
equation describing reaction rates
(3.83)
To implement Eq. 3.83 for the downstream region, it is necessary to relate
the concentration of oxygen to the elemental concentrations. This is readily
accomplished by neglecting the presence of pyrolysis gases. Then, consider-
ing only the char-oxygen reaction,
cs _ ,_ __ _"o (3.82)
yields the following conservation statements for a carbon-air system
* The consequences of neglecting the discontinuity in surface injection, may
be inferred from the non-isothermal wall analysis. Since it was shown that a
discontinuity in mass injection had a relatively small effect on the influence
of a step change in wall enthalpy and since the enthalpy and species conserva-
tion equations are similar, it is reasonable to neglect this effect in analyz-
ing a discontinuity in wall concentration.
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(3.85)
(3.86)
(3.87)
At the wall, the species present are 02, CO, and N 2.
siderations,
(3.88)
From stoichiometric con-
Me _ (3.89)
It is evident from Eqs. (3.13), (3.8?), (3.88) and the boundary conditions
that the elemental concentration distributions for oxygen and nitrogen are
similar. That is
(3.90)
Then, from (3.85), (3.89) and (3.90)
,Z/D /_ ./.
The surface concentration may be conveniently related to the mass transfer
parameter
(3.92)8"-
by noting the similarity between elemental concentration and total e_thalpy,
Eq. (3.3) or
•
,3I/a 5" _.7 / -I_ (3.93)
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Then, the upstream concentration of oxygen is determined from
To be consistent with neglecting the pyrolysis gases and to yield a conserva-
tive value for the oxygen concentration it is appropriate to use
¢  onu (3.95)
which has a maximum value of .174 corresponding to the familar diffusion-
limited result.
Case A: k =
Downstream of the discontinuity, since k =_ , it may be seen from Eq. (3.83)
that
Thus, from Eqs. (3.85), (3.89), and (3.90)
Therefore, the downstream wall concentration of oxygen is constant.
(3.96)
The solution of the species continuity equation for oxygen with a step change
in wall concentration is analogous to the solution of the energy equation for
a jump in wall enthalpy. Therefore, Eq. (3.51) for the downstream enthalpy
is also applicable for the concentration, i.e.
(3.97)
or
where f' is given by Eq_. (3.72) and (3.?3) for h/h ° = 1.
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Eq. (3.98) may be conveniently rewritten in terms of the mass transfer para-
meter by substituting Eqs. (3.21), (3.85), (3.87), and (3.93), and the defini-
tion of the isothermal heat transfer coefficient:
/ - ,2"_ ,J°_ o
(3.99)
The final result for the downstream distribution of the surface oxidation is
then
where
Case B: k = O
(3.lOO)
(3.ioi)
(3.1o2)
Downstream of the discontinuity, since k = O, from Eqs. (3.83) and (3.87), it
is seen that
) (3.1o3)
_=O-- a_
Again, the solution of the species equation is analogous to the solution of
the energy equation but now for an arbitrary downstream distribution of en-
thalpy or concentration. The applicable solution is given by Eq. (3.77) or
ColW'7"ITNT"
(3.1oh)
where f is given by Eqs. (3.78) and (3.79) for h/h = 1
O
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Therefore, substituting Eq. (3.103) yields the following expression for the
downstream distribyion of oxygen concentration:
A method of integration is outlined in Ref.(3.h). The final result is
where the incomplete Beta function is defined as
,-=joz I-/
from Eqs. (3.83) and (3.91), the surface combustion rate may now be evaluated
using
The solution for Cases A and B (Ec s. (3.100) and (3.107) together wJ.th auxil-
iary relations provide two alternative upper limits for surface combustion.
A qualitative comparison of these solutions with actual behavior is shown in
Fig. 3-7. Of these solutions, that of Eq. (3.100) is presently the more im-
portant. It provides a realistic upper limit when the surface combustion ef-
fect contributes significantly to heat transfer. It may be conveniently used
since the functions required are relatively simple and are used elsewhere (in
evaluating the wall temperature discontinuity effect).
The result of Eq. (3.107) provides a rough approximation to the surface com-
bustion rate for s/s ° close to unity. For s/s ° somewhat larger than unity
it does not do very well. It requires tabulated values of the incomplete
Beta function and thus cannot be directly applied. The result of Eq. (3.107)
could be replaced by a more conservative limit (the asymptotic form of Eq.
(3.107) as S/So-_-oo, i.e. _o = Koe = 0.233)
w
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Specifically
I .l (3.108)
Eq. (3.107) is useful when surface combustion rates are not very large. It
therefore seems that the more conservative Eq. (3.108) could be used instead
without significant error. The results would be affected as shown in Fig. 3-8.
For the present purposes Eqs. (3.100) and (3.108) will be utilized. In appli-
cation, for any given time (_V)c is computed by both equations and the smaller
of the two solutions used as an upper limit.
Calorimeter Heat Flux
The physical characteristics of representative slug type and asymptotic heat
flux gages are shown in Fig. 3-9. The relative dimensions of the different
elements are roughly to scale. The surface distribution in enthalpy, mass
injection, and surface reactivity to be considered are indicated. Streamwise
variations indicated by the dotted lines are probably more representative of
the physical situation. Solid lines indicate the distributions employed in
the present analysis to enable a tractable solution. The ramp temperature de-
crease across the insulation ring for the case of a slug calorimeter is car-
ried into the analysis although it is evident that a step change is a valid
approximation. This more complex temperature variation is employed initially
to demonstrate the general technique involved in the non-isothermal correc-
tion.
The local convective heat transfer to the calorimeter surface is given by
where
h/h ° = downstream reduction in the heat transfer coefficient
as a result of mass injection
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(Ho-%)-f-- enthalpy potential based on air properties for the
downstream heat transfer accounting for the non-
isothermal wall effect
hB' Qc = heat transfer due to surface combustion including
the effect of a discontinuity in surface reactivity.
Evaluation of the sensor response requires that alternate forms of Eq.(3.109)
be applied to the particular configurations of interest. For the case of the
slug type gage, since the sensor may be considered isothermal, determination
of the temperature response requires specifying only the average heat flux.
The asymptotic calorimeter response, represented by the temperature differen-
tial between the disk center and edge, must be computed usinglocal values of the
heat flux. In applying Eq. (3.109), the analysis is considerably simplified
if the following approximations are made:
i) coupling between the interaction phenomena is negligible. (Validity of
this is inferred from the previous analysis which indicated that discon-
tinuous mass injection exerts only a minor influence on the non-isotherm-
al wall correction.)
2) The sensor dimensions are small compared to the surface distance from
the stagnation point.
In the following section the pertinent convective heat flux expressions for
the slug type and asymptotic calorimeters are developed.
Slug Calorimeter
Subsequent calaculations will show that the surface enthalpy distribution for
the slug calorimeter is typified by a ramp decrease across the insulation ring,
followed by a constant value on the guard with a step change at the sensor
guard interface. The surface reactivity and blowing rate are approximated by
a single step change.
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The average heat transfer to the sensor surface is given by
S ( .llO)
Consistent with the above approximations (I and 2) it is possible to rewrite
Eq. (3.109) as
where ho(h/ho) is evaluated at Ss/S ° (the distance ratio: calorimeter center
to edge), The sensor non-isothermal correction along any streamwise strip
may be expressed in the f_r_n
whe re
• "_/So,
Laminar: 3//s
2-=
Turbulent: 9/10
(3.113)
Laminar: - 1/3---- Turbulent: - 1/9
It is understood that the wall enthalpies are based on air.
Further simplification is achieved if
'.:_ (the calorimeter dimensions are
/
small compared to its locatien)
(3.ll_)
and noting that then
/ (that thickness of the insulation
, {- _ / ring is small compared to the
_-- guard's; less than 1/3 for the
present configuration)
Then / , _ • .,8
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It is evident that under these assumptions the ramp enthalpy decrease is re-
duced to a step-change. The analysis is made more tractable if the trans-
formed coordinate is expressed as an analytic function of the surface distance.
Over the relatively short surface distances associated with the sensor the re-
lationship is adequately represented by,
In the laminar boundary layer case, the constants N and d are evaluated local-
ly using the transformed coordinate distribution given in Fig. 2H-6 for the
Apollo vehicle along the plane of symmetry. For turbulent flow: N = I, d = 0.
The average non-isothermal effect for the sensor may now be obtained by sub-
stituting Eqs. (3.115) and (3.116) into (3.110). A number of approximations,
such as Eq. (3.11h) are required to perform the integration; in particular
it is assumed the sensor diameter is small compared to the guard's in eval-
uating the effect of the ramp temperature distribution. The final result is
given by Eq. (3.117).
There are two expressions for B' D.
.,_+3
Eq. (3.100), corresponding to an infinite
reaction rate, is of the same form as the non-isothermal correction, Eq. (3.115)
i.e.
/
(3.118)
,t"o_,s
where _ and _ are evaluated from Eqs. (3.96) and (3.9h) respectively.
O O
W W
S U
The other limit solution is given by Eq. (3.108) which, since it is invariant
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with distance, is directly applicable
(3.120)
Both Eqs. (3.119) and (3.120) are to be evaluated, with the smaller combus-
tion rate being used in the analysis.
Therefore, once the unperturbed heat transfer, upstream surface conditions,
and the local pressure are known, Eq. (3.110) in conjunction with Eqs. (3.&L),
(3.117), (3.119), and (3.120) are sufficient to determine the average heating
rate to the sensor.
The average heat transfer to the graphite guard is evaluated in the same manner
as for the sensor. The non-isothermal problem is considerably simplified if
the influence of the sensor is neglected. This approximation is justified
noting that the sensor to guard area ratio is about _ and the influence of the
upstream and downstream temperature discontinuities associated with the sen-
sor tend to cancel each other. The correction for the non-isothermal effect
for the guard is therefore given by
Similarly the combustion rate for the guard is given by ._ _
,-.l
(3.121)
(3.122)
and for the other limit solution by Eq. (3.120).
The following auxiliary equations are required to supplement the analysis:
l) the heat of formation of carbon is determined using the correlation
equation
37_'8 + 0./J' 7" ,6'7"_8 (3.123)
/
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2) the oxidation rate constant is
:
= I.74_ X I0 FY 2.j.__C_TJl _i'.z
Li/ = zoo °m
(3.12 )
Asymptotic Calorimeter
Consideration of the thermal properties of the foil disk and high thermal capa-
city of the calorimeter body indicates that the sensor temperature will be con-
siderably lower than the ablator's or the guard's. Therefore, it is consis-
tent to represent the streamwise variation in surface enthalpy by a single step
change followed by a distorted parabolic temperature variation across the sen-
sor surface. (The distortion in the surface temperature results from the rap-
id decay in the heat transfer coefficient following a discontinuity in wall
enthalpy.) A step change in blowing is also present but the downstream surface
erosion is zero. Therefore, the local convective heating to the sensor is
given by
Correct interpretation of the calorimeter output requires that the radial tem-
perature difference be expressed as a function of the convective heating. Only
the non-isothermal effect need be studied, assuming a constant heat transfer
coefficient.
For the prescribed enthalpy distribution the non-isothermal effect may be
written in the following form (see Eq. (3.9) and Fig. 3-9)*:
(3.126)
The non-isothermal and transpiration are uncoupled to permit a tractable
analysis although their interaction may be significant.
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The first term on the right hand side represents the effect of the step change
while the second term accounts for the local sensor temperature variation. It
will now be shown that the latter effect is generally negligible compared to
the former. Consider for the moment a similar one dimensional case where the
sensor enthalpy profile is undisturbed by the upstream discontinuity and re-
presentable by the parabolic profile (see Section 3.2.2):
(3.127)
Differentiating Eq. (3.127) and substituting into Eq. (3.126) and noting
that R/x_l yields,
where
r=X-_z
(3.128)
For comparison purposes the average value of f across the sensor is eval-
S
uated.
or
(3.129)
(3.13o)
where
or
4
A = O. 6O
O.bd'/ {2"ZZ.6"Zd_MV2"1
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The second term within the brackets of Eq. (3.130) reflects the effects of the
parabolic temperature distribution whereas the first term accounts for the
step change at the leading edge. It is apparent for the situation where
- <</
--//z
that only the step change need be considered in evaluating the convective
heating.
Therefore, the local convective heating to an asymptotic sensor is given by
+ _ _ (3.131)
where the transpiration effect is evaluated at the center of sensor using
Eq. (3.h_).
3.2 CALORIMETER PERFORMANCE
Consideration is given here to two types of calorimeters which have found wide
application. These are the asymptotic and capacitance types. The function of
these gages is the measurement of the net heat transfer; they do not distinguish
the mechanism of heat transfer, be it radiative or convective.
Interpretation of calorimeter data requires an accurate accounting of all the
means of energy storage and transfer. In general, the net heat transfer to
the exposed surface is related to the calorimeter output (sensor temperature
measurement) by means of an energy balance on the system. The simplest rela-
tionship between the output, physical characteristics and the input heat flux
is illustrated in Fig. 3-10. Ideally the heat input to a slug calorimeter is
either stored in a constant temperature sink or reradiated. Additional energy
losses are not present and the thermocouple is assumed to read the true tem-
perature. Thermal and physical properties of the sensor are invariant and the
heating rate is independent of surface location. An energy balance on this sys-
tem yields the relation,
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The asymptotic calorimeter operates on a different principle, all of the in-
coming heat is assumed to flow radially through a thin surface disk to a con-
stant temperature sink at its edge. The ideal model assumes no other radia-
tion or conduction losses are present, the surface heating is invariant with
location, disk temperatures are constant in the axial direction, and zero con-
tact resistance exists at the sensor edge. In this situation, the differen-
tial temperature drop (center to edge) is directly related to the heat input
through the expression,
In actual applications of these devices perturbations in these idealized models
will occur. The extent of the deviation is dependent on the particular physi-
cal characteristics of the meter and on the thermal environment to which it is
exposed. Accordingly, most calorimeters are designed in such a manner as to
correspond as closely as possible to the aforementioned models. Even so, rarely
will the final meter design or the thermal environment be such as to eliminate
all possible errors and thus means of accounting for the perturbing effects
must be developed to reduce the calorimeter data.
In the present study interest is centered on the slug and asymptotic designs
shown in Fig. 3-11*. The objective is to develop means for accurately reducing
These designs are not necessarily current but are those applied at the
initiation of the study. A modified design for the slug calorimeter has
also been examined and is discussed in a separate memo.
Slug calorimeter: "Calorimeter Heat Transfer Study", Drwg. No. 1DO15, High
Temperature Instruments Corp.
Asymptotic Calorimeter: Asymptotic Calorimeter Model: ll70", Drwg. No.
A-1902, Hy-Cal Engineering.
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Apollo type calorimeter data. Emphasis is placed on developing relatively sim-
ple analytical methods, accounting for all significant modes of energy storage
and transfer, which can be reliably used to evaluate the heat input-temperature
response relationship. The approach is to carefully study the thermal response
characteristics of the calorimeters for representative heating conditions. Ef-
fects which perturb the idealized models are delineated and means to account
for them are developed. A subsidiary task involves assessing the flux errors
attributable to the temperature measurement uncertainties associated with the
thermocouple installation. Finally a critique of the calorimeter designs is
made and suggestions are given as to their possible improvement. Because the
slug calorimeter is somewhat more complex, primary attention is focused on this
type.
3.2.1 Slug Calorimeter
Slug calorimeters afford a convenient means of making meaningful heat flux
measurements for situations where a wide spectrum of heating rates and surface
temperatures are expected. Some of the advantages of this type of calorimeter
_hich make it uniquely qualified for Apollo forebody application are
• high heat rate capability
• transient heating capability
• structural integrity
• minimum disturbance of the homogeneity of the surrounding
thermal environment
The disadvantages of a slug calorimeter rest in obtaining a reliable interpre-
tation of the data. Rigorous reduction of the sensor temperature history re-
quires performing a detailed energy balance on the calorimeter assembly and
consequently involves lengthy and complex computational schemes. For example,
the following effects must be analytically described and accounted for if they
are present:
• conduction and radiation heat losses
• axial and radial temperature gradients
• surface erosion
• contact resistance
• thermocouple effects and errors
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Recourse is often made to experimental calibration with the intent of grossly
accounting for these effects. An alternate procedure is to examine in detail
the influence of each error source for the particular calorimeter and then in-
corporate those corrections which are pertinent into a simpler analytical model.
Determination of experimental calibration curves requires a comprehensive test
program. The thermal response characteristics of a particular calorimeter as-
sembly are dependent on both the instantaneous rate and past history of the
heating. Accordingly, the expected Apollo aerothermal environment would
have to be simulated, a difficult task.
Development of a simple two capacitance model for use in interpreting the cal-
orimeter data is persued in this study. Subsidiary objectives are to investi-
gate temperature measurement errors and to suggest possible design improvements.
First the effect of thermocouple-sensor interaction on the temperature measure-
ment accuracy is examined. Second, the thermal response characteristics of
the slug calorimeter shown in Fig. 3-11 are investigated in detail. Emphasis
is placed on determining the conduction and radiation losses and on assessing
the influence that the resulting axial and radial temperature gradients have
on the heat rate determination. Third, this information is employed in formu-
lating a simple data reduction model. The influence of surface erosion is ac-
counted for and a scheme for handling contact resistances is incorporated.
Finally calorimeter design features which would increase both the efficiency
and accuracy of the data reduction procedure are delineated.
Temperature Measurement Errors
Perturbations in the predicted calorimeter thermal response or conversely in
the reduced convection coefficients will arise as a result of temperature mea-
surement errors. Measurement uncertainties will be associated with t_rmo-
couple-sensor interactions, thermocouple calibration, the telemetry system,
etc., both random and ordered errors will occur. The identifiable sources of
error in the temperature measurement due to sensor-thermocouple interaction are:
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Cavity effect due to TC installation hole:
A hole drilled in the sensor wafer to receive the TC causes a local
hot spot at the point of TC temperature measurement; as such, the
surface flux inferred from the local temperature response is high.
Drawn-down effect due to TC lead-wire conduction:
If the TC lead wires are cooler than their junction, heat is con-
ducted away from the measurement location; this causes a local cold
spot and an underestimate of the inferred surface flux.
Uncertainty in junction location:
Errors in junction location lead to an overestimate or underestimate
of surface flux depending on whether the junction location is closer
or farther from the sensor surface than expected.
• Imperfect junction contact:
Poor junction contact results in underestimating surface heat flux.
The contribution each of these effects makes to the uncertainty in the mea-
sured temperature and consequently the heat flux is assessed in the following
section.
Geometry and Material Properties
The heat-flux sensor-thermocouple installation sketched below will be consid-
ered here. A central tungsten thermocouple is shown, although two symmetrically
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placed TC's are to be used. The TC junction is assumed to be buried halfway
in the sensor. The TC leads are of 3-mil diameter taken together, they are
considered to require a 6-mil diameter hole.
Nominal properties of ATJ graphite and tungsten are taken as follows:
Graphite (ATJ)
Tungsten
p(Ib/ft 3)
108
1210
cp (Btu/Ib-°F)
0.47
0.032
k (Btu/s ec-ft-° F)
o.oo583
0.0266
Og(ft 2/sec)
115 x 10 -6
668 x 10 -6
Cavity Effect
A bottom hole is drilled from the
back sensor surface to accept a tempera-
ture-monitoring TC. Due to material re-
moval, the temperature at point o will
be higher than at other surface locations on
C_VITf
,¢
the sensor. This perturbed temperature is registered by the TC and will re-
sult in an error in inferred surface heat flux q. The effect is altered by
inserting a TC. If the junction and lead wires do not completely fill the
cavity (with perfect contact) or if the TC is of low conductivity relative to
the wafer, then the disturbance is similar to that of a true cavity.
The cavity effect has been studied by Masters and Stein (Ref. 3.14) and later
by Beck and Hurwicz (Ref. 3.15). Both papers considered a semi-infinite solid
x O, containing an adiabatic cavity with either constant or time-varying sur-
face heat flux q(@). The latter paper determined that response times of cy-
lindrical cavities associated with typical TC installations (_i)) is
e -3os_il_.
It was also found that if the heat flux does not vary appreciably in this re-
sponse period (i.e., either slow variations in q or short @r with rapid varia-
tions in q), then steady-state results could be used to estimate the cavity
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disturbance even though q : q(@). For small g = D/2_ the steady state distur-
bance is (_-o-___D/_)=_/_g
where To is surface temperature directly above cavity (point O) and T is
surface temperature in absence of cavity (i.e.,AT = T - T is the absolute
o
surface disturbance). In the present case g = 0.003/0.03 = 0.I and/kT =
[0.i (0.O03/12)/2 x O.O05831 q = 0.00215 q. Thus, even if q were IO00 Btu/sec-
ft 2 the surface disturbance would only be of the order of 2°F.
d
The response time is @r = 30 (O.030)2/lhh x 0.000115 : 1.6 sec. This is not
low enough to be insignificant compared to characteristic times in q(@). As
such, the steady-state results of Ref. 3.15 are not strictly applicable. In
the transient state the disturbance for q = constant (Ref. 3.]5) is
where Fo =_@/_2. Fig. 3-12 shows the time variation in error e expressed as
a percentage. The maximum surface-temperature error (assuming constant q) is
seen to be less than I/IO percent; it reaches this peak within a fraction of a
second and thereafter slowly decays. If variable flux is considered, then ap-
proximately/kT = 0.00215 q. Since qmax is only of the order of I00, the surface
disturbance under variable flux is also negligible.
In summary, the cavity effect is not regarded as a major source of error for
the values of g in the present design. However, it is expected that actual sen-
sor fabrication will result in different cavity sizes. Three-mil TC wire is
very small to work with. If the cavity diameter increases, the associated cav-
ity error will increase.
Draw-DownEffect
The draw-down effect (cold spot) caused by conduction heat leak from the junc-
tion to cooled lead wires has been approximated by Burnett (Ref. 3.16). In this
investigation backface mounted thennocouples were considered. This model is
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therefore conservative with respect to the present study where the initial por-
tion of the thermocouple lead is contained within the sensor body. Application
of these results to the present configuration is shown in Fig. 3-12. Maximum
error can be -5% at very early times; at later times this error diminishes to
about -1%.
Junction Location Uncertainty
Errors in inferred surface heat flux have been studied by Chin (Ref. 3.17) for
a wall of finite thickness exposed to cosine pulse heat input. It is determined
from these results that for the subject calorimeter with a TC located 0.0055"
below the heated surface the maximum error in inferred surface heat rate (pulse
of iO0 sec) is e = O.OO1 qmax per mil. Thus, if qmax = lO0 Btu/sec-ft, the max-
imum error at qmax (i_e., @ = period/2) is O.1 Btu/sec-ft 2 per mil uncertainty
in the thermocouple junction depth location. If the TC can be placed only to
within llOmils then the maximum error in qmax is only _1%.
Additional Uncertainties
An accumulation of errors will be associated with poor junctions (electrical
and thermal), poor contact between junction and sensor, TC calibration, data
readout, temperature gradient determination, etc.,. These uncertainties are
not amenable to analytical interpretation, and for any particular sensor-
thermocouple system, statistical methods are the only recourse. Certainly,
they represent a major source of error.
Temperature Measurement Uncertainty
Excluding the undefined errors the following tabulation yields a band of un-
certainty for the heat flux measurement.
Cavity effect + 0.1% + 1.1%
Conduction error -1% Net =
- 2.0%
Location error + 1%
Conduction Solution
A detailed computer solution has been obtained for the thermal response of the
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complete sensor assembly. The solution accounts for radial geometry, variable
heat input, surface reradiation, variable material properties, and internal
radiation across gaps, shields, and between consecutive (stacked) sensors. In
this computation sensor-guard conduction interchange was neglected but radia-
tion interchange was accounted for.
Heat input for the study is shown in Fig. 3-13. These data are representative
of the Apollo forebody heating during entry along Trajectory 1. First order
procedures were used to account for effects of upstream mass injection, local
wall temperature discontinuity, and sensor surface mass injection.
Fig. 3-14 shows the geometry (to scale) of the calorimeter assembly. Location
of 49 nodel points are indicated for numerical simulation of the sensor assem-
bly. The LMSC ARBITRARY NODE TEMPERATURE PREDICTION PROGRAM (Ref. 3.18) was
used to perform the numerical calculation. This program affords an accurate
and efficient means of determining temperature distributions for complex shapes
composed of the isotropic materials with temperature dependent thermal proper-
ties. The problem is geometrically defined by employing a network of up to
15 by 15 arbitrarily placed nodes. Local temperatures are computed using an
explicit finite difference form of the Fourier heat diffusion equation. The
thermal properties data utilized in the calculation were obtained from Ref. 3.19.
To avoid excessive computation time for the present problem, the maximum-allow-
able finite difference time step was artificially increased by reducing conduc-
tivity of the graphite below its actual value. This results in overprediction
of the magnitude of temperature gradients within the graphite. As will be seen
the predicted gradients are small and hence the final results of the conduction
solution are not significantly affected.
Anticipated performance of the rhodium shields for back-face guarding of the
sensor is
(3.135)
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This represents steady-state heat loss from a system of n shields interposed
between two surfaces when all shields and surfaces are of equal emissivity .
Thermal guarding is thus proportional to 1/(n+l). A single shield reduces
heat loss to ½; three shields reduce it to _. The performance of a single
rhodium shield (C = O.1) between ATJ graphite (C= 0.8) and zirconia (_ = 0.6)
is indicated in Fig. 3-15. The axial heat loss ql is
where a = 1/g1 + 1/621 - I and b = 1/g 3 + 1/g23 -1. At 2000°F sensor tempera-
ture this amounts to only O.h5 Btu/sec-ft2; with three rhodium shields the heat
leak would be roughly O.1 Btu/sec-ft 2.
Fig. 3-16 shows the instantaneous surface temperature distributions along the
calorimeter assembly up to near peak heating (initial t_nperature uniform through-
out at lOO°F). Two calculation runs were performed, one for the actual case
of a guarded sensor and the other assuming perfect radial and axial guarding.
Several points are evident: the guarding is not perfect; heat leaks appear
starting at about 30 sec and become quite pronounced near peak heating. Sur-
face temperature of the avcoat sleeve is close to sensor surface temperature.
The zirconia retainer runs considerably cooler than the sensor itself.
Fig. 3-17 shows a tabulation of surface and in-depth material temperatures at
peak heating, @ = 60 sec. Radial and axial temperature drops in the sensor
are quite small. In this sense the ATJ graphite may be considered to reason-
ably behave as an isothermal heat sink. The underlying calorimeter assembly
(II) is well protected up to time of peak heating; the wafer temperature rise
in this period is only 10°F.
The intent in this study is the development of an efficient data reduction mo-
del. Therefore, it is of interest to perform an energy balance applying first
order data reduction procedures to the previously generated temperature history.
The reliability of the approximate methods can then be inferred from compari-
son of the reduced and original (Fig. 3-13) heat inputs. Sample data reduction
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was performed using temperature data from location (9) (Fig. 3-14) of the
first computer run (with heat leaks). The following tabulation gives results
of this analysis (9 in sec, q in Btu/sec-ft2):
@ qs ens qrerad qaxial qradial qnet qin_ut
5 o.41 o.o41 o.ooo o.ool 0.45 o.5
i0 1.19 0.053 0.000 0.006 1.25 1.0
15 2.42 0.088 0.001 0.022 2.53 2.8
20 2.93 0.165 0.002 0.063 3.16 3.7
25 2.75 0.258 0.003 0.116 3.13 2.5
30 3.28 0.381 0.005 0.189 3.86 4.3
35 4.44 0.473 0.008 0.211 5.13 4.5
40 6.79 0.923 o.o14 0.487 8.21 8.0
45 10.98 1.73 0.03 0.92 13,7 13.0
50 15.50 3.72 0.06 1.85 20.7 20.0
55 17.93 7.53 0.12 3.66 29.2 30.1
Sensible heat absorption in the sensor was calculated as qsens =pc _dT9/d@
using variable properties of ATJ. Flux reradiated to space was computed as
qrerad = _SB_ _ with _ = 0.8 for ATJ graphite. Axial and radial heat
leaks were treated as radiation losses using computed data at points (9) and
(33) (axial) and (2) and (3) (radial). The axial loss was independently
checked from the sensible temperature rise of point (33) in the zirconia
(treated as thermally thin). Net heat input is the sum of qsens plus losses.
This is seen to agree reasonably well with the assumed input of Fig. 3-13.
The comparison is plotted in Fig. 3-18.
It is noteworthy that the axial heat leak is negligible (0.12 agrees with
aforementioned prediction of shield performance which suggested an axial leak
of 0.1), while the radial leak is large, almost half of the surface reradia-
tion. Not included in the analysis is the effect of conduction heat losses
through the retaining tabs joining the sensor and guard. Unfortunately, the
conductance at the contacting surfaces cannot be accurately described without
recourse to experimentation. For the purpose of assessing the appropriate
influence of conduction heat losses, an average contact resistance over the
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complete side surface of I0 ft2sec°R/Btu was selected. Fig. 3-19 indicates by
a comparison the effect on the sensor element temperature history (pt 1). The
influence is significant causing a further departure from the ideal sensor re-
sponse (no radial losses).
The above analysis has considered in detail the thermal response characteris-
tics of a representative slug calorimeter. The results of this study are to
be used in formulating a simple but reliable data reduction model. In summary
this model must account for energy storage, radial heat losses (radiation and
conduction), and surface reradiation. Even for significant radial losses the
sensor temperature gradients are not too severe. This means reduction of the
sensor temperature data from a centrally located thermocouple will yield the
energy storage with reasonable accuracy. Axial heat losses may be neglected
for the present configuration.
Data Reduction Model
The previous results for the thermal response of the complete calorimeter were
obtained by a multi-node, finite difference integration of the conduction equ-
ation. Such a solution requires large digital computer times and hence the
utility of approximate representations of the conduction problem have been
examined. A two node network in which the capacitance of the sensor and gra-
phite guard are separately lumped evolved from this study. The system, which
is described below, enables a proper accounting for the major effects.
I I
I .PPG/
.S_"/IX.5"O._'
*?..vG
A thermal balance for either the guard or the sensor yields
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where a may refer to either the guard or the sensor with b denoting the
other element.
The capacitance is given by
_=_..p_o. C_' _---_-_ Q _:_'Q)
(3.138)
K is a correction for any additional capacitances or heat losses which
may be present. The integral accounts for the volume reduction resulting
from surface erosion.
The resistance may be written as
/ (3.139)
_SG is the radiation interchange factor which for two concentric cylinders
is given by
/ (3.14o)
+ !
RCs G denotes the contact resistance, accounting for the physical contact
made between two elements.
The net axial radiation from an element is evaluated using the relation
L
where i denotes axially located heat sinks (subsurface or freestream) with
respect to element a.
Finally, the environmental heating is given by
(3.142)
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and qsw are the convective heat flux and shock layer generated radiation,
respectively.
These relations were employed to determine the calorimeter response for the
environmental situation previously examined by the more exact method.
The only major energy exchange not accounted for in this energy balance is
the cnnduction loss to the zirconia insulator. Since this loss may be
treated as an equivalent capacitance, the guard capacitance was increased
accordingly. It was found that a 26% increase in the guard volume
(K = 1.26) properly accounted for this effect. The other pertinent physical
characteristics are given in Table 3-1. Corroboration of the two capacitance
model is achieved in Fig. 3-20 where close agreement with the exact solu-
tion is shown.
Slug Calorimeter Critique
Ideally, the purpose of the Apollo calorimeter is the determination of the
unperturbed heat transfer coefficient and/or the shock layer radiation.
The relationship between the thermal environment and the actual heat received
by sensors mounted in an ablative heat shield was discussed in Section 3.1.
The previous discussion has been concerned with the energy interchange
within the calorimeter assembly. A detailed study of the calorimeter
response characteristics and the subsequent development of a data reduc-
tion model has been given. This model in conjunction with the aforemen-
tioned environment relations provides a means of determining the convec-
tion coefficient (assuming shock layer radiation is known).
The error in the reduced data represents an accumulation of the uncertainties
in the temperature measurement and in predicting the sensor response, radi-
ation, and sensor-environment interaction. These uncertainties can be
minimized if appropriate design features are incorporated into the calorim-
eter. Desirable thermophysical characteristics which would enhance the
data reduction are enumerated below and design features which promote each
characteristic are delineated.
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Sensor Temperature Measurement
i. Maximum Temperature Gradient, dT/de
a) low capacitance
b) minimum heat losses
c) high output thermocouple
e Good Sensor-Thermocouple Contact
a) welded thermocouple junction-sensor joint
b) compatible thermocouple-sensor thermal expansion coefficient
o Minimum Thermocouple Draw Down Effect (Conduction)
a) equal thermocouple-sensor thermal conductivities
b) horizontal mounting of thermocouple leads in sensor
c) minimum thermocouple diameter
• Sensor Response
I. Minimum Radial Heat Leak (Minimum Radial Temperature Gradient)
a) sensor concentrically encased in a low conductivity sealant
or
b) air gap between sensor and concentric guard; the guard side
having a low emissivity coating and supporting tabs having a
low thermal conductivity
c) equal capacitance per unit surface area of the sensor and
guard (this could be accomplished by boring holes within
the guard or increasing thickness of sensor).
2. Minimum Axial Heat Loss
a) air gap - radiation shield sandwich arrangement
e Minimum Axial Temperature Gradient
a) maximum sensor thermal conductivity
b) minimum sensor thickness
c) maximum axial thermal guarding
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Shock Layer Radiation
I. Isolate and Measure Shock Layer Radiation
a) cover calorimeter with an optically thin window
b) radiometer measurements, etc.
Sensor-Environment Interaction
I. Minimum Surface Temperature Variation (Minimum Reaction Rate
Variation)
a) minimize radial temperature gradient (see above)
b) compatible calorimeter - ablator emissivity and effective
capacitance.
o Minimum Calorimeter Protrusion
a) high calorimeter material porosity (equalize calorimeter
and ablator erosion rates), or
b) stagger stacked calorimeters (expose new calorimeters
before significant protrusion occurs) e.g.
-S/W/_-LD
c) reduced abruptness of surface discontinuity, e.g.
In general, the proposed calorimeter configuration incorporates many
favorable design characteristics. For example graphite for the sensor
material is a particularly good choice with respect to reducing tempera-
ture gradients. The radiation shields are effective in reducing axial
losses. The design also reflects a serious attempt to reduce radial heat
losses through the use of concentric guard and insulator rings. It is
evident from the previous discussions of the environment-ablator-calorimeter
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interaction that certain design improvements are warranted. Consideration
should be given to increasing the effectiveness of radial heat guarding;
better insulation of the sensor should be possible employing a less complex
configuration. Particular emphasis should be placed on reducing the calorim-
eter protrusion effect. This is one important phenomena which is not amen-
able to accurate analytical or experimental interpretation. Calorimetric
measurements of the shock layer radiation is another critical problem which
should be studied. Measurement errors, although not as critical, can also
be reduced. For example, welding of the thermocouple-sensor junction (a
compatible metal would have to be molecularly bonded to the graphite)
would enhance the integrity of the temperature measurements.
A number of desirable design features and approaches have been indicated.
In some cases they tend to conflict in promoting different favorable cal-
orimeter characteristics. It is also evident that certain features are
impractical from the fabrication standpoint. The ultimate design will
represent a judicious trade-off between these considerations.
3.2.2 Asymptotic Calorimeter
Asymptotic calorimeters afford a relative simple means for measuring moder-
ate heat fluxes. This instrument generates an emf which ideally is directly
proportional to the heat input and its small time constant permits its
application in highly transient environments. Since radiation and conduc-
tion losses are small, heat transfer occurs primarily in radial conduction
through the disk and thus the heat flux-emf output can be theoretically
predicted to first order accuracy. Calibration testing is conducted to
provide corrections for the perturbations from ideal response arising from
thermocouple conduction losses, thermophysical property variations, and
manufacturing tolerances. The primary disadvantages of this instrument
are the restriction to low surface temperatures (and consequently moderate
heating rates), and the inherent parabolic surface temperature distribution.
The latter effect, which causes difficulty in evaluating the convection
coefficient when surface and recovery temperatures are comparable, is of
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minor importance in the present situation (see Section 3.1.2.2). The mag-
nitude of the surface temperature relative to the ablator's is what must
be carefully considered here. In Apollo application the asymptotic calorim-
eter will be subjected to a rapid streamwise decay in heat flux as a result
of the abrupt discontinuity in wall temperature experienced at the calorim-
eter edge. Since the theoretical predictions and calibration tests are
based on uniform heating an appropriate correction must be made. Also
since the temperature distribution is assumed to be quasi-steady possible
perturbations to the theory arising in a highly transient environment
should be examined.
In the following section the characteristic time constant for a representa-
tive asymptotic calorimeter (Fig. 3-11) is determined. The magnitude of
the error in the heat flux attributable to a time lag is indicated. The
temperature distribution associated with non-isothermal heating, specifi-
cally a step change in wall temperature, is analyzed. The differential
equations describing the two-dimensional temperature distribution are
solved to yield an explicit expression for the sensor output (center to
edge temperature difference) in terms of the non-isothermal heating param-
eters. Finally a critique of the asymptotic calorimeter is given and sug-
gestions are made as to its improvement.
Transient Response Characteristics
The time response associated with the instantaneous application of a con-
stant heat flux was examined in Ref. 3.20. If the disk is considered
thermally thin and the driving heat rate is independent of location the
temperature distribution is described by the differential equation
_---O r
with the boundary conditions
(3.]_3)
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T(I,e) = constant
T(r/R,O) = T(l,e)
aT(O_@) = 0
a r/R
q(8_O) = 0 q(e_O) = constant
Solutions were presented in Ref. 3.20 giving the unaccomplished temperature
change (percent of temperature rise remaining to its time infinite value)
as a function of time. These results are applied to the present configura-
tion using the following properties:
Disk radius = 0.130"
Thermal diffusivity (constantan) = 0.237 ft2/hr (Ref. 3.21)
It is found that after i second of heating the center temperature is within
2.1% of its final value. Conversely, the time is 1.4_ seconds if the cri-
terion of a one percent error is used.
These results may be easily extended to the case of a time varying heat
flux. To a first order approximation the unaccomplished change in the
temperature differential following a step change in heat flux qi at ei
is given by _ (0-_I
where K is the time constant for the calorimeter. For the particular con-
figuration being considered, Eq. (3.1_) yields results in good agreement
with the exact solution of Ref. 3.20 if the time constant K = .31 second
is used. Now this equation is extended to a transient heat pulse by repre-
senting the heat flux history with a series of steps, so that
J
or, in differential form
(3.m5)
3-57
LOCKHEED MISSILES & SPACE COMPANY
(3.146)
The time response error in the asymptotic calorimeter measurements is most
easily indicated by assuming a linear heat flux variation, q = constant X@.
Equation (3.146) can then be integrated from 0 to Z" to yield
or the percent error in the measured heat flux is
For a time of _ seconds a 6.2% error is incurred but by the time of peak
heating (e-----60seconds) the error has decayed to 0.5%. Although this error
is probably of secondary importance relative to other possible perturbations
it should be considered in assessing the accuracy of the measured heating
rates. If possible, the disk material should be one with a large thermal
diffusivity thereby reducing the time lag.
Non-isothermal Heat Flux Analysis
The streamwise variation in the heat flux resulting from a non-isothermal
surface condition was discussed in Section 3.1.2.2. It was sho_n that for
the asymptotic calorimeter, the temperature distribution may be treated
as a single step change at the calorimeter edge. As a consequence of the
discontinuity a rapid decay in the surface heat flux is experienced. Fol-
lowing is a solution for the temperature distribution in an asymptotic
calorimeter accounting for this heating distribution. Coupling between
the transpiration and non-isothermal effects is neglected to permit a tract-
able analysis.
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For steady-state heat conduction on the sensing disc the heat balance on
the thermal sensing area is given by
(3._8)
with the boundary condition at r = R of T = constant. The effect of a
non-isothermal wall on the heating rate was discussed in Section 3.1.2.2.
The resultant heat rate is given by Eq. (3.131):
where the e ec nre - imensional compressible flow is accounted for
by coordinate s. Employing Eq. (3.116):
lx- )
the expression for the heating rate may be approximated by
or
where
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(3.15o)
(3.151)
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Therefore the heat balance, Eq. (3.148), becomes
I J a_ _P _
_R _ p r
--=- (3.153)
The solution to this equation will be linear in A and B. Therefore it can
be solved by superimposing the solution to the following two separate
problems:
Problem A
(3.154)
with T(I,@) = constant. The solution to Eq. (3.154) is easily shown to be
(3.155)
at r = O,
z
,- ,,):(,,,--1,,- (3.156)
Problem B
(3.157)
The solution to this problem is of the form
, (3.158)
Of particular interest is the solution at r = O,
,, ,,): (3.159)
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Equation (3.157) is not readily amenable to analytic solution and there-
fore finite difference techniques have been used. A particular solution
was obtained employing representative conditions. The temperature correc-
tion was obtained as a function of location and BR2/k@ for each flow regime
_ince f(r/R,@) differs for laminar and turbulent flow). The results of
the numerical solutions are shown in Fig. 3-21 for the center of the sens-
ing disc.
The solution to the general problem is then
z r
at r --0,
(3.16o)
Ar--A_ ÷A_ (3.161)
The heating rate distribution along the centerline of the sensing disc is
shown in Fig. 3-22 for a representative temperature discontinuity in both
laminar and turbulent flows. The corresponding temperature distributions
are shown in Fig. 3-23. Comparison to the results for a constant heat rate
over the disc is also indicated. The departure from a symmetric tempera-
ture distribution is not large for the case considered, but temperature
levels are significantly changed. This is manifested in Fig. 3-21 as a
linear dependence of the temperature correction on the heat flux parameter,
BR2/k_. As the relative sensor size is reduced the heat flux gradient is
increased causing the position of peak temperature to move upstream. This
slightly reduces the non-isothermal effectiveness and the slope of the cor-
rection curve in Fig. 3-21 decreases. The distortion in the heating rate
and surface temperature and hence the temperature correction are greater
for laminar flow than turbulent flow. The difference arises primarily
from the smaller values of B for turbulent flow at the same environmental
conditions.
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The results presented in Fig. 3-23 at the center of the disc, r = 0 were
obtained using Fig. 3-21 and Eq. (3.156). Similar data were used to deter-
mine the perturbation at the other points along the centerline. At r = 0
the non-isothermal wall effect results in an increase in wall temperature
of h7% for laminar flow, but only 10% for turbulent flow for the conditions
assumed. These perturbations would directly affect any heat rate predic-
tions made from these temperature differences. If the non-isothermal wall
effect is neglected, B = O, then Eq. (3.161) reduces to Eq. (3.156), i.e.,
the heat rate is directly proportional to temperature difference. Thus
the heat rate would be overpredicted by the same amount the temperature
difference is perturbed. It is clear that a knowledge of the type of flow
that exists at the calorimeter location is of fundamental importance in
determining the error in the temperature difference.
The foregoing material provides the influence of the non-isothermal wall
conditions for an ideal calorimeter. In practice, complete reliance on
the theoretical results is not permissible. Calibration test data must
be utilized to determine the corrections to ideal behavior. Assume that
the test data which are obtained for uniform heating maybe conveniently put
in the form
g
.=&T ,,_
where fc is a correction factor which is a weak function of AT. Then,
it should be permissible to use the same correction factor, fc, in predict-
ing calorimeter temperature response or reducing heat rates for the non-
uniform flight heating situation. For example,
(3.162)
(3.163)
Asymptotic Calorimeter Critique
Perturbations to the ideal calorimeter heat input-temperature response
relation have been considered. It has been shown that the effect of a
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time lag is of secondary importance and means have been developed to
account for a streamwise decay in heat flux resulting from the discontin-
uity in surface temperature. Any additional perturbing phenomena are
assumed to be included in the experimental calibration curve for the
instrument. Since a perfect empirical accounting for these effects is
impossible, the design of calorimeter should be such as to either reduce
uncertainties or enhance the validity of the correction procedures.
Accordingly, the following suggestions are made as to the design and cali-
bration of the asymptotic calorimeter:
• The disc material should have a maximum thermal diffusivity compatible
with the structural and emf output requirements; the purpose being to
reduce the time lag.
• The disc-body-thermocouple lead material combination should be reviewed
with the intent of obtaining the maximum emf output for a given heat
input, i.e., minimum disc thermal conductivity in conjunction with max-
imum thermoelectric effect are desirable.
• The design should seek to reduce internal perturbations to ideal
response. Desirable are:
a) minimum conduction losses to thermocouple (minimum wire diameter)
b) isothermal body (high conductivity, high capacity)
c) minimum radiation losses to cavity (high reflectivity surface)
• Calibration testing should be comprehensive enough to verify that
internal perturbations are properly accounted for.
The calorimeter design and calibration should also be commensurate with
its basic objective of obtaining the cold wall convection coefficient
and/or shock layer radiation. Accordingly, many of the suggestions made
with regard to the slug calorimeter are applicable here. Of particular
significance are the types of installations that may be used to reduce the
effect of gage protrusion.
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The non-isothermal correction employed for the asymptotic calorimeter
neglected perturbations arising from upstream mass injection. The effect
of transpiration on the non-isothermal correction was studied in Section
3.1.2.2; the results indicate that the heating rate attributable to a step
surface temperature change would be increased the order of 20%. Effort
should be made to include this second order effect in the interpretation
of calorimeter data. Since the analysis procedures employed in this inves-
tigation are necessarily approximate, further calibration testing to cor-
roborate the theoretical corrections for perturbations in the surface heat
flux (i.e. mass blowing, non-isothermal wall, etc.) is warranted.
3.3 DATA INTERPRETATION PROCEDURES
The foregoing sections have developed procedures for predicting the environ-
ment experienced by and response of heat flux sensors mounted in an ablative
heat shield. Application of these procedures will enable pre-flight predic-
tion of sensor measurements for subsequent comparison with flight test data.
Such comparisons would provide early insight to the validity of theoretical
predictions of the entry heating. However, they would provide no direct
indication of the magnitude of heating differences. In order to obtain
such information, the environment and response prediction techniques must
be inverted. Specifically, a procedure for operating on the sensor response
data to produce environmental information is desired. Ideally, this pro-
cedure would yield the radiation and convection heating histories given
only the sensor output data and trajectory conditions.
This section first examines the sensor response predictions for the slug
and asymptotic calorimeters. The intent is to delineate the important
environment-gage interactions and to illustrate the application of the
analysis procedures. Then the inverse problem is discussed with respect
to the slug calorimeter. The basic procedure of obtaining non-blowing
convection coefficients from the reduced heat input, being identical for
both calorimeters. Finally, the possible uncertainties in response predic-
tions and data reduction are discussed.
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It is evident that the environment-calorimeter interactions are more complex
for the capacitance type gage. Accordingly, the methods for describing
the thermal response of and reducing data from a slug calorimeter have been
coded for computer use. Three separate program have been developed:
• CALORIMETER RESPONSE
• SENSOR DATA REDUCTION - I
• SENSOR DATA REDUCTION - II
The formats for these programs are described in Volume II.
In the following section typical calorimeter temperature histories, generated
for the slug calorimeter by the CALORIMETER RESPONSE program and by hand
for the asymptotic type are discussed. The inverse problem of obtaining
the convection coefficient from the sensor temperature history is illustrated
by presenting results from SENSOR DATA REDUCTION. The aerothermal environ-
ment considered corresponds to that obtained on the Apollo forebody during
entry along Trajectory 1. The particular calorimeter configurations studied
are described in Fig. 3-11. (Numerical definition of the calorimeter char-
acteristics may be obtained by referring to Table 3.1.
3.3.1 Prediction of Calorimeter Temperature Response
Slug Calorimeter
The governing equations describing the temperature response of a slug
calorimeter were described previously. Given the physical constants of
the system, the aerothermal environment and the response of the upstream
ablator, the problem is completely specified. A summary of the pertinent
equations is given in Volume II, and physical constants are given in
Table 3.1. It should be noted that the guard capacitance is increased by
26% to account for conduction losses. For a different configuration this
value may not be applicable and a new constant must be determined from a
detailed solution for the thermal response characteristics. The ablator
and environment histories necessary for the CALORIMETER RESPONSE program
may be manually input or directly generated by the TRANSIENT program (see
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Volume II. The following solution constitutes only a representative
example in that first order methods were used in determining the Apollo
aerothermal environment.
The heat flux to a calorimeter located at the geometric center of the
Apollo forebody is shown in Fig. 3-2. The time variations of the param-
eters influencing the various shield-sensor interactions are presented in
Fig. 3-24. The corresponding temperature and surface erosion histories
are depicted in Figs. 3-25 and 3-26, respectively. The assumed occurrence
of transition at about 66 seconds with associated abrupt changes in heat-
ing level is useful in illustrating the adaptability of the program. The
upper curve in Fig. 3-2 represents the heat which would be transferred to
the calorimeter in the absence of any interactions. Effects of the dif-
ferent interacting phenomena on the heat flux are indicated by the separa-
tions between the several curves. It is seen that mass injection drastically
reduces the incident flux while the other phenomena exert a relatively
minor influence. The implication is that the convective heating experienced
by the calorimeter and heat shield are very nearly the same.
Guard and sensor temperatures are shown to agree closely, both initially
lag behind the ablator temperature. Following peak heating, calorimeter
temperature exceeds that of the upstream surface. Accordingly, the non-
isothermal effect increases the heat flux prior to peak heating and decreases
it thereafter.
Surface erosion results emphasize the need to examine further the effect
of protuberances. With the occurrence of turbulent heating and the asso-
ciated higher erosion rates for the ablator, the gage protrusion may be
the order of O.10 in. The thickness reduction of the sensor and guard are
not particularly significant; the capacitances are changed only slightly.
Surface combustion is seen to have a relatively significant effect, increas-
ing the heat flux particularly at later times. The late time behavior
results from the cessation of upstream surface combustion and the attendant
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rise in oxygen concentration near the surface. With oxygen availability
increased, sensor surface erosion is maximized. At very late times, the
sensor surface temperature may be expected to drop to the point where reac-
tion rates become very slow and surface combustion effectively ceases.
The influence of calorimeter location on the sensor temperature response
may be inferred from Fig. 3-27_ It is evident that transition is the
dominant phenomenon. The sensor located at x/Rma x = 0.26 experiences
only laminar heating and initially will exhibit the highest temperature
for the three locations. With the advent of turbulence at X/Rmax = 0.86
the temperature levels for the two forward positions quickly become com-
parable. At distances further downstream the duration of turbulent heat-
ing is increased as evidenced by the increased magnitude of the sensor
temperature at x/Rmax = 1.61.
It is necessary to qualify the validity of the results for times in excess
of 120 seconds. Between approximately 120 seconds and 250 seconds, the
TRANSIENT solutions are unavailable as a result of the low heating rates.
A correct prediction of the calorimeter response requires judicious inter-
polation in specifying the upstream ablator conditions. The same comment
also applies to the inverse problem of determining the heat transfer coef-
ficient discussed later. The values presented in this time interval should
not be considered reliable but only indicative of the trend.
The results presented here demonstrate the adaptability as well as the
applicability of the calorimeter response program. The methods incorporated
in the code are considered as realistic as the state-of-the-art permits.
Asymptotic Calorimeter
Methods for determining the differential temperature response of an asymp-
totic calorimeter accounting for perturbations to the ideal response were
developed in Section 3.2.2. The temperature or emf output is given by
Eq. (3.163).
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AT= -/-/2 (3.163)
g2(BR2/k_fc) accounts for the non-uniform heating resulting fromThe term
the discontinuity in surface temperature distribution. This temperature
correction is presented in Fig. 3-21. fc is a calibration constant account-
ing for miscellaneous phenomena which further perturb the ideal response.
The procedure for determining the temperature response is similar to that
employed for the slug calorimeter. The problem is completely specified once
the physical characteristics of the sensor and the thermal response of the
upstream ablator are known; in particular ho, h/ho, and _ are required.
The enthalpy of the calorimeter body (H2) is assumed invariant and equal
to its initial value. Since the heating rates will be relatively low,
if the calorimeter body is large compared to the disc, this cold junction
temperature will change very little during a reentry heating period of the
order of 300 seconds. For environments which de not permit this assump-
tion, it is necessary to know the surface temperature of the body either
by direct measurement or by analytical determination.
Consideration is given here to the asymptotic calorimeter shown in Fig.
3-11. It is assumed that this instrument is located on the windward after-
body at x/_x-0.79 , measured from the stagnation point. The ablator response
is evaluated using the CHIRP program discussed in Ref. 2.123. The manu-
facturer's specifications on this instrument yield
fr_C o_ (3.16L)
The pertinent physical constants are given in Table 3.1. Applying the
aforementioned procedure gives the differential temperature response curves
presented in Fig. 3-28. For comparative purposes the ideal response asso-
ciated with the upstream heating is also shown. It is seen that the non-
isothermal effect contributes as much as 20 degrees to the calorimeter
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output. For late times the percent deviation is increased as the step
change in surface enthalpy becomes comparable with the enthalpy potential.
3.3.2 Prediction of Environment
The primary objective of a calorimeter is the measurement of the unperturbed
heat flux given only the sensor temperature history. Ideally, both the
non-blowing convection coefficient and shock layer radiation are desired.
Unfortunately_ reduction of the sensor temperature data provides only the
net heat transfer to the surface. Further information can be obtained
only if either the convective or radiative heat flux can be specified.
For the early Apollo trajectories (entry at about orbital velocity) radi-
ation will be relatively low. It has therefore been assumed throughout
this study that radiation can be specified with sufficient accuracy to
be subtracted from the net heat transfer. The unperturbed convection coef-
ficient is then backed out employing correction methods developed previously.
The various instrument-environment interactions which occur at the surface
and internally preclude a closed form procedure for reducing the non-ablating
convective coefficient from the temperature response of the sensor. A
simple recourse is to evaluate the heat flux at a given time employing
the current sensor temperature-time derivative and the results obtained
at the preceding time step. In such a procedure an accurate solution
requires a small time step. The calorimeter response program described
in Volume II has been inverted employing such a procedure to enable
evaluation of the convection coefficient. The inverted code is entitled
SENSOR DATA REDUCTION. Response of the upstream ablator may be dealt with
in two ways and thus two forms of the program have evolved:
I. The program is coupled to TRANSIENT
II. The ablator response is input
Program I is employed when insufficient information concerning the response
of the ablator is available. This program provides a predicted history
of shield ablation as well as the heat transfer coefficient. If sufficient
quality flight data is obtained then SENSOR DATA REDUCTION II will yield
the most credible interpretation of the sensor response.
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Inputs to the program include the physical and thermal characteristics of
the calorimeter and the smoothed temperature history of the sensor. Also
required is the history of the shock layer radiation, total enthalpy, local
pressure and enthalpy and the critical Reynolds number. Evaluation of the
convection coefficient at a given time is determined from a thermal balance
on the slug using the current sensor temperature gradient with all heating
rate dependent quantities obtained from the previous time step. Having
determined the convection coefficient the procedure is identical to that
employed in CALORIMETER RESPONSE and TRANSIENT resulting in new conditions
for the guard and upstream ablator. One simplification was made in the
code: the local transpiration effect for the sensor is taken to be the
same as for the upstream ablator.
An example result from this program is provided in Fig. 3-29 which depicts
the unperturbed heat transfer coefficient (ho). The sensor temperature
history corresponds to that shown in Fig. 3-27. The time step was 0.5
seconds for this example and yielded only a small error between the calcu-
lated and exact (corresponding to the values used to generate the tempera-
ture history) convection coefficients. One point should be emphasized
concerning use of this program; it is imperative that the input sensor
temperature be devoid of fluctuations; i.e., it must be smoothly varying.
Crude representation of the temperature history was found to cause irreg-
ularities in the heat flux response.
3.3.3 Influence of Uncertainties
It is of practical interest to assess the possible uncertainties associ-
ated with predicting the calorimeter response or conversely in backing
out the convection coefficient from measured temperatures. Accordingly,
consideration is given to the influence of perturbations in the ablation
model and in the transpiration effect. The following two limiting situ-
ations were studied:
I. the heat absorption capability of the pyrolysis gases is half
the nominal value
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2. the transpiration effect is represented by the upper limit in
uncertainty (see Fig. 2-66).
Halving their heat absorption capability is to roughly represent the
possible uncertainty in the thermophysical properties employed in describ-
ing the ablation mechanism. This is accomplished by decreasing the sensible
and chemical enthalpy rise by a factor of 2 in computing the pyrolysis rate.
Consequently the injection of pyrolysis gases increases by about 40%.
Conversely perturbation of the transpiration effect constitutes an upper
limit in ablation gas cooling of the convective heating.
The TRANSIENT and CALORIMETER RESPONSE programs were altered to incorporate
these perturbations and the previous problem was rerun. The resulting
perturbations in the sensor convective heating and temperature response
are depicted in Figs. 3-30 and 3-31, respectively. Reduction of the trans-
piration effect is seen to increase the convective heatimg and consequently
the sensor temperature. The opposite effect is evidenced when the heat
absorption capability is perturbed. These trends are primarily attributable
to the transpiration effect and the resulting heat transfer coefficient.
It is interesting to observe that these relatively large perturbations
have a rather small effect on the calorimster temperature. The implication
is that the interrelations between the various ablation phenomena tend to
damp out any perturbations. Of more practical importance is the spread
between the temperature curves, demonstrating the necessity of obtaining
flight data with minimal distortion.
The SENSOR DATA REDUCTION - I program was used with the nominal pyrolysis
gas enthalpy and transpiration effect data to generate convection coeffic-
ients from the perturbed temperature histories (Fig. 3-31). The environment
prediction is presented in Fig. 3-29. The spread in the results is indica-
tive of the uncertainty in the convection coefficient as reduced from flight
data. For example, assume the nominal mass transfer cooling curve (Fig. 2-66)
is overly optimistic and flight data yielded the upper curve in Fig. 3-21.
Reduction of this temperature history would result in overprediction of
the convection coefficient.
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3.4 SU  RX
The objective of this work has been to provide reliable procedures for
reducing inflight calorimeter measurements, For this purpose, a comprehen-
sive review of the factors affecting heat sensor environment and performance
has been conducted and analysis techniques have been developed, Attention
was devoted to determining the relation between the convective heating
experienced by the shield and the sensor, and to describing the associated
thermal response of representative calorimeters. It was assumed that shock
layer generated radiation was either of minor importance or could be defined
separately from theoretical or experimental means. Emphasis was placed on
deriving general methods readily adaptable to various aerothermal environ-
ments and calorimeter configurations. In assessment of the aerodynamic
heating, consideration was given to the following coupling effects between
the upstream shield and calorimeter: upstream mass injection and surface
combustion, and discontinuous surface temperature variation. The thermal
exchange within the gages was carefully examined and subsequently a rela-
tively simple numerical model was evolved which properly accounts for all
significant modes of energy storage and transfer. The study was culminated
in the presentation and discussion of calorimeter thermal response for a
typical Apollo reentry situation.
3.h.l Conclusions
Calorimeter Environment
Techniques have been developed to account for the effects on sensor convec-
tive heating of streamwise variations in surface temperature and discontin-
uities in surface mass injection and reactivity. These methods are based
on approximate solutions to the non-similar boundary layer equations. The
convection heating was described by treating each interaction phenomena
independently. Examination of the coupling between mass injection and the
non-isothermal correction shows this to be a reasonable approximation for
the slug calorimeter.
3-72
LOCKHEED MISSILES & SPACE COMPANY
For abrupt changes in surface temperature the convection coefficient decays
exponentially from an initial value which may approach infinity to an undis-
turbed value far downstream. The variation in the transpiration effect
following a step change in surface injection is less severe as it decays
from its upstream to downstream value. When the calorimeter dimensions
are small relative to the upstream flow length little error is incurred if
the upstream transpiration effect is employed in evaluating the sensor heat-
ing. An approximate approach was employed in assessing the effect of a
discontinuity in surface reactivity on the downstream combustion rate.
Surface erosion is evaluated assuming the combustion rate is either:
(1) diffusion controlled following a step change in the surface oxygen con-
centration, or (2) reaction rate controlled with a maximum wall conc@ntra-
tion of oxygen. Both solutions provide upper limits and thus the one yield-
ing the lowest value provides the most realistic result.
The influence of gage protrusion resulting from differential surface reces-
sion would appear to be significant. Unfortunately this effect is not
amenable to analytical interpretation and consequently it was neglected.
Calorimeter Performance
The thermal interchange within the slug calorimeter was carefully examined
for a typical thermal environment. Effects which perturb the ideal response
(the ideal calorimeter either stores the heat input in a uniform tempera-
ture sink or reradiates it) were delineated. It was shown that for the
slug calorimeter of interest, axial heat losses, axial and radial tempera-
ture gradients, and temperature measurement errors are minor. Perturba-
tions resulting from radial conduction and radiation are significant.
Modifications which would enhance calorimeter performance were delineated.
These included means for minimizing radial heat loss and possible techniques
for reducing calorimeter protrusion effects.
A simple, two-capacitance thermal model of the complex slug calorimeter
was devised in which guard-insulation conduction losses are accounted for
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by using an effective capacitance. The model is expected to provide a
reliable and efficient means for reducing temperature data.
The ideal asymptotic calorimeter generates an emf in direct proportion to
the net heat input. Experimental calibration of this device yields a pro-
portionality constant which accounts for perturbations in the thermophys-
ical properties of the instrument. Perturbations arising from non-uniform,
transient heating which are not accounted for in calibration testing were
theoretically examined. The time lag for the calorimeter investigated is
of secondary importance.
Non-isothermal heating resulting from the step change in surface tempera-
ture occurring at the shield-sensor interface will significantly distort
the sensor temperature distribution. Accordingly, procedures were developed
to account for this effect in interpreting the calorimeter output.
Data Interpretation Procedures
The results of this study yielded an analytic procedure for describing the
relation between the aerothermal environment and calorimeter response.
Applying these methods in a forward manner yields the thermal response of
the calor±meter given the basic environmental conditions. Inversion of the
procedure results in a means for flight data interpretation. For the slug
calorimeter the relevant equations were coded for digital computer appli-
cation.
The analysis procedures describing the thermal response of the slug and
asymptotic calorimeters were applied for a representative Apollo reentry
situation. For a slug calorimeter the dominant environment-sensor inter-
action is the transpiration effect; discontinuities in surface temperature
and reactivity exert a minor influence. Gage protrusion becomes signifi-
cant as the surrounding heat shield erodes. When the protrusion is small,
the heat rate sensed by the slug calorimeter is very nearly that experienced
by the ablator. The magnitude of the non-isothermal and transpiration
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effects are comparable in perturbing the response of the asymptotic calorim-
eter. The discontinuity in surface temperature causes roughly a 20% change
in output at peak heating and larger changes at later times. The influence
of uncertainties in the transpiration effect and ablation model on interpre-
tation of the flight measurements were indicated by exercising the data
reduction program for the slug calorimeter. In particular, conservative
limits on the transpiration effectiveness and the heat absorption capability
of the gases were employed. The influence of these uncertainties on the
reduced, unperturbed convection coefficient is significantly attenuated as
a result of the interrelationship between the ablation phenomena.
3.4.2 Recommendations
Calorimeter Environment
• Experimentally determine the influence of gage protrusion on local
heat transfer for environmental conditions of interest.
• Theoretically study the effect of gaseous ablation products on the
downstream heat transfer.
• Develop fully-coupled, numerical (finite difference) solutions
of the boundary layer equations for more accurate assessment of
effects of non-similar boundary conditions.
• Devise calorimetry techniques for accurately distinguishing between
radiation and convection heat transfer.
Calorimeter Design
• Reduce radial heat losses in the slug calorimeter. Experimentally
measure the value of the contact resistances.
Design and/or install calorimeter in such _ manner as to reduce
the protuberance effect.
Validate theoretical model of slug calorimeter performance by com-
paring prediction against calibration test data.
3-75
LOCKHEED MISSILES & SPACE COMPANY
Data Interpretation Procedures
o Code equations for asymptotic calorimeter for digital computer
use. The non-isothermal correction for the asymptotic calorimeter
should be extended to include coupling of the transpiration effect.
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Aa,b_c,
B
B'
C1
C, C
0
c
P
Cf
d
D
e
Fo
f
fl
f
C
h
H
I
k
K.
i
K
L
Le
fn
M
N
q
Q
Qc
NOTATION
area; constants
constants, Eq. 3.25
blowing parameter, Eq. 3.29; constants
blowing parameter, Eq. 3.92
capacitance, Eq. 3.138
compressibility constants, Eq. 3.14
specific heat at constant pressure
skin friction coefficient
surface distance parameter, Eq. 3.116
thermocouple diameter
temperature measurement error
radiation interchange factor, Eq. 3.140
Fourier number
non-isothermal parameter for an arbitrary surface temperature
distribution, Eq. 3.77
non-isothermal parameter for a step change in surface tempera-
ture, Eq. 3.71
asymptotic calorimeter correction, Eq. 3.157
heat transfer coefficient
enthalpy
total enthalpy ratio, Eq. 3.14
forward reaction rate constant; conductivity
mass concentration
arbitrary constant
surface distance to temperature discontinuity
Lewis number
mass injection rate
molecular weight
surface distance parameter, Eq. 3.1_16
heat flux rate
heat flux
heat of combustion of carbon
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Pr
r
R
s
St
T
t
U,V
u,v
x
Y
g
P
C
0
/)
P
(YSB
0"
Prandtl number
radial coordinate
radius; resistance, Eq. 3.139
transformed surface distance, Eq. 3.12
surface recession rate
Stanton number
temperature
transformed coordinate normal to surface, Eq. 3.12
transformed components of velocity parallel and normal to surface
components of velocity parallel and normal to surface
surface distance from stagnation point
distance normal to surface
proportional; flow constant, Eq. 3.22; thermal diffusivity
flow parameter, Eq. 3.102
flow parameter, Eq. 3.102
sensor thickness
the Gamma function
surface emissivity_ geometric index
similarity coordinate, Eq. 3._
momentum thickness, Eq. 3.20; time
viscosity
kinematic viscosity
normalized distance, S/So; integration variable
density
Stefan-Boltzmann constant
flow parameter, Eq. 3._3
transformed shear stress, Eq. 3.20
dimensionless enthalpy profile, Eq. 3.29; angle
Subscripts
a air
a,b integration variables
C carbon
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Ch
D
e
G
GS
i
k
N
O
PG
r
s
sw
t
T
U
w
0
1,2
char
region downstream of a surface discontinuity
boundary layer edge
guard
effective area for radiation interchange G_S
species
discontinuous wall concentration effect
nit ro gen
oxygen
pyrolysis gas
radiation; recovery
sensor
shock layer radiation
total conditions
non-isothermal effect
region upstream of all surface discontinuities
wall
with zero injection; at surface discontinuity; stagnation
geometric indicies
Superscripts
average; assumes similarity conditions
elemental
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